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Abstract 8 

Liquid hydrogen (LH2) is a proposed option to decarbonise long-haul aviation. LH2 9 

aircraft (combustion-based) is expected to be lighter than Jet-A aircraft which necessitates 10 

reduction in the engine thrust requirement. Thus, the thermodynamic and energy performance 11 

of a LH2 aircraft engine, and its design and optimisation, is of significance. In a first, a 12 

conceptual design and optimization of a future LH2 powered ultra-high bypass-ratio geared 13 

turbofan engine is conducted for reduced aircraft thrust requirement, using GasTurb 13 14 

software and implementing future materials and component efficiencies. The thrust specific 15 

energy consumption (TSEC) of the optimised LH2 engine is 6 – 8% lower than Jet-A. The 16 

TSEC of LH2 engine is lower than Jet-A due to hydrogen’s higher gravimetric energy density 17 

during combustion, higher specific heat of combustion products, and reduced thrust 18 

requirement. It is observed that optimised LH2 engine has 11% smaller diameter, 5.5 – 7.5% 19 

shorter length, 6 – 14% lower turbine entry temperature and 7.4 – 17.6% lower weight, than a 20 

Jet-A engine. The results of this work will be useful to future studies on LH2 engine and 21 

aircraft design, and LH2 aircraft emissions and contrails modelling. 22 
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Nomenclature 4 

BLI Boundary layer ingestion 

BPR Bypass ratio 

BWB Blended wing body 

CMC Ceramic matric composites 

FAR Fuel-air ratio 

FPR Fan pressure ratio 

GTF Geared turbofan 

GTOW Gross take-off weight 

HPC High pressure compressor 

HPT High pressure turbine 

IPC Intermediate pressure compressor 

LH2 Liquid hydrogen 

LPT Low pressure turbine 

LTA Large twin aisle 

OPR Overall pressure ratio 

P3 Total pressure at combustor inlet 

SLS Sea level static 

SPK Synthetic paraffin kerosene 

TET Turbine entry temperature 

TOC Top of climb 

TSEC Thrust specific energy consumption 

TSFC Thrust specific fuel consumption 

T/W Thrust to weight ratio 

T2 Fan inlet temperature 
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T3 Total temperature at combustor inlet 

T4 Turbine entry temperature 

UHB Ultra-high bypass ratio 

VLTA Very large twin aisle 

Φ Equivalence ratio 

1. Introduction 1 

Aviation demand is expected to double in the next two decades (2023 – 2042) even 2 

accounting the effects of the global COVID-19 pandemic [1]. The aviation sector presently 3 

contributes to 3.5% of the total manmade radiative forcing [2,3] but the forecasted growth in 4 

aviation demand will increase its relative contribution of climate impacts. The industry 5 

predicts that the use of low-carbon fuels and advanced aircraft technology could collectively 6 

contribute to 80% of the efforts required for carbon neutral growth [4]. 7 

Presently, only blended synthetic paraffin kerosene (SPK) from different 8 

manufacturing pathways (maximum 50% blending) is approved as an alternative fuel for civil 9 

aviation use [5–9]. Liquid hydrogen (LH2) as an aviation fuel is attractive due to its zero-10 

carbon emissions at the point of use in an aircraft. Long-haul aviation is a challenging sector 11 

to decarbonise [10,11]. Jagtap et al. [10,11] examined and reviewed different liquid fuels, 12 

energy vectors, and different propulsion systems (including batteries and fuel cells) for long-13 

range large aircraft application. The authors observed that LH2 (used in combustion-based 14 

engines) and 100% SPK are the only two alternative fuels for typical long-range flight in a 15 

conventional tube-wing large twin aisle (LTA) aircraft [10], and that improving overall 16 

efficiency and aircraft aerodynamics could make LH2 powered long-range aircraft more 17 

energy efficient compared to present-day Jet-A aircraft [12].  18 

LH2 as a fuel could power an aircraft via fuel cells (short-/mid- range small/mid-size 19 

aircraft) and/or combustion in gas turbine engines (large long-range aircraft) [10,13]. 20 
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Different studies [14,15,24–33,16,34–43,17–23] on LH2 aircraft focus on regional-/small-1 

sized to mid-sized tube-wing aircraft. Other studies on long-range LTA LH2 aircraft focus 2 

only on tube-wing aircraft performance modelling [44,45,54,55,46–53] or are not completely 3 

powered by LH2 [56].  4 

Jagtap et al. [10,12] observed that the gross take-off weight (GTOW) of (tube-wing) 5 

LH2 aircraft could reduce by 20% using the present aircraft technology and by 34% using 6 

2050 aircraft technology. Similar observations are made in studies [49,57,58]. This 7 

significant drop in the LH2 aircraft GTOW necessitates a reduction in the engine thrust 8 

requirement [10,12,35,58–61], which would decrease the size of an LH2 engine [59–61] and 9 

thus engine cycle design and optimisation is necessary for LH2 use.  10 

Considering the above discussion, the scope of the present work is limited to 11 

combustion based LH2 engine and its cycle design, and optimisation of the engine cycle is 12 

necessary to meet the reduced thrust requirement. Fuel cells are not explored in this work. 13 

Furthermore, the literature review below is focussed only on turbofan engine cycle and 14 

performance modelling, particularly for LH2 engine design and optimization for reduced 15 

thrust requirement and for its off-design performance. This enables LH2 aircraft performance 16 

estimation at a conceptual design stage. The reader is advised to explore works by: Brewer 17 

[50] for LH2 aircraft design performance, cryogenic tanks, and other aircraft subsystems 18 

design; Tiwari et al. [13] (review study) on LH2 aircraft subsystems, combustors and fuel cell 19 

systems, and studies by Prater [62] and Marek [63] on hydrogen combustors. In terms of 20 

literature on engine modelling, there are a limited number of studies [40,64,73–81,65–72] 21 

that provide engine cycle modelling data, especially for LH2 engines, and these are reviewed 22 

next concisely. None of these studies provide a detailed design and optimisation of a 100% 23 

hydrogen powered engine for reduced thrust requirement and these do not provide engine 24 

data on off-design performance at different points in the aircraft mission profile. 25 
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A study by Bijewitz et al. [64] designs (on-design point) an ultra-high bypass ratio 1 

(UHB) geared turbofan (GTF) engine for future aviation application using GasTurb 11 [82]. 2 

A study by Kestner et al. [65] simulates a future UHB engine to be used on a BWB aircraft 3 

(with podded engines or boundary layer ingestion) using NPSS [83]. A study by Greitzer et 4 

al. [73] designs a futuristic UHB engine using a novel and unconventional engine with four 5 

fans and two cores using NPSS [83] (for on-design) and GasTurb [82] (for off-design). A 6 

study by Nickol et al. [74] simulates the performance of futuristic UHB engines using NPSS 7 

[83]. The above studies are limited to only includes Jet-A engine performance modelling. 8 

A study by Beck et al. [67] conducts a first order examination of a large quad or very 9 

large twin aisle (VLTA) LH2 powered blended wing body (BWB) aircraft. However, there is 10 

no engine modelling conducted in this study and it calculates the thrust specific fuel 11 

consumption (TSFC) using a scaling factor based on the gravimetric energy density.  12 

Studies [66,68–72,75,79–81] simulate the performance of turbofan engines powered 13 

by LH2, and a concise review of these is conducted below followed by their shortcomings 14 

combined together as the limitations are common in all studies. Corchero et al. [66] conducts 15 

performance simulation of low bypass ratio (BPR) direct-drive turbofan engine powered by 16 

LH2 using GasTurb 8 [82]. Verstraete [81] simulates the performance of a low BPR LH2 17 

engine in GasTurb 12. Atma et al. [68] calculates the performance of a futuristic LH2 18 

powered UHB engine using NPSS [83]. Osigwe et al. [69] simulates a low BPR direct-drive 19 

turbofan engine powered by LH2 using their in-house developed model. Balli et al. [72] 20 

estimates the performance of a TF33 (low BPR) LH2 powered engine using their in-house 21 

model. Additionally, studies by Boggia et al. [79] and Jackson [80] model low BPR turbofan 22 

engine powered by LH2 using GasTurb 3.8. A study by Carter et al. [70] conducts 23 

performance simulation of a futuristic LH2 powered high BPR engine using NPSS [83]. A 24 

study by Görtz et al. [71] models the performance of a futuristic LH2 powered UHB engine 25 
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using GTlab [84] at cruise. As previously discussed, hydrogen aircraft are expected to have 1 

significantly lower GTOW than Jet-A. Therefore, the thrust requirement would be lower, and 2 

engine has to be optimized according to this reduced thrust requirement, thereby decreasing 3 

the size of engine. All of the above studies [66,68–72,75,79–81] simulate (uninstalled) engine 4 

performance of an unoptimized hydrogen engine for same turbine entry temperature (TET) 5 

(or higher thrust) and/or same thrust production (or lower TET) as that of Jet-A, and the 6 

engine performance data at off-design points are missing.  7 

A study by Marszalek [75] conducts performance simulation of an unoptimized low 8 

BPR turbofan engine powered by LH2 in MATLAB. However, it simulates (uninstalled) 9 

engine performance for a thrust value which is greater than that of Jet-A (rationale for this 10 

choice is unknown). A study by Emine et al. [77] simulates the performance of hydrogen in 11 

GEnx high bypass turbofan engine in 'engineering equation solver’ software. However, the 12 

baseline engine performance is unknown and thus performance comparison of hydrogen and 13 

Jet-A engine cannot be conducted.  14 

A study by Nercy et al. [58] models LH2 aircraft performance using simple engine 15 

performance estimation (in MATLAB) and this is disclosed in a study by Palies [78]. The 16 

engine performance calculation by Palies [78] is done using a isentropic thermodynamics-17 

based model for a thermal-powered narrow-body aircraft hydrogen-based engine. In the study 18 

by Nercy et al. [58], the author mentions that reduced aircraft mass implies reduced thrust 19 

resulting in reducing fuel flow rate. The engine performance modelling is described in the 20 

studies by Palies [78] whereas the effect of fuel weight is discussed in Nercy et al. [58]. 21 

Additionally, the latter study includes limited engine cycle data at cruise and sea level static 22 

(SLS), and other off-design points are missing. For LH2 engine, the emissions, fuel flow rate, 23 

and adiabatic flame temperatures are known at cruise and take-off. In Palies [78], the 24 

hydrogen engine operates at same thrust between baseline engine fuelled by sustainable 25 
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aviation fuel (SAF) and LH2. The engine cycle performance model with all equations is 1 

described in Palies [78]. The prior work [78] established a retrofitting procedure for hydrogen 2 

aircraft and the present work builds upon it by considering the effect of reduced aircraft 3 

weight on reduced thrust requirement and all major off-design points with on-design point 4 

analysis, for a clean-sheet (non-retrofit) design.  5 

A study by Derakhshandeh et al. [76] model the (uninstalled engine) design point 6 

performance of hydrogen powered General Electric GE90 turbofan engine cases 7 

(unoptimized and optimized) in MATLAB. The baseline engine BPR, overall pressure ratio 8 

(OPR), TET, and thrust are 8.1, 40.4, 1380.7 K, and 72.45 kN, respectively. For the 9 

unoptimized hydrogen engine only TET and thrust are known to be 1487.52 K and 80.59 kN, 10 

respectively. Lastly, for the optimized hydrogen engine, the BPR, OPR, TET, and thrust are 11 

10.3, 39.49, 1487.52 K, and 84.24 kN, respectively. It can be observed that the design 12 

characteristics of the unoptimized and optimized hydrogen engines are completely different 13 

than the baseline (GE90 turbofan engine). The rationale for this is not explained by 14 

Derakhshandeh et al. Therefore, any direct comparison of engine performance due to the use 15 

of hydrogen relative to Jet-A cannot be made.  16 

In summary, it can be observed from above reviewed studies [58,66,78–81,68–72,75–17 

77] on hydrogen engine cycle performance that there is clearly a need for a more detailed 18 

design and optimisation of a 100% LH2 powered engine and its performance at off-design 19 

points, to meet the reduced thrust requirement of an LH2 aircraft, and this is missing from the 20 

existing literature and thus motivates the present work. 21 

The objective of this work is to model the performance metrics of a future UHB GTF 22 

using Jet-A and LH2 (separately) at on-design and off-design points, where the LH2 engine is 23 

optimized for reduced thrust requirement. Using the engine on-design and different off-24 

design points data for Jet-A and LH2 (separately), the aircraft performance can be accurately 25 
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predicted as compared to using the simple Breguet range equation analysis conducted 1 

previously in [10,12,58]. Studies on the above discussed aspects are missing from literature 2 

and thus are novel contributions of this work. The above analysis will be conducted using a 3 

conceptual engine design process. The findings from this research will benefit future studies 4 

on design of LH2 engine and aircraft, as well as the modelling of LH2 aircraft emissions and 5 

contrails. To contextualise this work, a review of aircraft and engine design process is 6 

included in Supplementary Information (SI) §1.1 and a review of the conceptual engine 7 

design process is included in SI §1.2. The methodology for engine design is detailed in §2 8 

followed by results and discussion in §3. The engine performance estimation in this work is a 9 

low fidelity analysis and errors in engine performance metrics are expected. More limitations 10 

of this research are included in §3.3. Details excluded from the main body are included in the 11 

SI document. 12 

2. Methodology 13 

In this work, UHB GTF engines powered by Jet-A and LH2 (separately) are modelled 14 

for a futuristic blended wing body (BWB) aircraft seating 301 passengers. This aircraft 15 

configuration is selected because a significant amount of information on the baseline (Jet-A) 16 

engine and aircraft design for conducting a conceptual design study is available from 17 

NASA’s studies [74,85–87]. In this work, design and optimisation of the UHB GTF engine is 18 

conducted using commercial software called GasTurb 13 [88] and conceptual engine design 19 

approach from literature (reviewed in SI §1.2). An overview of GasTurb 13 software is 20 

provided in SI §1.4 with details of optimisation algorithm that searches for the global 21 

optimum.  22 

2.1 Design cases 23 

Table 1. Different engine design cases explored in this work 
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Case Description 
Baseline (Jet-A) UHB GTF engine powered by Jet-A (20% cooling flows) 
LH2 case 1 UHB GTF engine powered by LH2, and the thrust production is same as that 

of the baseline Jet-A engine (20% cooling flows) 
LH2 case 2 UHB GTF engine powered by LH2, and the engine is optimized for reduced 

thrust requirement and it is smaller in size (20% cooling flows) 
LH2 case 3 UHB GTF engine powered by LH2, and the engine is optimized for reduced 

thrust requirement and it is smaller in size (no cooling flows) 
 1 

 Table 1 lists the different engine design cases explored in this work and the rationale 2 

behind these cases is detailed next. The UHB GTF design cases that will be considered in this 3 

work are: the baseline case (Jet-A) with 20% cooling flows, and three cases of LH2 fuel; 4 

where the engines use advanced materials for withstanding higher temperatures compared to 5 

the present-day engines. The overview of conditions in the three cases of LH2 fuel analysed 6 

are as follows: 7 

• Case 1 is where the aircraft thrust production remains the same as that of Jet-A case, and 8 

typical (20%) engine cooling flows are employed.  9 

• LH2 fuel is more energy dense than Jet-A, and thus less mass of LH2 fuel is required at the 10 

start of the mission. Therefore, for similar thrust to weight ratio (T/W) as that of the 11 

baseline aircraft, the thrust requirement decreases. Dincer [59], Verstraete [60], and 12 

Nojoumi [61] support that for an LH2 powered aircraft, the thrust requirement reduces and 13 

the engine becomes smaller in size. Case 2 is where the aircraft thrust requirement and 14 

engine size reduces for maintaining similar T/W as that of Jet-A case, with typical (20%) 15 

engine cooling flows.  16 

• Corchero et al. [66] and Verstraete [60,81] find that the TET in a hydrogen powered gas 17 

turbine engine is lower than Jet-A engine for same engine thrust production. Case 3 is 18 

Case 2 without engine cooling flows, since the engine TET is expected to be lower than 19 

the baseline case because of reduced thrust requirement, where the engine uses advanced 20 

materials for withstanding high temperatures in baseline case (Jet-A), Case 1 and Case 2.  21 



10 
 

2.2 Model description 1 

 The engine design requirements are listed in Table 2. Further details about the engine 2 

and aircraft are included in SI §2.1 and SI §2.2. The engine design requirements in Table 2 3 

remain the same for Jet-A and LH2 Case 1. For LH2 Case 2 and Case 3, the ‘engine diameter’ 4 

constraint is removed as suggested by Dincer [59], Verstraete [60], and Nojoumi [61]. It is to 5 

be noted that the OPR, BPR, and FPR for all hydrogen engine cases are same as that of Jet-A 6 

engine and this is consistent with the considerations made in studies [66,79–81]. This is 7 

because these are basic design requirements and in this study (only) the impacts of fuel 8 

switch on engine design and performance is being examined.  9 

Table 2. Engine design requirements 
Parameters Units Top of climb (TOC) Sea level static (SLS) 

Mach and altitude - , m 0.8 at 10,668 m 0, 0 m 
Net thrust kN 55.603 299.9 
Overall pressure ratio (OPR) - 60.0 47.1 
BPR - 17.65 20 
Fan pressure ratio (FPR) - 1.35 1.25 
Fan diameter*  132.4 inches or 3.36296 m 
Power off-take kW 150 
Bleed - Zero 
Drive and engine type - Geared turbofan engine 
* is a design requirement only for baseline (BWB Jet-A) case and LH2 case 1  

 10 
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 1 

Figure 1. Engine design-optimisation schematic used in this work 2 

 After reviewing conceptual engine design process (in SI §1.2), a simple schematic 3 

focussed only on the engine design and optimisation process (not explicitly stating the 4 

aircraft drag polar here) is created as shown in Figure 1. This is based on the schematic of 5 

Walsh and Fletcher [89,90] (see Figure SI 4 in SI §1.2). The engine design point is called as 6 

the ‘on-design’ operational point. Once the engine is designed (fixed engine), its performance 7 

is tested at other operational points in aircraft mission, and these are called as ‘off-design’ 8 

points (discussed in §2.5). 9 

 Referring to Figure 1, the design and optimisation process starts with the selection of 10 

the design point (on-design). The top of climb (TOC) condition is the on-design point 11 
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because maximum engine inlet corrected flow is at this point [64]. There are inputs in the 1 

engine model such as engine/component design parameters, component efficiencies, turbine 2 

cooling flows, materials (conventional and advanced), component stage counts, and 3 

combustor technology. These are detailed in SI §2.3. 4 

 After the engine model is ready with these inputs, design variables for the 5 

optimisation process are identified. There is an initial guess value assigned to each of the 6 

design variables for initiating the optimisation process. For example: TET or T4 is set as a 7 

design variable and at the design point its value is unknown. A realistic value of 1,750 K is 8 

input to the model as a starting guess. Ceramic matric composites (CMC) are used for the hot 9 

end components, and thus a maximum value of 2,173 K (based on literature) is provided to 10 

the design variable (see discussion in SI §2.3.3).  11 

 After selecting the design variables, the design constraints are identified. For 12 

example: thrust is one of the constraints in the design-optimisation process, where minimum 13 

required value must be met for the aircraft to fly. For the baseline case using conventional jet 14 

fuel, at the TOC condition it is necessary to produce at least the thrust value as per the design 15 

requirements listed in Table 2 (of 55.603 kN). The figure of merit or the objective of the 16 

optimisation process is to minimise the thrust specific fuel consumption (TSFC [g/kN.s], 17 

which is the ratio of fuel consumption rate to the thrust). During the optimisation process in 18 

GasTurb 13, the design variables are perturbed within their set limits such that the specified 19 

design constraints are met for minimising the TSFC. Once this process is finished, the 20 

turbomachinery of this engine configuration is checked for a satisfactory aerodynamic 21 

performance of individual turbomachinery stages (aerodynamic and geometrical factors) 22 

using standard/GasTurb 13 default turbomachinery inputs (degree of reaction, flow 23 

coefficient, and stage loading). Once a satisfactory aerodynamic performance of the 24 

turbomachinery is obtained, the engine performance at different off-design points is evaluated 25 
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using GasTurb 13. Only if the engine meets the off-design parameters including the thrust 1 

requirements, the engine is selected as a final candidate. It is to be noted that the point-to-2 

point axial location of the engine is available in GasTurb 13, and the length and diameter of 3 

different components can be easily estimated. The combustor exit (axial) gas velocity and 4 

length of the ‘combustor can’ (in §3.1) is estimated from the point-to-point axial locations 5 

known from GasTurb 13. 6 

 The design-optimisation parameters are discussed next. The model inputs are 7 

detailed in SI §3.2. Some of these inputs change between baseline case, and the three cases of 8 

LH2 fuel, and the changes are identified/reported accordingly in SI §3.2. 9 

2.3 Design-optimisation parameters 10 

Table 3. Design variables in the engine design-optimisation process 

Variable Units Minimum 
value 

Starting guess 
value 

Maximum 
value 

Gearing ratio - 2.5:1 3:1 [91] 4.5:1 [64] 
Mass flow rate (inlet standard 
corrected flow) kg/s 1,400 [92] 1,700 1,800 

TET (T4) Kelvin (K) 1,400 1,750 [64] 2,173 [93] 

FPR Inner - 1.1 1.33 1.35 [74] 
Outer 1.1 1.34 1.35 [74] 

IPC pressure ratio [92] - 1.1 3 10 
HPC pressure ratio [65] - 1.1 15 25 
Fan tip speed m/s 300 380 411.48 [92] 
HPC tip speed m/s 250 360 382.84 [92] 
IPC: Intermediate pressure compressor, HPC: High pressure compressor 

 11 

 The known data on engine technology and components is discussed in SI §2.3. 12 

However, some engine design data (or approximate values) such as the pressure ratio of the 13 

compressors, gearing ratio, TET, tip speeds of fan and high-pressure compressor, and engine 14 

inlet mass flow rate, are unknown. These parameters can be estimated using the optimisation 15 

process. The design variables considered in this work, are as listed in Table 3. Referring to 16 
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Table 3, the design variables and their extreme values are based on prior studies. The detailed 1 

rationale for the range of the design variables is included in SI §3.1. 2 

2.4 Disk optimisation and engine weight 3 

 The finalised engine model is then checked for shape and stress in all disks, and at all 4 

points in the flight envelope considered in this work. An ‘I-section’ for the disk’s shape is 5 

selected owing to its resistance to bending and shear forces acting on it [94]. The disk 6 

optimisation is done in GasTurb 13, where the software flags overstressed disks. At the 7 

design point, the disk shape and stress for each stage of each turbomachine is analysed for 8 

satisfactory mechanical performance and minimisation of weight. After this is fulfilled, the 9 

mechanical performance of each disk of all turbomachines is analysed at all off-design points 10 

considered in this work. If some disks remain overstressed at some off-design points, then 11 

those disks must be redesigned at the on-design point and later checked for their off-design 12 

point mechanical performance. This process is iterated until all disks have satisfactory 13 

mechanical performance at on-design point and all off-design points considered in this work. 14 

 The engine materials data are input into the model at the beginning of the on-design 15 

analysis. Once the disk design-optimisation is completed, the engine weight is calculated. 16 

This is the bare engine weight without accessories (like control unit), engine mount, and 17 

nacelle. The bare engine weight includes the engine’s principal components (included in SI 18 

§2.3.3 in Table SI 9 and Table SI 10), and supplementary components such as nuts, bolts, 19 

washers, seals, piping, and pumps. The weight of the principal engine components is 20 

estimated from the material densities (from SI §2.3.3) input into GasTurb 13. The weight of 21 

the above-mentioned supplementary components is estimated by using a mass-factor 22 

(multiplication factor) to the principal engine weight. Halliwell [95] uses a mass factor of 1.2 23 

and GasTurb 13’s default mass factor value is 1.3. An average mass factor value of 1.25 is 24 

used in this model to estimate the bare engine weight. The bare engine weight, and TSFCs at 25 
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on-design point and different off-design points, are estimated using the above process. The 1 

summation of weights of nacelle, accessories, and engine-mount, with the engine bare weight 2 

equals the total engine pod weight. The weights of nacelle, accessories, and engine-mount are 3 

not calculated separately, and are used as is from literature and these are listed in Table SI 2 4 

(SI §2.1). 5 

 The engine weight and TSFCs obtained from the above engine model at on-design 6 

point and different off-design points are input to the BWB aircraft weight sizing (described in 7 

resource [96]). This in-turn determines the thrust requirements at various points in the BWB 8 

aircraft mission. The aircraft design is an iterative and interactive process, and it continues 9 

until the thrust value evaluated after the aircraft weight sizing process converges with the 10 

thrust produced by the engine in the present iteration of engine design-optimisation. In this 11 

work, only the calculated thrust values (from resource [96]) for engine design are included 12 

for the multiple cases discussed here.  13 

2.5 Off-design analysis  14 

 All inputs for on- and off-design analysis have been listed and discussed so far. The 15 

on-design analysis can be conducted using the above discussed inputs and process. The off-16 

design analysis is conducted with the help of maps, which is a standard procedure. In the 17 

current work, this is done in GasTurb 13 software. ‘Standard maps’ are selected in GasTurb 18 

13 for climb, cruise, and loiter points, for conducting off-design analysis at these points. The 19 

data of ambient conditions at these points from Table SI 13 (in SI §3.2), are input to the 20 

model. A feature in GasTurb 13 of off-design modifiers through iteration of parameters, is 21 

used for the turbomachinery parameters such that every turbomachine operates at the 22 

efficiencies listed in Table SI 6 (in SI §2.3.1) at respective points of climb, cruise, and loiter. 23 

The identified iteration parameters and their target parameters are listed in Table 4, along 24 

with the respective design requirements met. For loiter, there is no separate column of 25 
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component efficiencies. In this work, loiter is treated as additional cruise stage and therefore 1 

efficiencies of the cruise point are selected. Thus, every turbomachine operates at its 2 

respective efficiency during climb, cruise, and loiter. It is to be noted that for all off-design 3 

points except SLS, the target component efficiencies are known, and BPR, OPR, and FPR are 4 

unknown from Table 2 (and Table SI 1 – Table SI 4 in SI §2), and thus only the target 5 

component efficiencies at these points are set as a design requirement. Therefore, the ‘design 6 

parameter’ section of Table 4 is not used in the off-design iteration for climb, cruise, and 7 

loiter.  8 

 SLS is a special off-design point in this work where not only turbomachinery 9 

efficiencies but also the performance/design requirements are to be met (see Table 2). For 10 

SLS condition, the option of ‘selected map’ is chosen in GasTurb 13. After choosing it, map 11 

option for a single-stage fan, sub-sonic IPC/booster, ‘high pressure ratio’ for HPC, ‘two-12 

stage’ high pressure turbine (HPT), and ‘medium pressure ratio’ low-pressure turbine (LPT) 13 

is selected in GasTurb 13. Similar to the above discussed process, the off-design modifiers 14 

feature is used through iteration of parameters. In GasTurb 13, off-design case is employed 15 

such that the target SLS turbomachinery efficiencies listed in Table SI 6 (in SI §2.3.1) and all 16 

performance/design requirements at SLS, are met. 17 

To validate the model, two engine cases from literature are considered and the 18 

respective engine designs (with case specific design targets) are successfully replicated 19 

within ±5% which is considered acceptable in the conceptual design phase [97,98]) in SI §4. 20 

These establish a confidence in the engine model. The designs for different fuel cases are 21 

developed and analysed in the next section. 22 

  23 
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  1 

3. Results and discussion 2 

In this section, the results of the engine model for the set research objectives and 3 

design requirements are considered for different fuel cases. The results comprise performance 4 

analysis at on-design point and off-design points. It is to be noted that data points in Figures 1 5 

to 3 for Case 2 of LH2 are not included to avoid confusion as some points overlap with Case 6 

1 points. The on- and off-design performance of the baseline (Jet-A) engine and its 7 

comparison with other engine designs in literature is detailed in SI §5.1. Similarly, for 100% 8 

SPK (similar properties as that of Jet-A) the on- and off-design performance is included in SI 9 

§5.2. 10 

 11 
3.1 LH2 engine design cases 12 

 Tables 5, 6, and 7 list the comparison of engine performance using Jet-A and LH2 13 

(three cases), at TOC (on-design), SLS, and cruise, respectively. It is to be noted that these 14 

results are for one engine. The engine performance comparison for these two fuels at other 15 

points is provided in SI §5.3 (Tables SI 34 [climb] and SI 35 [loiter]). It can be observed from 16 

Table 4. Off-design modifiers: iteration and target parameters 

Iteration parameter Target parameter Design requirement is met for: 
Component efficiencies 

Change in efficiency of: Efficiency of: Efficiency of: 
∆ outer LPC (fan)  outer LPC (fan) LPC (fan)  
∆ inner LPC (fan)  inner LPC (fan) 
∆ IPC IPC IPC  
∆ HPC  HPC HPC  
∆ HPT HPT HPT  
∆ LPT LPT LPT  

Design parameters 
HPC spool speed OPR OPR 
∆ LPC capacity Outer fan exit pressure FPR 
∆ Bypass pressure BPR BPR 
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Tables 5 and 6 that the engine designs successfully meet the design requirements/targets as 1 

set in Table 2.  2 

Table 5. Comparison of engine performance at TOC condition using LH2 fuel (three cases) and 
Jet-A, using the proposed model 

TOC parameters Units Jet-A  
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.8 at  
10,668 m 

0.8 at 
10,668 m 

0.8 at 
10,668 m 

0.8 at 
10,668 m 

Engine mass flow kg/s 638.1 638.1 571.9 558.8 
Thrust required kN 55.60 46.29 46.02 45.66 
Thrust produced kN 55.60 55.60 46.35 46.12 
TSFC g/kN-s 12.4 4.3 4.3 4.2 
TSEC kJ/kN-s 535.7 519.4 514.1 499.1 
TSEC % difference 
compared to Jet-A % - -3.04 -4.03 -6.82 

Fuel consumption g/s 689 241 199 192 
Fuel-air ratio (FAR) - 25.19 x 10-3 8.79 x 10-3 8.09 x 10-3 6.40 x 10-3 
Equivalence ratio (Φ) - 0.37 0.30 0.28 0.22 
OPR - 60 60 60 60 
BPR - 17.65 17.65 17.65 17.65 
FPR - 1.35 1.35 1.35 1.35 
IPC pressure ratio - 3.3 3.3 3.3 3.3 
HPC pressure ratio - 13.9 13.9 13.9 13.9 
Cooling flow % 20 20 20 Zero 
Combustor can length mm 198.1 198.1 187.2 185.1 
Combustor exit gas 
velocity m/s 235.7 238.5 234.3 223.6 

Residence time μs 841 831 800 826 
P3 kPa 2,159.4 2,159.4 2,159.4 2,159.4 
T3 K 859.4 859.5 859.5 859.5 
T4 K 1,689.6 1,642.4 1,588.5 1,452.5 
T4/T2 - 6.844 6.653 6.434 5.883 
Bare engine weight kg 4,411 4,381 4,084 3,636 
Gear ratio - 3.5 3.5 3.1 3.1 
Fan diameter mm 3,362.9 3,362.9 3,183.9 3,147.1 
LPT inlet temperature K 1,139 1,111 1,060 1,054 
Power off-take kW 150 
P3: Total pressure at combustor inlet, T3: Total temperature at combustor inlet 

 3 

 4 
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Table 6. Comparison of engine performance at SLS condition using LH2 fuel (three cases) and 
Jet-A, using the proposed model 

SLS parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 
Mach, altitude - , m 0 at 0 m 0 at 0 m 0 at 0 m 0 at 0 m 
Engine mass flow kg/s 1,526.9 1,528.7 1,356.6 1,331.9 
Thrust required kN 299.9 251.1 249.6 247.7 
Thrust produced kN 303.9 304.5 263.8 261.1 
TSFC g/kN-s 5.12 1.78 1.76 1.69 
TSEC kJ/kN-s 221.4 213.3 211.3 202.8 
TSEC % difference compared to 
Jet-A % - -3.6 -4.5 -8.4 

Fuel consumption g/s 1557 541 465 441 
FAR - 26.91 x 10-3 9.35 x 10-3 9.04 x 10-3 6.99 x 10-3 
Φ - 0.39 0.32 0.31 0.24 
OPR - 47.1 47.1 47.1 47.1 
BPR - 20 20 20 20 
FPR - 1.25 1.25 1.25 1.25 
IPC pressure ratio - 3.03 3.04 2.89 2.95 
HPC pressure ratio - 12.77 12.70 13.39 13.03 
Cooling flow % 20 20 20 Zero 
Combustor can length mm 198.1 198.1 187.2 185.1 
Combustor exit gas velocity m/s 241.8 244.6 243.2 230.8 
Residence time μs 820 810 770 800 
P3 kPa 4,724.8 4,724.5 4,724.7 4,724.7 
T3 K 914 914 914 912 
T4 K 1,776 1,720 1,698 1,539 
T4/T2 - 6.163 5.97 5.892 5.342 
LPT inlet temperature K 1,213 1,179 1,152 1,135 
Power off-take kW 150 

 1 

In Tables 5, 6, and 7, the engine designs meet the required thrust values for all three 2 

cases of LH2 fuelled engine, at said mission points considered in respective tables. The values 3 

of thrust required mentioned in Tables 5, 6, and 7, are calculated through aircraft weight 4 

sizing process detailed in [96]. The LH2 aircraft weight at different points in flight mission is 5 

lower than the Jet-A aircraft [10,12,50,96,99]. To maintain a similar T/W, the thrust 6 

requirement reduces for LH2 aircraft compared to Jet-A. To account these impacts of LH2 use 7 
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in aircraft, three different cases are considered as discussed in §2.1. The engine performance 1 

in Tables 5, 6, and 7 are further discussed in §3.1.1 - §3.1.3. 2 

Table 7. Comparison of engine performance at cruise condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

Cruise parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.84 at 
10,668 m 

0.84 at 
10,668 m 

0.84 at 
10,668 m 

0.84 at 
10,668 m 

Engine mass flow kg/s 649.7 649.8 602.9 569.7 
Thrust required kN 42.25 40.24 40.15 40.02 
Thrust produced kN 51.61 51.68 51.09 43.12 
TSFC g/kN-s 12.67 4.42 4.35 4.28 
TSEC kJ/kN-s 547.2 530.9 522.1 513.4 
TSEC % difference 
compared to Jet-A % - -2.98 -4.59 -6.16 

Fuel consumption g/s 654 229 222 185 
FAR - 24.10 x 10-3 8.42 x 10-3 7.91 x 10-3 6.06 x 10-3 
Φ - 0.35 0.29 0.27 0.21 
Propulsive efficiency - 0.86 0.86 0.86 0.87 
Core efficiency - 0.61 0.63 0.63 0.64 
Overall efficiency - 0.46 0.47 0.48 0.49 
Transmission efficiency - 0.87 0.87 0.88 0.87 
Combustor can length mm 198.1 198.1 187.2 185.1 
Combustor exit gas velocity m/s 231.9 234.7 234.0 219.9 
Residence time μs 854 842 801 842 
P3 kPa 2,108.3 2,110.4 2,473.6 2,162.5 
T3 K 838 838 876 843 
T4 K 1,640 1,597 1,588 1,410 
T4/T2 - 6.567 6.394 6.359 5.645 
Cooling flow % 20 20 20 Zero 
LPT inlet temperature K 1,107 1,081 1,066 1,025 
Power off-take kW 150 

 3 

3.1.1 Effect on TET (T4) and FAR 4 

Table 8 lists different studies on LH2 engine TET (T4) reduction compared to Jet-A 5 

engine for same thrust production. It can be observed that for SLS and cruise, for same thrust 6 
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production, the (%) reduction in TET (T4) observed in this study is very similar to the 1 

findings of studies by Corchero et al. [66], Jackson [80], and Verstraete [81].  2 

According to Corchero et al. [66], a 37 K drop in TET (T4) increases the engine life 3 

and doubling the turbine life. Tables 5, 6, and 7 show that TET (T4) drops by 40 – 50 K 4 

between Jet-A and LH2 case 1, and it drops by 230 – 237 K between Jet-A and LH2 case 3. 5 

This implies that life of LH2 engine and turbine can be significantly improved. 6 

Table 8. Different studies on LH2 engine TET (T4) reduction compared to Jet-A engine for same 
thrust production 

 SLS TET (T4) in Kelvin Cruise TET (T4) in Kelvin 
 Jet-A LH2 % reduction Jet-A LH2 % reduction 

This study (LH2 case 1) 1,776.0 1,720.0 3.2 1,640.0 1,597.0 2.6 
Corchero et al. [66] 1,507.9 1,470.9 2.5 1,103.7 1,089.5 1.3 
Jackson [80] 1,472.0 1,438.0 2.3 1,288.0 1,264.0 1.9 
Verstraete [81] 1,794.5 1,735.5 3.3 - - - 

 7 

 8 

Figure 2. Turbine entry temperature and equivalence ratio (Φ) at different mission 9 

point for all fuel cases 10 
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 Figure 2 summarises the TET and equivalence ratio (Φ) at different mission points for 1 

all fuel cases considered in this work. Overall, it is observed that hydrogen engines have a 2 

lower TET (T4) and operate at lower Φ compared to Jet-A engine, at all mission points 3 

considered in this work. The reasoning behind observations made from Table 8 and Figure 2 4 

are discussed next. 5 

The reason for reduction in T4 in hydrogen engines compared to Jet-A engine for 6 

same thrust production is fundamentally because of the difference in the mass and species 7 

conservation (hydrogen vs Jet-A combustion process), resulting in higher specific heat for 8 

hydrogen combustion products compared to Jet-A. It is observed that the global Φ for 9 

hydrogen is lower than Jet-A, for same thrust production at all mission points, and the local Φ 10 

comparisons need high fidelity modelling. For example, it can be observed from Table 5 and 11 

Figure 2 that at TOC, hydrogen (Case 1 [same thrust production], Φ = 0.3, and specific heat 12 

capacity at combustor exit is 1343 J/kg-k [from GasTurb 13]) has lower global equivalence 13 

ratio compared to Jet-A (Φ = 0.37 and specific heat capacity at combustor exit is 1287 J/kg-k 14 

[from GasTurb 13]). This is discussed further quantitatively and qualitatively (in SI §5.3) 15 

with the help of a simple (textbook) ‘major species’ combustion model (details of model in SI 16 

§1.3.1), and conservation of mass, energy, and momentum at burner exit (or at turbine entry). 17 

Additionally, a statistical mechanics approach is used (in SI §5.3, with mass, momentum, and 18 

energy conservation) to explain the difference in specific heat of combustion products of 19 

hydrogen vs Jet-A, for same thrust production. The studies by Verstraete [60,81] support that 20 

the drop in T4 is due to an increase in the specific heat of combustion products in hydrogen 21 

engines compared to Jet-A engine, for same thrust production. Furthermore, the ‘major 22 

species’ combustion model is validated by predicting the emissions index (EI) of H2O for Jet-23 

A and LH2 and its comparison with literature is included in SI §1.3.1.  24 
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Additionally, Figure 2 is useful to the reader for mapping out TET (T4) and Φ for both 1 

Jet-A and LH2 cases at on-design and different off-design points in the flight mission. Future 2 

studies could use the data from this figure to develop an equation or surrogate model that 3 

calculates TET (T4) from the throttle setting for LH2 engines. This would be useful for a 4 

multi-point design and optimization of LH2 aircraft within the design space.  5 

3.1.2 Effect on TSEC and thrust 6 

The TSFC in Tables 5, 6, and 7 (and Tables SI 34 [climb] and SI 35 [loiter] in SI 7 

§5.3) is converted to thrust specific energy consumption (TSEC) by multiplying every case 8 

with the energy density of the respective fuel considered. Figure 3 summarises the TSEC and 9 

thrust produced at different mission point for all fuel cases. Case 3 hydrogen engine produces 10 

less thrust due to lower thrust requirement compared to Jet-A aircraft at different mission 11 

points (based on design problems set in §2.1). Overall, it is observed that all hydrogen engine 12 

cases have lower TSEC compared to Jet-A at all mission points.  13 

It is observed that the ratio of TSFCs of Jet-A to LH2 Case 1 (same thrust production) 14 

is 2.87, at all points in the mission, whereas the ratio of energy densities per unit mass of LH2 15 

to Jet-A is 2.78. For same thrust production, Verstraete [60] observes a similar ratio of TSFCs 16 

of Jet-A to LH2 of 2.86. There are two contributing factors to this TSFC ratio. These are: 2.78 17 

times greater gravimetric energy density of LH2 compared to Jet-A (primary contributor); and 18 

difference in mass and species conservation of combustion of the two fuels leading to higher 19 

specific heat capacity of combustion products of LH2 compared to Jet-A (discussed in 20 

§3.1.1). As observed from Tables 5, 6, and 7 (and Tables SI 34 [climb] and SI 35 [loiter] in 21 

SI §5.3) and Figure 3, compared to Jet-A engine, case 1 of hydrogen engine has ~3% lower 22 

TSEC, and the study by Verstraete [60] observes a similar reduction in TSEC (for same thrust 23 

production). 24 
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 1 

Figure 3. Thrust specific energy consumption and thrust produced at different mission 2 

point for all fuel cases 3 

 Additionally, it is known from Figure 2 that all three cases of LH2 engine operate at a 4 

lower T4 and Φ compared to the Jet-A engine. Additionally, it can be observed from Tables 5, 5 

6, and 7 (and Tables SI 34 [climb] and SI 35 [loiter] in SI §5.3), that the thrust values drop 6 

between Case 1 and Case 3 of LH2, because the effect of lighter LH2 aircraft weight is 7 

considered. Therefore, T4 and Φ drops between Case 1 and Case 3 of LH2 (observed in Figure 8 

2), which is expected. In Case 3 of LH2, there are no cooling flows because the engine is 9 

operating at a significantly lower T4 (approximately 200 K reduction) and the design decision 10 

(§2.1) to consider this case specifically in this work, is well supported. Because there are no 11 

cooling flows, the engine consumes less fuel compared to Case 2 of LH2. The drop in T4 12 

values as discussed above along with the effect of zero cooling flows in Case 3 of LH2, both 13 

are attributable to the (thrust or) TSFC drop between Case 1 and Case 3 of LH2. Overall, 14 

these above discussed effects (lower T4 and Φ, lighter aircraft or thrust reduction, and 15 
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reduction in cooling flows) result in the reduction in TSEC for LH2 Case 1 (of ~ 3-4%) and 1 

Case 3 (of 6-8%), compared to Jet-A engine, which can be observed from Tables 5, 6, and 7 2 

(and Tables SI 34 [climb] and SI 35 [loiter] in SI §5.3).  3 

Moreover, Figure 3 is useful to the reader for mapping out TSEC and thrust for both 4 

Jet-A and LH2 cases at on-design and different off-design points in the flight mission. Future 5 

research could leverage this data to create an equation or surrogate model that estimates 6 

TSEC or TSFC based on the throttle setting for LH2 engines. Such a model would be 7 

beneficial for multi-point design and optimization of LH2 aircraft within the design space. 8 

3.1.3 Effect on engine weight and dimensions 9 

It can be seen from Table 5 that the engine weight decreases from Case 1 to Case 3 of 10 

LH2. Jet-A and all three cases of LH2 use the same stage counts of turbomachinery and 11 

advanced materials. The drop in engine weight is primarily attributable to the decreasing fan 12 

diameter (huge component in the engine) from Case 1 to Case 3 of LH2 (see Table 5). In Case 13 

2 and Case 3 of LH2, as described before, the fan diameter is removed as a design 14 

constraint/target since Dincer [59], Verstraete [60], and Nojoumi [61] mention that for a LH2 15 

powered aircraft, the thrust requirement reduces and that the engine becomes smaller in size. 16 

In Case 2 and Case 3 of LH2, this work is specifically trying to optimise the engine as per the 17 

thrust requirement of the aircraft and based on the suggestions of the above literature. Thus, 18 

the fan diameter is removed as a design constraint/target. Case 2 and Case 3 of LH2 have the 19 

effect of lighter aircraft (lower thrust requirement, engine weight and fan size, and for Case 3 20 

no cooling flows) for LH2 use absorbed in them, compared to Jet-A and Case 1 of LH2. 21 

Figure 4 shows the cross-sectional view of the Jet-A powered engine overlapped with 22 

the three cases of LH2 powered engine designed in this work (obtained from GasTurb 13). 23 

This figure also shows the diameter of the fan (a design requirement) and length of the 24 
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engine. It can be observed from Figure 4 that LH2 engine diameter and length reduce from 1 

Case 1 to Case 3.  2 

 3 

Figure 4. Cross-sectional view of the Jet-A (and 100% SPK) powered engine overlapped 4 

with the three cases of LH2 powered engine designed in this work 5 

Overall, it is observed that LH2 engines are lighter, and colder (lower TET) than the 6 

baseline/Jet-A engine. Especially, the optimised LH2 engines (Case 2 and Case 3) are smaller, 7 

shorter, colder, and lighter than Jet-A engine or LH2 Case 1 engine. Additionally, LH2 8 

engines will have significantly improved engine and turbine life (discussed in §3.1.1), and 9 

resultantly cost savings. Lower engine weight implies fuel weight (cost and emissions) 10 

reduction during aircraft operation. Smaller engine size (diameter and length) implies more 11 

ground clearance, and it positively affects the aircraft operations and aircraft design in terms 12 

of wing, landing gear, and/or airframe design. 13 

  14 
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3.2 Evolution of engine technology  1 

 2 

Figure 5. Cruise efficiencies of existing engines and engines modelled in this work (data 3 

source [100]) 4 

Figure 5 shows cruise efficiencies of existing engines and engines modelled in this 5 

work (data source [100]). The effective propulsive efficiency is the product of propulsive 6 

efficiency and transmission efficiency, and the core efficiency represents the engine thermal 7 

efficiency [100]. The overall efficiency is the product of the effective propulsive efficiency 8 

and core efficiency [100]. These efficiencies at cruise for all engines designed in this work 9 

are listed in Table 7. According to a study by Benzakein [101], UHB engines are expected to 10 

have overall efficiency in the range of 0.4 – 0.5 (depending on the BPR and OPR 11 

combinations). It can be observed from Figure 5 that the overall efficiencies of the UHB 12 

engines modelled in this work (UHB GTF powered by Jet-A, and three LH2 cases) are similar 13 

to the expected values. The different efficiencies during cruise for all aircraft engines in 14 

Figure 5 are included in SI §5.4 in Table SI 36. Additionally, Figure 5 is useful to the reader 15 
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for contextualising the findings of this work on future Jet-A and LH2 UHB GTF engine in 1 

terms of evolution of turbofan engine technology. 2 

Lastly, in Table 5 (TOC), Table 6 (SLS), Table 7 (cruise), Table SI 34 (climb) [SI 3 

§5.3], and Table SI 35 (loiter) [SI §5.3], the engine performance parameters (temperature, 4 

pressure, fuel-air ratio, and residence time) are known for both Jet-A and LH2 at all points in 5 

mission. Additionally, Figure 5 (or Table SI 36 in SI §5.4) provides propulsive efficiency for 6 

both Jet-A and LH2 during cruise. Similarly, for 100% SPK, all of the above engine 7 

performance parameters are provided in in SI §5.2. Using this data, emissions (like NOx) and 8 

contrails modelling can be conducted for Jet-A, LH2, and 100% SPK UHB GTF engine.  9 

In a first, a comprehensive database of engine performance is provided that would 10 

enable future studies on engine and aircraft design, and aircraft emissions and contrails 11 

modelling, especially for LH2 use. 12 

3.3 Limitations of the present work 13 

The estimation of the engine performance (TSFC, weight, thermodynamic properties, 14 

etc.) is conducted using GasTurb (zero-dimensional and/or one-dimensional analysis). Such 15 

level of analysis uses simplistic loss models for the performance analysis. In a high-fidelity 16 

analysis of engine performance, performance loss due to shock waves and air-foil geometry 17 

(used in turbomachinery) would also be accounted. These affect the engine performance and 18 

geometry (weight). Additionally, the engine performance during climb, cruise, and loiter, are 19 

considered to be average performance values during each of these flight segments. Moreover, 20 

LH2 use requires modifications to fuel lines, and the installation of a heat exchanger to 21 

promote phase change of hydrogen from liquid to gas before it is injected into the combustor.  22 

The weights of the said heat exchanger and modified fuel lines are typically considered in the 23 

aircraft operating empty weight. Furthermore, hydrogen use in this work is limited for a fixed 24 

UHB GTF engine, and its use could be more efficient in variable geometry turbofan engines 25 
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and/or distributed propulsion. Overall, the engine performance estimation in this work is a 1 

low fidelity analysis and errors in engine performance metrics are expected. 2 

4. Conclusion 3 

The potential of LH2 aircraft to weigh less than those powered by Jet-A could lead to 4 

reduced engine thrust needs. This underscores the critical importance of considering the 5 

thermodynamic and energy performance of a hydrogen-powered aircraft engine, and its 6 

design and optimisation. In this work, using GasTurb 13 software, UHB GTF engines 7 

powered by Jet-A and LH2 (separately) are designed by employing future materials and 8 

component efficiencies. The hydrogen powered gas turbine engine cycle is studied in detail. 9 

Three cases of LH2 engines are considered and these are: same thrust production 10 

(unoptimized, Case 1), optimised for reduced thrust requirement (Case 2), and optimised for 11 

reduced thrust requirement but without turbine cooling flows (Case 3). The results comprise 12 

of performance analysis at on-design point and off-design points. Additionally, a simple 13 

‘major species’ combustion model used in this work quantitatively explains the reasons 14 

behind the drop in hydrogen combustor temperature or increase in the specific heat of 15 

combustion products of hydrogen, for same thrust production, compared to Jet-A. There are 16 

three important effects of LH2 on the engine TSFC relative to Jet-A: higher gravimetric 17 

energy density during combustion; higher specific heat of combustion products; and reduced 18 

aircraft thrust and weight. The first two effects are applicable to Case 1 LH2 engine, and all 19 

three effects are applicable to case 2 and case 3 LH2 engine. The TSEC for case 3 LH2 engine 20 

is 6-8% lower than Jet-A. We observe that optimised LH2 engines have 11% smaller 21 

diameter, 5.5 – 7.5% shorter length, 6 – 14% lower TET and 7 – 17% lower weight compared 22 

to Jet-A and unoptimised LH2 engine. The results of this work will help future research on 23 

design of hydrogen engines and aircraft, and LH2 aircraft emissions and contrails modelling.  24 
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Nomenclature 

AR Aspect ratio PMC/Al 
honeycomb 

Polymer matrix composite-
aluminium honeycomb core 

BCC Braided carbon composite R’ Universal gas constant 
BPR Bypass ratio RQL Rich-burn Quick-quench Lean-

burn 
BWB Blended wing body RR Rate of reaction 
CMC Ceramic matric composites SiC Silicon carbide 
cp Specific heat capacity SLS Sea level static 
Cp Molar heat capacity at constant 

pressure 
𝑆!" Laminar premixed flame speeds  

Cv Molar heat capacity at constant 
volume 

SPK Synthetic paraffin kerosene 

FAR Fuel-air ratio Ti-6Al-4V Titanium alloy 
FC Fuel consumption TET Turbine entry temperature 
FPR Fan pressure ratio TOC Top of climb 
GTF Geared turbofan TSEC Thrust specific energy 

consumption 
GTOW Gross take-off weight TSFC Thrust specific fuel consumption 
HPC High pressure compressor T/W Thrust to weight ratio 
HPT High pressure turbine T2 Fan inlet temperature 
IGV Inlet guide vane T3 Total temperature at combustor 

inlet 
IPC Intermediate pressure compressor T4 Turbine entry temperature 
ISA International standard atmosphere UHB Ultra-high bypass ratio 
L/D Lift to drag ratio VLTA Very large twin aisle 
LDI Lean direct injection WF,block Block fuel weight  
LH2 Liquid hydrogen WF,total Total fuel weight carried at 

mission start 
LHV Lower heating value WSR Well-stirred reactor 
LPP Lean Premixed Pre-vapourised α Diffusive transport of energy (and 

species) from reaction zone into 
unburned gases 

LPT Low pressure turbine Φ Equivalence ratio 
LTA Large twin aisle   
nmi Nautical mile   
NOx Oxides of nitrogen    
OEM Original equipment 

manufacturers 
  

OEW Operating empty weight   
OPR Overall pressure ratio   
P3 Total pressure at combustor inlet   
PFR Plug flow reactor   



SI 1. Literature Review 

SI 1.1 Review of aircraft and engine design process 

 In the current section, the approaches for the gas turbine engine design and aircraft 
design process are reviewed, as both processes are very important towards the research goals. 
This section reviews the design approaches used for aircraft performance modelling. It is 
imperative to first understand and get familiarised with the practiced process of gas turbine 
engine design and aircraft design. These processes are first studied in detail and based on the 
published approaches individual models are developed in the respective paper parts considering 
the research scope. 

SI 1.1.1 Aircraft design process 

 The aircraft design process can be categorised into three main phases: conceptual, 
preliminary, and detailed design according to Raymer [1], Sadraey [2], Fielding [3], Kirby [4], 
Torenbeek [5], and Kundu et al. [6], and this is represented in Figure SI 1 in the form of a 
schematic. Original equipment manufacturers (OEMs) have differing approaches to aircraft 
design and so Figure SI 1 represents an aggregate of some commonly used methods. 

  
Figure SI 1. Phases of aircraft design process (source [1]) 

SI 1.1.1.1 Conceptual design 

 Following the schematic indicated in Figure SI 1, designers would consider and 
examine a wide range of aircraft architecture concepts, perform trade studies of the designs and 
the requirements, and then finalise a best design, and with significant customer input, finalise 
a well-balanced list of requirements. The conceptual design stage is a fluid process, and it 
answers the fundamental questions of configuration arrangement, weight and size, and 
performance. The customer requirements are addressed in this step, and sometimes the 
customer may wish to relax the requirements. As a design is assessed in increasing detail, novel 
ideas and problems emerge. Every time the recent design is evaluated and sized, it must be 
updated and re-sketched to reflect the latest parameters such as gross weight, wing size, fuel 



weight, engine size, and other updates. Early wind-tunnel experiments frequently reveal 
problems requiring some modifications to the configuration [1–6].  

SI 1.1.1.2 Preliminary design 

 Preliminary design may start when the major modifications are completed, and 
important design questions have been resolved. In this stage, the finalised concept from the 
previous stage is refined and studied in sufficient detail. The configuration/arrangement can be 
anticipated to remain similar to the current drawings, but minor revisions may occur. In later 
stages of preliminary design, even minor modifications are stopped after it is decided to freeze 
the configuration. During this stage, the specialists in areas such as control systems, structures, 
etc. will design and investigate their section of the aircraft. Testing begins in the areas like 
structures, propulsion, aerodynamics, and stability and control. A mock-up may be 
manufactured at this stage. A crucial activity during this design stage is ‘lofting’, which is the 
mathematical modelling of the outer skin (or airframe) of the aircraft with sufficient accuracy. 
This ensures proper fit of different components, even if they are designed and manufactured 
by different designers in various locations. The ultimate purpose of preliminary design is to 
prepare the company for the next step i.e., the detail design stage, which is also referred to as 
full-scale development. Therefore, the completion of preliminary design usually comprises of 
a full-scale development proposal. Preliminary design should establish a confidence that the 
aircraft can be manufactured on time and at the estimated cost [1–6]. 

SI 1.1.1.3 Detail design 

 With a favourable decision for entering a full-scale development, the detail design phase 
is started. It comprises of designing the actual components and their sub-components in detail, 
which will be fabricated. Another crucial step in the detail design is called as production design, 
where the specialists determine how the aircraft will be fabricated. This begins with the 
simplest and smallest assemblies of sub-components and then building up to the final assembly 
process. The production designers often wish to change the design considering the aspect of 
manufacturing ease, which may have a significant impact on the weight and/or performance. 
Minor modifications are unavoidable, but the design should meet the original requirements. 
During this design stage, the testing efforts intensifies. The actual aircraft structure is 
manufactured and tested. The control laws for the flight control system are tested. These tests 
are conducted on a detailed working model of the flight control surfaces and actuators. Both 
company and customer test-pilots fly on the developed flight simulators. This design stage ends 
with aircraft manufacturing [1–6]. 

SI 1.1.2 Aircraft engine design process 

 In general, the engine design process comprises of three stages: conceptual, preliminary 
and detailed design [7–9]. Figure SI 2 from NASA’s ‘A manual for preliminary design of gas 
turbine engines, volume I: Overview’, depicts this design process and is reported by Hendricks 
[7]. As can be observed from Figure SI 2, the level of detail to the engine definition in each 
phase, increases from phase 1 to 3. In Figure SI 2, FPR, BPR, and OPR are the engine fan 
pressure ratio, bypass ratio, and overall pressure ratio, respectively. The entire engine design 



process is only conducted completely by the engine manufacturers. Every engine manufacturer 
has their individual perspective of this overall process, which is a well-guarded industry secret 
for gaining a competitive advantage over their rival manufacturers. Therefore, it is difficult to 
state an exact layout of the industry used engine design process. However, different authors 
with extensive industrial experience have published their perspective of the overall engine 
design process [8–10].  

 
 Figure SI 2. Aircraft engine design process (data source [7]) 

 Books on gas turbine engine design by Saravanamuttoo et al. [10], Mattingly [8], and 
Walsh and Fletcher [9], provide their engine design schematic. Consideration of off-design 
performance in the engine design is important for the engine to meet the performance 
requirements at all off-design points in the flight mission. The engine design schematic by 
Saravanamuttoo et al. [10] identifies a critical engine design path in the engine design process 
and it excludes the off-design performance from this critical path. Saravanamuttoo et al. [10] 
state that the off-design analysis can be conducted separately from the critical design path. This 
limits the ability to effectively meet the performance requirements at off-design points. 
Therefore, only the engine design schematics by Mattingly [8] (discussed below), and Walsh 
and Fletcher [9] (discussed in SI §1.2) are considered in this work which consider the off-
design process towards an effective engine design. 



 
Figure SI 3. Preliminary propulsion design sequence (data source [8]) 

Mattingly [8] presents a preliminary propulsion design sequence which is depicted in 
Figure SI 3. This sequence provides the engine design process within the context of the overall 
aircraft design process. Thus, it starts with determining the aircraft specifications and 
associated drag polar, and thereafter conducting the constraint and mission analysis. When the 
process ends, the engine design is used to evaluate the performance of the aircraft, which can 
potentially result in a return to the mission analysis for performing iteration(s) of the engine 
design. This sequence comprises of design point or on-design analysis, and off-design analysis. 
After selecting the engine cycle and evaluating the entire off-design performance envelope, the 
size of engine and design of components is conducted. The component design is thus conducted 
before the end of the process and requires iteration(s) when the performance does not meet the 
assumptions made in prior steps. 

SI 1.2 Review of aircraft engine conceptual design process 

 It is imperative to first understand and get familiarised with the practiced process of 
conceptual aircraft engine design, before developing an engine model using this design 
approach. This process is first studied in detail and based on the published approaches a model 
is developed.  



 
Figure SI 4. Aircraft engine conceptual design process (source [7]) 

 Walsh and Fletcher [9] discuss the engine design steps focussed on the conceptual 
design stage. This is synthesised and reported by Hendricks [7] as a schematic, and is shown 
in Figure SI 4. This schematic is useful in defining the boundaries of the conceptual engine 
design process, which is the scope of the present work. In general, these steps are similar to 
those presented by Mattingly [8] (as seen in Figure SI 3). However, the order of the design 
steps, is different. The on-design cycle analysis and component design are the steps considered 
earlier in the process by Walsh and Fletcher [9]. The off-design assessment of both the cycle 
and component performance come at a later stage in the process. An extra step to examine the 
engine operability is included in the scheme, for which the author mentions that this step is 
frequently skipped. The are many iteration loops identified which should be executed when the 
cycle and component performance do not match, or when the overall engine performance does 
not match the constraints and requirements.  
    The engine design and optimisation scheme used in this work is along the lines of the 
schematic of Walsh and Fletcher [9] shown in Figure SI 4 as it is more holistic and specific to 
the conceptual engine design phase as compared to the engine design schematic of Mattingly 
[8].  

SI 1.3 Hydrogen powered gas turbine engine 

SI 1.3.1 Hydrogen combustion mechanism 

 Hydrogen is a promising alternative aviation fuel because of its high gravimetric energy  
density of 120 MJ/kg compared to 43.2 MJ/kg of conventional jet fuel (kerosene/Jet-A) [11]. 



There are other aspects in terms of combustion physics that must be considered for the use of 
hydrogen as a fuel in gas turbine engines. There is a need to first understand few relevant terms 
and mechanisms before proceeding with the analysis of the fuel switch from Jet-A to hydrogen 
in gas turbine engines. 
 Primarily, it is important to understand the respective combustion chemistry/chemical 
reaction mechanism of Jet-A-air and hydrogen-air combustion. The equivalence ratio (Φ) is 
defined as the ratio of actual fuel-air ratio (FAR) and the stoichiometric FAR and is represented 
by equation SI 1. Φ is given by,  

Φ =	
𝐹𝐴𝑅#$%&#'

𝐹𝐴𝑅(%")$*)"+,%-)$
 (SI 1) 

where 𝐹𝐴𝑅(%")$*)"+,%-)$ =	
."',$&'#-	0,)1*%!"#$

#%	234	&.()&.*+5	."',$&'#-	0,)1*%,-.
. (SI 2) 

 A ‘major combustion species’ model is presented below in equation SI 3 (source [12]), 
which provides a generic combustion reaction of fuel 𝐶6𝐻7 with typical major products of 
combustion. It is given by,  

𝐶6𝐻7 + 𝑎	 -𝑂8 +	
0.79
0.21	𝑁86 	

→ b	𝐶𝑂8 + 𝑐	𝐶𝑂 + 𝑑	𝐻8𝑂 + 𝑒	𝐻8 + 𝑓𝑂8 +	
0.79
0.21 	𝑎	𝑁8 

(SI 3) 

For fuel lean and stoichiometric condition i.e. Φ ≤ 1, equation SI 3 transforms to equation SI 4 
(source [12]) as the reactant mixture is air rich and there will not be excess fuel to produce CO 
(c = 0) and H2 (e = 0), as the combustion products, and this is represented by, 

𝐶6𝐻7 + 𝑎	 -𝑂8 +	
0.79
0.21	𝑁86 	→ b	𝐶𝑂8 + 𝑑	𝐻8𝑂 + 𝑓𝑂8 +	

0.79
0.21 	𝑎	𝑁8 (SI 4) 

Similarly, for fuel rich conditions i.e. Φ>1, equation SI 3 transforms to equation SI 5 (source 
[12]) as the reactant mixture is fuel rich and there will not be excess oxidizer (especially 
oxygen, as nitrogen is considered to stay unreacted in this simple major species model) left 
over by the end of the combustion process. Thus, 

𝐶6𝐻7 + 𝑎	 -𝑂8 +	
0.79
0.21	𝑁86 	→ b	𝐶𝑂8 + 𝑐	𝐶𝑂 + 𝑑	𝐻8𝑂 + 𝑒	𝐻8 +	

0.79
0.21 	𝑎	𝑁8 (SI 5) 

Future aircraft combustors are expected to burn leaner than present combustors because 
of improved efficiency as a result of high overall pressure ratio and bypass ratios [13]. 
Henceforth, in this work for all analytical purposes, only equation SI 4 is useful and relevant. 
The composition of air used in the equations below is 79% nitrogen and 21% oxygen, which is 
used for simplicity and is a theoretical composition typically used for analytical purposes. The 
resulting molecular weight of air is 28.85 g/mol. However, the composition of air is slightly 
different than the theoretical composition. In reality, air additionally includes other inert and 
non-inert gases resulting in a molecular weight of air of 28.97 g/mol [14–16]. The coefficients 
in equation SI 4 are 𝑎, 𝑏, 𝑑, and 𝑓, are represented by equation SI 6 and these are given by,  



𝑎 = 	
𝑥 + 𝑦4
Φ 	; 𝑏 = 𝑥	; 𝑑 = 	

𝑦
2 	𝑎𝑛𝑑	𝑓 = 	

(1 − 	Φ)
Φ 	F𝑥 +

𝑦
4G (SI 6) 

 Knowing the actual FAR, Φ can be calculated using equations SI 1, SI 2, and SI 6 for 
a given fuel-air combination. In this work, the actual FAR is predicted by GasTurb 13 [17] for 
both conventional jet fuel and hydrogen fuel. Jet-A fuel/kerosene is represented by the 
molecular formula of C11.6H22 (molecular weight of 161.5 g/mol) [18]. Therefore, x is 11.6 and 
y is 22 in equations SI 2 to SI 6. The combustion equation for Jet-A fuel for Φ <1 is represented 
by equation SI 7, and this is assumed to also apply to 100% synthetic paraffin kerosene (SPK). 
The resulting equation SI 7 is arranged for 1 mole of air in the reactant, and is given by, 

0.21Φ
17.1 𝐶33.:𝐻88 + (0.21𝑂8 + 0.79𝑁8)

→
2.436Φ
17.1 𝐶𝑂8 +

2.31	Φ
17.1 𝐻8𝑂 + 0.21(1 − Φ)	𝑂8 + 	0.79	𝑁8 

(SI 7) 

 Similarly, for H2, x = 0 and y = 2 equations SI 2 to SI 6, thereby b = 0. Therefore, the 
combustion equation for hydrogen fuel for Φ < 1 is represented by equation SI 8, which is 
arranged for 1 mole of air in the reactant, and this is represented by,  

0.42Φ	𝐻8 + (0.21	𝑂8 + 	0.79	𝑁8) 	
→ 0.42Φ	𝐻8𝑂 + 0.21(1 − Φ)𝑂8 + 	0.79	𝑁8 

(SI 8) 

Therefore, if the Φ is known, the mass and molecular weight of both reactants and products 
can be calculated, for both Jet-A and hydrogen (mass is conserved). Both equations SI 7 and 
SI 8 are highly simplified because these do not include typical minor species like NO, NO2, 
OH, etc. However, from analytical viewpoint both equations SI 7 and SI 8, are very helpful to 
predict mass and molecular weight of products. These equations are used in the results section 
(in SI §5) for estimating the product mass and molecular weight of the products of combustion. 
This is very helpful in understanding the energy efficiency improvement in hydrogen engines, 
especially for same thrust production as that of Jet-A engine, where actual fuel to air ratio is 
known. The molecular weight of products of combustion of gas turbine engines powered by 
Jet-A/kerosene is similar to the molecular weight of air, in the typical regime of engine 
operation [16,19]. 
 The reaction rate of hydrogen is seven times as that of conventional jet fuel [13]. This 
significant difference between the reaction rates of the two fuels can be analytically explained 
from fundamental sciences. From kinetic theory of gases, the root mean squared speed, most 
probable speed, and mean speed of gas is inversely related to its the molar mass [20]. 
Comparing the properties of hydrogen (molecular weight of 2 g/mol) and kerosene (molecular 
weight of 161.5 g/mol), it is clear that the molar mass of the former case is significantly lower. 
This results in high speeds of hydrogen molecules. Rate of a reaction can be understood from 
kinetic theory of gases through the molecular collision frequency [21]. Collision frequency is 
proportional to the speed of gases [20]. Therefore, because of significantly higher speeds of 
hydrogen gas relative to kerosene (heavier molecule), the rate of reaction is higher for hydrogen 
compared to kerosene. Another simple reasoning for the seven times higher rate of reaction of 



hydrogen compared to kerosene is the significant difference in the number of bonds to be 
broken during combustion. Kerosene which is typically represented by C11.6H22, is a heavier 
hydrocarbon (molecular weight of 161.5 g/mol) which has multiple bonds, compared to H2 

(molecular weight of 2 g/mol). Due to the significantly lower number of bonds to be broken 
during the combustion of H2, compared to kerosene, hydrogen has a higher rate of reaction.  
 The comparison of laminar premixed flame speeds (𝑆!") between different fuels can be 
done using equation SI 9 (source [22]), and it is given by, 

𝑆!" ∝ 	√α	RR (SI 9) 

where α	is the diffusive transport of energy (and species) from reaction zone into unburned 
gases and RR is the rate of reaction. Hydrogen is lighter compared to kerosene, and therefore 
it can diffuse quickly or has higher diffusion relative to kerosene. Additionally, as discussed 
above, the rate of reaction of hydrogen is seven times higher than kerosene. Therefore, as per 
equation SI 9 the flame speed of hydrogen is greater than that for kerosene. 
 For a flow channel (like a tube), if the diameter is smaller than some critical value, then 
the flame will not propagate in the tube even if the gas velocity in the tube is lower than the 
adiabatic flame speed. This critical diameter value is called as the quenching diameter which 
can be inversely scaled with the flame speed for analytical purpose [23]. Therefore, the 
quenching diameter for hydrogen (higher flame speed) is lower than that of kerosene. 
Flashback is an uncontrolled propagation of the flame upstream of combustion chamber 
because of a local imbalance in the flame speed and flow velocity [12]. If hydrogen is used 
directly in the gas turbine engines with same fuel lines designed for Jet-A then hydrogen will 
flash-back with flame propagation that can reach the fuel tank. Therefore, fuel systems must 
be designed that establish reliability and redundancy. 

SI 1.3.2 Engine operational issue for hydrogen use 

 During engine start, hydrogen travels from the cryogenic tanks through the fuel lines to 
the combustor. Before this, the fuel lines are void of hydrogen and only air present there. With 
the presence of ambient air in the fuel lines there is a high risk of combustion at the moment 
when hydrogen interacts with air [24]. This could potentially lead to flash back during the 
engine start-up phase [the previously discussed aspect of (critical) quenching diameter for 
hydrogen fuel lines is relevant here]. This risk can be eliminated by purging the fuel lines with 
an inert gas. Nitrogen can be used as a cheap substitute for an inert gas. Additionally, there is 
a possibility of solidification of gases when they encounter cryogenic hydrogen which can 
impede fuel flow. The purging of fuel lines will also be necessary while shutting down the 
engine.  
 Hydrogen not only has a high energy density per unit mass but is also an excellent heat 
sink (can be used to cool components). The cooling capacity of hydrogen is about 4.9 times the 
cooling capacity of conventional jet fuel and approximately 2.8 times the cooling capacity of 
CH4 [24]. Before the fuel enters the combustion chamber it should be preheated. This ensures 
that the fuel has completely vapourised during the condition maximum flow rate from the 
cryogenic tank. This can be safely and effectively performed by using a heat exchanger. 
Installation of fuel lines in the vicinity of engine hot sections is not recommended because any 



fuel leak will immediately result in high flammability risk. The use of a separate fluid in a heat 
exchanger will cool the hot sections of the engine, where the cryogenic hydrogen cools this 
separate fluid in the heat exchanger and in the process, hydrogen starts warming. Cooling the 
hot engine sections will help in the reduction of energy needed for combustion. This further 
ensures that the fuel will be fully in a gaseous state before injection. This increases component 
life and thermal efficiency, while benefiting from the heat sink potential of cryogenic hydrogen 
(as discussed above). Engine starting will need an electrical heater that increases the fuel 
temperature and after the engine reaches its idle rotational speed the heat exchanger becomes 
fully functional. Furthermore, a metering system is needed to be installed, as it can regulate the 
required liquid and gas fuel flow rate for different power settings. 

SI 1.3.3 Hydrogen powered combustors 

 Hydrogen combustion in gas turbine engines is more complex than just a simple FAR 
modification. It also depends on the geometry of combustor [25]. The addition of hydrogen to 
conventional fuels improves engine performance though the performance of using 100% 
hydrogen in conventional combustors is inferior to conventional fuels [24]. This drop in the 
performance is because of combustors geometry being insufficient for the effective mixing of 
air and fuel. As discussed in SI §1.3.1, the flame speed of hydrogen is greater than kerosene, 
where the conventional combustors are designed for the flame speeds of kerosene. Hydrogen 
combustion in conventional combustor result in large diffusive flames where stoichiometric 
ratios are found in the flame vicinity. This causes very high temperatures and resultantly high 
oxides of nitrogen (NOx) emissions. These issues can be resolved by considering all flame 
attributes of combustion like combustion efficiency, flame stability, acoustics, and other crucial 
diagnostics, for the design of a hydrogen fired combustor. After considering these aspects, two 
novel combustor concepts have emerged through research-development, for the effective and 
efficient combustion of hydrogen such that its full potential can be used. The two concepts of 
hydrogen combustors that are likely to be future alternatives are: the lean direct injection (LDI) 
examined by Marek et al. [13]; and the Micro-mix concepts studied by Dahl and Suttrop [26]. 
These two designs have proven to be successful via actual combustion experiments. Both 
design/concepts are similar in their methodology. Both concepts establish that flashback is a 
primary concern with the desire of increasing fuel mixing [24]. In both designs, the hydrogen-
air mixing strength is significantly enhanced for preventing the formation of large diffusion 
flames that result in higher NOx emissions. By improving the mixing strength, the flame length 
reduces for desired combustion quality, with lower combustor residence time. NOx depends on 
residence time and temperature. Enhancing the strength of mixing (or reducing the residence 
time) will result in very low NOx emissions. The two concepts of hydrogen combustors are 
discussed as follows: 

  



LDI combustor: 

 
Figure SI 5. Comparison of NOx emission (ppm) for different LDI combustor 

configurations at combustor inlet temperature of 700 K, combustor inlet pressure of 6.8 
atm., 4% fuel injector air flow pressure drop and 2 milliseconds of combustor residence 

time (created using correlations from Marek et al. [13]) 

 Multiple configurations/types of LDI combustors were studied by Marek et al. [13] at 
NASA’s Glenn research centre, which is capable of replicating typical conditions of gas turbine 
engine operations and ensuring reliability. In the combustor, flashback is prevented by using a 
H2 inlet tube of size lower than the quenching diameter for hydrogen. Marek et al. find that the 
performance of hydrogen LDI combustors is outstanding as compared with the performance of 
advanced Jet-A LDI combustors. Different configurations of fuel injectors are studied in the 
LDI experiments by Marek et al. (the injector and combustor geometry details can be found in 
[13]). Figure SI 5 provides a comparison of NOx emission (ppm) for different LDI combustor 
configurations at combustor inlet temperature of 700 K, combustor inlet pressure of 6.8 atm., 
4% fuel injector air flow pressure drop and 2 milliseconds of combustor residence time (using 
correlations from Marek et al.). 
 Referring to Figure SI 5, using injector C3 produces similar NOx emissions compared 
to LDI Jet-A, but it is an injector design that is simple, durable, and safe. The design of injector 
C4 is similar to the design of injector C3 but its NOx emissions are lower for equivalence ratios 
below 0.4 (or combustor temperature lower than 1,650 K). Injector C4 is durable and there is 
considerable radial mixing. C1 and C2 configurations have best performance in terms of NOx 
emission reductions, both of which produce less than half of NOx produced by LDI Jet-A 
combustor. The C1 injector failed during the experiments and therefore it could not be 
examined completely over the desired pressure range. C2 is unique in design, and it encourages 
very fast mixing. However, the durability and cooling of C2 was compromised as it resulted 
into a failure. All LDI examinations by Marek et al. are very stable. The LDI combustors result 
in reduced NOx levels without any auto-ignition or flashback. Other combustor (computational) 



configuration like a well-stirred reactor (WSR) followed by a plug flow reactor (PFR), 
practically produce near-zero NOx at equivalence ratios below 0.325, and it releases lower NOx 
than C1 and C2 at equivalence ratios below 0.425. 

Micro-mix combustor:  

 The micro-mix combustor is studied by Dahl and Suttrop [26] for hydrogen 
combustion. The study demonstrates safe combustion of hydrogen with focused efforts on 
minimising the NOx production. The objective of the study by Dahl and Suttrop was to convert 
the auxiliary power unit (APU) of A320 i.e., GTCP 36-300, such that it safely functions on 
hydrogen. The hydrogen combustor is designed using miniaturised diffusive combustion. This 
type of combustion improves the local mixing regions. Miniaturised diffusive combustion 
prevents the large diffusive flames (very high temperature zones) observed in hydrogen 
combustion conducted in conventional combustor. The enhanced mixing is a result of 
turbulence formations and the breakdown of eddies, which decreases the residence times, and 
the stoichiometric conditions are prevented.  

 
Figure SI 6. Comparison of NOx emissions performance of APU powered by 

conventional jet fuel and hydrogen fuel in conventional combustor and micro-mix 
combustor (data source [24,26]) 

 Figure SI 6 shows the NOx emissions performance comparison of APU powered by 
conventional jet fuel and hydrogen fuel in conventional combustor and micro-mix combustor 
(data source [24,26]). The highest NOx emissions are found in hydrogen combustion using 
conventional combustor, because of the large diffusive flames that tend to be at the 
stoichiometric conditions. High temperatures occur at stoichiometric conditions and NOx 
emission production is temperature dependent. The use of micro-mix combustor for hydrogen 
combustion produces lowest NOx emissions because it principally prevents stoichiometric 
conditions through improvement in local mixing strength. 



SI 1.4 GasTurb 

 The design and optimisation of the ultra-high bypass ratio (UHB) geared turbofan 
(GTF) engine will be conducted using commercial software called GasTurb 13 [17]. An 
overview of the GasTurb 13 software is provided below. 

SI 1.4.1 On-design point calculation 

 During the design process of the gas turbine engine, a thermodynamic cycle will be 
calculated and selected for the on-design point [17,27–29]. The total temperatures, total 
pressures, and mass flows, at the entry and exit of all engine components are calculated. The 
Mach numbers and hub-tip ratios for the components determine the crucial engine dimensions 
considering the aero-thermodynamics. Thus, through the selection/calculation of the cycle 
design point (on-design point), the flow-annulus geometry and the engine weight are 
determined. In addition to the engine geometry, the disk stresses are calculated. 
 At this point in GasTurb 13, the flow annulus geometry, turbine and compressors disks, 
and engine cross section, are designed. Thus, as compared to pure zero-dimensional/cycle 
analysis, more details on engine simulation are known and the quality of the design analysis is 
improved significantly. Additionally, more insights are obtained on the interaction between 
component aerodynamics, thermodynamics, and the mechanical design of gas turbine engines.  

SI 1.4.2 Off-design point calculation 

 At off-design points, the performance of a gas turbine engine with a given/fixed 
geometry (from the on-design point) is evaluated. During the initiation of an off-design point 
analysis, the component design points should be correlated with the component maps. This can 
be conducted automatically via standard GasTurb maps and the standard design point settings 
in these maps. The maps are scaled (by GasTurb) to size at the initiation of the off-design point 
calculations in such a manner that the maps are consistent with the on-design point [17,27–29]. 

SI 1.4.3 Standard maps  

 For every turbine and compressor there is one standard map [17,27–29]. These maps 
are taken from open literature for axial flow turbomachinery, and these are physically sound 
depiction of real turbomachines.  

SI 1.4.4 Selected maps  

 The accuracy of the off-design estimation is dependent on the validity of the component 
maps on whether or not they reflect the component performance [17,27–29]. The selected maps 
have a catalogue of pre-selected maps which provide numerous and different maps for different 
components, where each of them depicts a common turbine or compressor design. This enables 
the selection of the most suitable component maps and resultantly improving the accuracy of 
the off-design performance.  



SI 1.4.5 Cycle optimisation algorithms 

 In GasTurb 13, any cycle output parameter can be chosen as an objective function or 
figure of merit which can be minimised or maximised [17,27–29]. There are different 
optimisation algorithm/process available in GasTurb: random new start search, adaptive 
random search, endless random search, and systematic search. Whichever strategy is used 
initially for the optimisation should be complemented with other search strategies for ensuring 
that the estimated optimum point is global and not local. The ‘random new start’ will initiate a 
random search by shifting away from the previous optimum point towards the estimation of 
the new optimum. In the ‘adaptive random search’ algorithm, random numbers are used for the 
optimisation variables which are concentrated in the vicinity of the best prior optimum. The 
systematic search strategy is a gradient based search. The best optimum point estimated during 
all searches is the final outcome of an endless random search. The endless random search is 
ideal for cases where there are numerous optimisation variables and constraints, making the 
optimisation problem more complex. If the similar optimum point is obtained using multiple 
strategies, then it is clear that the point is the global optimum.  

SI 1.4.6 Disk design and optimisation 

 During the off-design mode, information such as engine geometry and the disk stress 
at any operational point can be obtained, however, the engine geometry cannot be modified 
[17,27–29]. Disk design and optimisation can be conducted in the off-design mode.  
 After the engine performance analysis, the disk dimensions and the disk stress should 
be analysed at both on- and off-design points, such that the disks are not overstressed at any 
operating point. GasTurb recommends that the disks should be optimised one by one, via 
several optimisation attempts for every disk. The optimisation should be initiated from different 
disk-shape points. During the disk optimisation, both the systematic search and random search 
should be used. 

SI 2. Design requirements and known data 

SI 2.1 Future engine and aircraft design data from literature 

The design characteristics of the long-range NASA N+2 blended wing body (BWB) 
GTF aircraft and Boeing 777-200LR (datum used by NASA), for 301 passengers are listed in 
Table SI 1. Additionally, the engine data of NASA N+2 BWB 301-GTF aircraft is provided in 
Table SI 2. Based on the information in Table SI 1 and Table SI 2, design targets are set for the 
engine. The graphical representation of this NASA N+2 BWB 301-GTF aircraft configuration 
can be found in resource [30]. 
 



 

 

SI 2.2 Specification of requirements 

 The design requirement/specification is a necessary step for initiating the design 
process which can be observed from Figures SI 1 to SI 4. In the current work, the design 
requirement is to conduct a conceptual design of a large twin aisle (LTA) BWB aircraft for 
transporting 301 passengers over a range of 7,500 nmi or 13,890 km. This aircraft should be 

Table SI 1. NASA N+2 BWB 301-GTF and B777-200LR aircraft data (source [30]) 
Characteristics Value 

Boeing 777-200LR 
Block fuel consumption 125,706 kg 

NASA’s N+2 BWB 301-GTF aircraft 
Range 7,500 nautical-miles (nmi) or 13,890 km 
Passengers 301 
Powerplant 2 geared turbofan engines 
Fuel type Conventional jet fuel 
Cruise Mach 0.84 
Gross take-off weight (GTOW) 242,441 kg 
Operating empty weight (OEW) 114,907 kg 
Payload weight 53,570 kg 
Wingspan 76.2 m 
Wing area 944.73 m2 
Aspect ratio (AR) 6.1 
Total fuel at mission start 73,965 kg 
Block fuel consumption 66,683 kg 
Saving in block fuel consumption relative to 
B777-200LR 47% 

Table SI 2. Engine data of NASA N+2 BWB 301-GTF aircraft (source [30]) 
Parameters Units Top of climb (TOC) Sea Level Static (SLS) 

Mach and altitude - , m 0.8 at 10,668 m 0, 0 m 
Net thrust kN 55.603 299.9 
Specific fuel consumption g/kN-s 13.15 5.62 
OPR - 60.0 47.1 
BPR - 17.65 20 
FPR - 1.35 1.25 
Bare engine weight kg 6,789.37 
Accessories weight kg 835.06 
Engine mount weight kg 137.44 
Total engine weight kg 7,761.87 
Nacelle and inlet weight kg 776.15 
Fan diameter  132.4 inches or 3.36296 m 
Power off-take kW 150 
Bleed  Zero 



powered by (liquid hydrogen) LH2 for zero direct-carbon emissions (operational phase) and 
100% SPK, separately. For developing designs of LH2 aircraft and 100% SPK aircraft, a 
baseline case is required where this BWB aircraft is powered by Jet-A. Modifications to the 
baseline case are made for the use of LH2 fuel and 100% SPK (separately), where the 
modifications are based on published literature. The aircraft design requirements are listed in 
Table SI 3, and these are based on Table SI 1. It is to be noted that the GTOW and OEW from 
Table SI 1 are not listed in Table SI 3 because these are expected to change since the engine 
weight might change because of use of next generation lighter materials. For uniformity with 
the NASA N+2 BWB aircraft study [30] (reference study), the ratio of block fuel weight 
(WF,block) to the total fuel weight carried at mission start (WF,total) is kept unchanged for 
modelling the use of Jet-A, LH2 fuel, and 100% SPK. For the BWB Jet-A (baseline) case, 
except for the engine weights, there is no other change expected. In case of LH2 fuel, 
modifications are required to the aircraft which changes the total aircraft weight.  

Table SI 3. Aircraft design requirements 

Characteristics Value 
Range 7,500 nautical-miles (nmi) or 13,890 km 
Passengers 301 
Powerplant Two geared turbofan engines 

Fuel type 
1. Conventional jet fuel 

2. Liquid hydrogen (LH2) 
3. 100% SPK 

Cruise Mach and altitude 0.84 at 10,668 m (35,000 ft) 
Payload weight 53,570 kg 
Wingspan 76.2 m 
Wing area 944.73 m2 
Aspect ratio 6.1 
Total conventional jet fuel at mission start 73,965 kg 

 
Table SI 4. Engine design requirements 

Parameters Units TOC SLS 
Mach and altitude - , m 0.8 at 10,668 m 0, 0 m 
Net thrust kN 55.603 299.9 
OPR - 60.0 47.1 
BPR - 17.65 20 
FPR - 1.35 1.25 
Fan diameter*  132.4 inches or 3.36296 m 
Power off-take kW 150 
Bleed - Zero 
Drive and engine type - Geared turbofan engine 
* is a design requirement only for baseline (BWB Jet-A) case, LH2 case 1, and 100% SPK 

 



For 100% SPK, slight modifications are required to the baseline aircraft for 
accommodating a slightly less dense fuel (as learnt from [31]) which changes the OEW and 
GTOW.  

In the context of engine design, which is the scope of this work, the design requirements 
are listed in Table SI 4. The listed parameters in Table SI 4 are set as design requirement since 
the NASA N+2 BWB aircraft has been assessed for noise assessment. It is assessed at 40.3 
effective perceived noise levels in decibels (EPNLdB) cumulative ‘below’ the Stage 4 
certification level. The parameters in Table SI 4 viz. thrust (exhaust velocity), FPR (with fan 
diameter), significantly contribute to noise emission. The OPR changes as FPR changes, and 
therefore is considered as a design requirement here. The high engine BPR can be perceived as 
a technology metric which has an impact on noise emission reduction. 

SI 2.3 Data for engine design 

 Considering the design requirements set above, a discussion is required on the data 
known from literature. This data comprises of engine design and technology used currently and 
planned to be used in the future, which can be useful for meeting the set engine design 
requirements. The objective of this work is to design a UHB GTF engine that meets the 
requirements listed in Table SI 4. The engine data in terms of component efficiencies, stage 
count, advanced materials, cooling flows, and combustor technology, are discussed as follows. 
These form the basis of most inputs to the engine model developed in this work. 

SI 2.3.1 Component efficiencies  

Table SI 5. Engine component efficiencies presently (source [17]) 
Component Value (%) 

Fan Inner 91.00 
Outer 90.37 

Intermediate pressure compressor (IPC) 92.01 
High pressure compressor (HPC) 91.00 
High pressure turbine (HPT) 89.00 
Low pressure turbine (LPT) 92.16 

 
Table SI 6. Future engine component efficiencies  

Component 
SLS [32] TOC [32] Cruise [32] Climb 

(in %) 
Fan Inner 92.1 92.8 94.4 94.1 Outer 
IPC 92.6 92.5 93.0 92.2 
HPC 92.1 91.2 93.0 92.8 
HPT 93.6 94.4 93.5 94.4 
LPT 94.1 95.6 93.8 95.6 

 



 The engine design and optimisation will be conducted using commercial software 
called as GasTurb 13 [17]. Table SI 5 and Table SI 6 list gas turbine engine’s component 
efficiencies for the present and future technology, respectively. In Table SI 5 the component 
efficiencies are taken from GasTurb 13 [17] and in Table SI 6 component efficiencies for all 
operating point except ‘climb’ come from NASA’s study [32] for the H3.2 aircraft. The H3.2 
aircraft is a BWB aircraft having propulsion systems installed aft of the aircraft, similar to the 
aircraft design requirement set in this work. The component efficiencies during climb in Table 
SI 6 is calculated by taking an average of respective component efficiencies at take-off and 
top-of-climb for the H3.2 aircraft from NASA’s study [32]. 

SI 2.3.2 Turbomachinery stage count 

 The stage count of the turbomachinery in a gas turbine engine is an important 
aspect. Depending on the turbomachinery stage-loading, the distribution of work between 
stages of this machine is determined. Therefore, for a fixed engine geometry, if a compressor 
with standard stage loading is used to do the required work, but with lower stage count, then 
the compressor might not be able to conduct the required compression, as it isn’t designed for 
these conditions. On the other hand, if more stages of a turbomachinery are selected, then it 
can increase the engine weight. Therefore, selection of turbo-machinery stage count is very 
crucial.  
 In this work, the selection of stage counts for compressor and turbines is based on 
three studies: Kestner et al. [33], Bijewitz et al. [34], and Pratt and Whitney’s GTF engine 
PW1100G [35]. The engine compression system includes IPC and HPC, and expansion system 
includes HPT and LPT. Kestner et al. [33] and Bijewitz et al. [34] design turbofan engines for 
future applications. Table SI 7 lists the stage count of compressor and turbines from the three 
studies. It also provides the stage counts used in this work. It can be observed from Table SI 7 
that the stage counts between the three studies are very similar except the stage counts for the 
HPC and LPT. 
 Kestner et al. [33] use stage count of 10 for the HPC citing the GEnx engine (used 
on the latest Boeing 787 aircraft), which has same number of stages. PW1100G engine [35] 
has a stage count of 8 for the HPC. Bijewitz et al. [34] arrives at a value of stage count of 9 for 
the HPC based on trade studies that take into consideration stage loading and feasible stage 
pressure ratios. Moreover, the design parameters of the study by Bijewitz et al. [34] is almost 
similar to the current work. Therefore, stage count of 9, similar to the study by Bijewitz et al. 
[34], for the HPC is selected here.  

Table SI 7. Stage counts of engine compressors and turbines  

Component 
Stage count 

Kestner et al. [33] Bijewitz et al. [34] PW 1100 G [35] Present work 
Fan 1 1 1 1 
IPC 3 3 3 3 
HPC 10 9 8 9 
HPT 2 2 2 2 
LPT 3 4 3 3 



 In case of LPT stage count, the value of 3 is selected, similar to the study by Kestner 
et al. [33] and to the PW1100G engine [35]. Firstly, it is observed in the methodology section 
of the main paper that the gear ratio is one of the optimisation design variables. Gear ratio is 
linked to the low-pressure spool speed. The low-pressure spool speed along with the stage 
loading determine the stage count. Secondly, low pressure turbines are large components 
compared to the high-pressure systems, hence have more weight. Considering both these 
points, especially the weight aspect, stage count of 3 similar to the study by Kestner et al. [33] 
and to the PW1100G engine [35], is used here for LPT. 

SI 2.3.3 Engine materials 

 Most advanced materials (with advanced component manufacturing process) that 
are planned to be used in future aircraft engines are currently expensive. Therefore, use of these 
materials is cost prohibitive currently. The use of these materials provides benefits during the 
engine operation. The examples of these benefits are engine weight reduction due to use of 
lighter materials, high operating temperatures due to the use of ceramic matric composites 
(CMC), implementation of materials with excellent strength for reducing mechanical and 
thermal stresses in components, improved component, and engine life, etc.  
 There are primarily four NextGen engine materials that have the potential to 
improve the operating conditions, safety, and performance. These four materials include:  
• Ti-6Al-4V (titanium alloy): 

 The benefits of this material is that it is lighter and stronger than conventional materials 
[36]. It can be used in engine components with low operating temperature such as fan, 
booster (IPC). The technology readiness level for this material’s manufacturing is high, and 
it is implemented currently in engines. However, the use is limited because of the high 
costs. In future, using advanced manufacturing techniques, the production cost is expected 
to decrease [36,37]. 

• Braided carbon composite (BCC):  
 Braided composites find application to the engine casings. Specifically, in terms of 
application, they are best suited for casings of fan and IPC. They create lighter and more 
fuel-efficient engine casing, that is stronger and safer compared to the conventional 
materials [38,39]. The manufacturing is matured currently and is cost-effective, and overall 
facilitates reduction of engine cost [38].  

• Polymer matrix composite-aluminium honeycomb core (PMC/Al honeycomb): 
 This is attractive for aero-engine applications because of its properties such as low 
weight, high strength, and low cost for manufacturing complex-shaped components. It can 
be used in the fan section of the engine [40]. 

• Ceramic matrix composites (CMCs): 
 There has been a significant progress made in the development and application of 
CMCs consisting of silicon carbide (SiC) based matrices reinforced by small diameter 
continuous-length SiC-based fibres [41]. The SiC/SiC composites are currently in the early 
stages of implementation into hot-end components of aero gas turbine engines for civil 
aviation application. In comparison with the traditional materials, they offer multiple 
advantages because of their lighter weight and higher temperature structural capability. 



There is a variety of SiC-based fibres, some of which are listed below in Table SI 8 with 
their densities and maximum allowable/operable temperatures.  

Table SI 8. Some key properties of SiC-based fibres 
SiC fibre Density (kg/m3)  Maximum temperature (K) 

Tyranno TE 2,550 [42,43] 1,673 [43,44] 
Hi-Nicalon 2,740 [42] 1,723 [41] 
Hi-Nicalon Type-S 3,110 [42] 1,923 [41] 
Tyranno SA 3,110 [42] 2,173 [41] 
 

Table SI 9. Comparison of conventional and advanced/NextGen material densities for engine’s 
important components 

Component 
Conventional Advanced/NextGen 

Material Density (kg/m3) Material Density (kg/m3) 

Fan casing Ti-6Al-4V 4,429  
[40,45,46] BCC 1,520 [39] 

Fan bypass vane Ti-6Al-4V 4,429  
[40,45,46] 

PMC/Al 
honeycomb 1,533 [40] 

Fan Blades and disk Titanium-alloy 
(Hollow core) 

2,000  
[17,47] 

PMC/Al 
honeycomb 1,533 [40] 

IPC Blades and disks Ti-6Al-4V 4,429  
[40,45,46] Ti-6Al-4V 4,429  

[40,45,46] 
IPC-HPC Duct casing Inconel 718 8,221 [48] BCC 1,520 [39] 
HPC Blades and disks Inconel 718 8,221 [48] Inconel 718 8,221 [48] 
Combustor casing 
material Inconel 718 8,221 [48] SiC CMC 

(Tyranno TE) 2,550 [42] 

Combustor can 
material Inconel 718 8,221 [48] SiC CMC  

(Tyranno SA) 3,100 [42] 

HPT Blades and disks Inconel 718 8,221 [48] SiC CMC  
(Tyranno SA) 3,100 [42] 

LPT Blades and disks Inconel 718 8,221 [48] Inconel 718 8,221 [48] 
 

It can be seen from Table SI 8 that with SiC fibre Tyranno SA, the operable temperature 
can be as high as 1,900oC or 2,173K. Considering the trend of turbofan engine development, 
the engines are becoming hotter over the time with the increase in the OPR [49]. With higher 
OPR, the thermal efficiency of the engine will be higher. Therefore, for the higher turbine 
temperatures in future engines, the use of these SiC based CMC is helpful and is required. 
In this work, such CMCs will be used in the hot-end components, depending on the location 
and need of the components. For example: Tyranno SA will be used for the combustor cans 
and the high-pressure turbines because these components are in direct contact with 
extremely hot gases. Hence, the best quality SiC fibre is selected. On the other hand, for the 
combustor casing (outer to the cans), CMCs are required but not the high-end SiC fibres 
like Tyranno SA (which can also minimise the cost). A Tyranno TE (standard) type fibre 



will be used for the combustor casing. Table SI 9 provides a comparison of conventional 
and advanced/NextGen material densities for the engine’s important components. 
Additionally, Table SI 10 provides a comparison of conventional and advanced/NextGen 
material densities for the engine’s miscellaneous components. Moreover, Table SI 11 
provides a comparison of mass to power ratio of conventional and advanced/NextGen 
gearbox. The information in Table SI 9, Table SI 10 and Table SI 11 will be used as inputs 
to the future engine model developed in this work and in the two validation cases (in SI §4), 
using GasTurb 13 software. 

Table SI 10. Comparison of conventional and advanced/NextGen material densities for 
engine’s miscellaneous components 

Component 
Density (kg/m3) 

Conventional Advanced/NextGen engine 
Shaft 4,429 [40,45,46] 3,204 [50] 

Engine inlet casing 4,429 [17,40,45,46] 1,602 [50] 
Containment ring (Fan) 800 [17] 321 [50] 

Inlet guide vane (IGV) of IPC 4,429 [17,40,45,46] 1,602 [50] 
Casing (IPC) 4,429 [17,40,45,46] 1,602 [50] 
IGV (HPC) 4,429 [17,40,45,46] 4,429 [17,40,50] 

Outer casing (HPC) 4,429 [17,40,45,46] 4,429 [17,40,50] 
HPC casing 4,429 [17,40,45,46] 4,429 [17,40,50] 

Outer casing (HPT) 8,221 [17,48] 1,922 [50] 
HPT casing 8,221 [17,48] 1,922 [50] 

Turbine inter-duct (HPT-LPT) 8,221 [17,48] 3,204 [50] 
LPT casing 8,220.93 [17,48] 4,428.785 [17,40,50] 

Exhaust casing 8,220.93 [17,48] 4,428.785 [17,40,50] 
Bypass casing 4,428.785 [17,40,45,46] 1,601.85 [50] 

Nozzle 8,220.93 [17,48] 1,922.22 [50] 
 

Table SI 11. Comparison of mass to power ratio of conventional and advanced/NextGen 
gearbox 

Component Conventional Advanced/NextGen engine 
Gearbox mass to power ratio (kg/kW) 3E-2 [17] 4.83E-3 [50] 
 
 Turbomachinery disks: Table SI 9 lists advanced material for ‘disks’ of 
compressors and turbines. These are usually the most massive components of any gas turbine 
engine. Disks are structurally critical, and they experience extremely high stresses and loads in 
the engine. Disk failure (disk burst) can be catastrophic as such failures are not containable. 
The turbomachinery disks will also be considered within the engine design-optimisation space 
in GasTurb 13. Using the advanced materials, a check is made such that the disks are not 
overstressed at different points in the flight envelope and that disks weigh less compared to the 
case of conventional materials.  



SI 2.3.4 Cooling flows 

 It is to be noted that through all cases, advanced materials are used (as reasoned 
and discussed previously). Therefore, especially for hot components (combustor and HPT) the 
ability of advanced materials to bear high temperatures is greater compared to conventional 
materials. 20% cooling flows for HPT are used through all cases except Case 3 of LH2 where 
the turbine cooling flow requirement is relaxed owing to the condition that the engine runs 
colder (reduced thrust requirement and fan size) relative to the baseline case (Jet-A), Case 1, 
Case 2, 100% SPK and more importantly the material’s high-temperature withstanding limit. 
The value of 20% cooling flows for high pressure turbine is selected based on NASA’s study 
[32] and study by Bijewitz et al. [34]. Furthermore, the engine design characteristics and thrust 
requirement of the study by Bijewitz et al. [34] is similar to the design requirements of this 
work. Therefore, the selection of 20% cooling flows in this work, for HPT, is well supported. 
Additionally, the study by Bijewitz et al. [34] sets design temperature limit of 1,350 K on LPT, 
to allow it to remain uncooled i.e. zero cooling flows. Similar condition is set in the current 
work (for all fuel cases), such that the LPT does not require cooling. In other words, if the 
temperature at the inlet of the low-pressure turbine exceeds 1,350 K, cooling flows are required. 
Cooling flows affect the fuel consumption since the air required for turbine cooling is extracted 
from the compressor. Higher the cooling flows, more is the fuel consumption.  

SI 2.3.5 Combustor technology 

 LDI combustor uses lean combustion and is a promising low emissions combustor 
for aero-engines, especially for those with high OPR [51]. A continuous rise in engine OPR 
and turbine entry temperature (TET) because of performance requirements, results in the 
increase of NOx formation. Combustors which can simultaneously meet LTO NOx emissions 
regulations, achieve high efficiency, and low thrust specific fuel consumption (TSFC), are 
highly demanded. Other low emission technologies such as Rich-burn Quick-quench Lean-
burn (RQL) have been developed and are assessed to be successful. In comparison with other 
low emission combustors, the LDI is shorter in length and has the potential to achieve further 
reduction in NOx compared to RQL combustor. It is less likely to suffer from combustion 
instabilities and flashback compared to the Lean Premixed Pre-vapourised (LPP) combustor. 
The use of LDI combustor is advantageous because of its lean combustion, where the flame 
temperature is decreased by fuel combustion far (lean) from stoichiometric condition. The fuel 
is directly injected into the flame zone instead of being pre-vapourised and premixed with air. 
Therefore, the LDI combustors are less likely to suffer from auto-ignition and flashback 
compared to LPP combustors. The fuel injector design is thus crucial for LDI combustors to 
enable the required level of atomisation and homogeneous fuel-air mixing. 
 In this work, hydrogen is also being explored as the potential alternative to the 
conventional jet fuel. A review of combustors for hydrogen use is included in SI §1.3.3. One 
of the important technology challenges for using hydrogen in gas turbine engines is its 
compatibility and performance in the present combustion system, particularly the current fuel 
injectors. Marek et al. [13] conduct experiments with a series of novel LDI injectors for 
hydrogen as a potential gas turbine fuel candidate. All these injectors for hydrogen are based 
on LDI technology with multiple injection points and quick mixing. Flashback is one challenge 



to hydrogen based premixing combustion systems because hydrogen’s reaction rate is about 
seven times that of conventional jet fuel (Jet-A). To mitigate the risk of flashback, the mixing 
times were designed to be short and velocities to be high. All the LDI configurations for 
hydrogen combustion performed well and were stable, and these resulted in low levels of NOx. 
No autoignition or flashback phenomena were encountered during the experiments. LDI 
combustor is found to be suitable for the use of both conventional jet fuel and hydrogen based 
on the above discussion. For hydrogen, C4 type of combustor configuration is preferable 
according to the discussion in SI §1.3.3. In this work LDI combustors (for Jet-A, 100% SPK 
and LH2 [C4 type]) will be used. 

SI 3. Model details 

SI 3.1 Rationale for design-optimisation parameters 

 For the inlet standard corrected flow of engine, the extreme values are based on an 
educated guess. Halliwell [50] estimates the inlet standard corrected flow value of ~ 1,443 kg/s 
for Trent XWB engine which has a BPR of 9.3 and fan diameter of ~ 3.18 m. The design target 
for the engine in the present work has a BPR of 17.65 at TOC, and fan diameter of ~ 3.36 m. 
The inlet standard corrected flow is directly related to the fan diameter. Therefore, for a higher 
fan diameter and significantly higher BPR compared to the Trent XWB model by Halliwell 
[50], the inlet standard corrected flow has to be greater than 1,443 kg/s. The minimum, start-
guess and maximum values are selected to be 1,400, 1,700 and 1,800 kg/s, respectively. 
Additionally, the fan diameter value of ~ 3.36 m is set as a constraint (in Table 3 in main paper) 
in the optimisation process of the current work as per the set design targets. The other constraint 
considered in this work (in Table 3), which is directly related to the inlet standard corrected 
flow, is the thrust. It is observed in the result section that the value of inlet standard corrected 
flow for the baseline (Jet-A) case is ~ 1,663 kg/s, after optimisation. 
 The burner exit or TET design variable has been discussed before. Since CMCs are 
selected for the design of hot-end components, the maximum limit is set to be 2,173 K (Tyranno 
SA SiC fibre) [41]. The start-guess value is 1,750 K, which is a design TET in the study by 
Bijewitz et al. [34]. A realistic minimum value of 1,400 K is selected as the minimum 
temperature limit here, though it can be set to zero as lower TETs are preferred. The 
optimisation constraint used here (in Table 3 in main paper), which is directly linked to the 
design variable of TET (T4), is the thrust. 
 The minimum value of pressure ratio of any compressor must be greater than 1 for it to 
be called a compressor. Therefore, the minimum value of pressure ratio of fan, IPC, and HPC 
is set to 1.1. One of the constraints considered in this work (in Table 3) is OPR of 60, which is 
directly related to the pressure ratios of compressors. It is important to note that OPR is 
dependent on the FPR, IPC pressure ratio, and HPC pressure ratio. The design requirement 
states that the FPR must be 1.35, which is set as the maximum limit. The FPR is considered as 
a design variable primarily to try to achieve as low value as possible (<1.35) towards the set 
design requirements. This also results in reduced noise production, though noise evaluation is 
not considered in the design process explicitly throughout this work. Halliwell [50] uses a 
pressure ratio of 6.3 for the IPC in their turbofan engine model of an 8 stage IPC. Since, the 



OPR of 60 (at TOC) as per the engine design requirement, is higher in comparison to the OPR 
of 50 in the study by Halliwell [50], a maximum value of 10 is used for the design variable of 
IPC pressure ratio. The number of stages of the IPC is previously selected to be 3 (Table SI 7), 
so assuming uniformly distributed compression in each stage similar to the Halliwell study 
[50], the start-guess value of 3 is used. The maximum value of the pressure ratio of the HPC is 
set to 25 considering that study by Kestner et al. [33] used a pressure ratio of 23 for the HPC. 
The product of the pressure losses, FPR, and IPC and HPC pressure ratio equals OPR. Since 
the engine OPR of 60 at the design point must be modelled and all values in the above-
mentioned product except the HPC pressure ratio are known, a value of 15 suffices this product 
and is considered as a start-guess value for the pressure ratio of HPC.  
 The tip speeds of fan and HPC from the study by Halliwell [50] are used as maximum 
values for tip speeds for fan and HPC in this work. Tip speeds are linked to spool speeds. Since 
the engine currently under consideration is a geared turbofan, only the fan design speeds are 
expected to be different than the study by Halliwell [50] (direct-drive turbofan). Additionally, 
BPR and the fan diameter in the current work are greater than the study by Halliwell [50]. 
Therefore, the fan speeds can be expected to be very different from the study by Halliwell. The 
HPC speed in this work is expected to remain similar to the values in the study by Halliwell 
[50]. The minimum values and the start-guess values are based on the above estimation. 
Additionally, because the maximum values of tip speeds have been set with realistic design 
speeds, the spool speed has indirectly been set to realistic values. Therefore, there is an indirect 
design constraint considered here. This prevents high engine shaft speeds which can cause 
vibrations, and very high shaft speeds can lead to a phenomenon called as ‘whirling’ of shafts, 
which is a violent shaft vibration that could lead to shaft failure. 

The study by Bijewitz et al. [34], which has almost similar design requirements, uses a 
maximum gear ratio of 4.5:1, and their actual design gear ratio is 4:1. The design gear ratio in 
the study by Kestner et al. [33] is 2.88:1, while the design gear ratio for the Pratt and Whitney’s 
engine PW1100G is expected to be 3:1 [52]. Therefore, the minimum, start-guess, and 
maximum values are selected to be 2.5, 3 and 4.5, respectively. 

SI 3.2 Model inputs 

 Most of the model inputs are similar for baseline Jet-A fuel, 100% SPK, and all three 
cases of LH2 fuel. Some of the model inputs change between baseline case and three cases of 
LH2 fuel. To differentiate these changes, inputs are listed separately. 
 Table SI 12 lists the atmospheric data input into the engine model at off-design point 
of SLS. Table SI 13 lists the atmospheric data input at on-design point of TOC, and off-design 
point of cruise, loiter, and climb. It is to be noted that all five points, realistic values of humidity 
(from literature) are used, which is not used in international standard atmosphere (ISA) 
standards. Humidity acts as a real-world penalty on the engine thrust, and thus it is required to 
consider a worse case thrust in the engine design-optimisation compared to ISA. The 
temperature and pressure at SLS condition are standard. The altitude (35,000 ft or 10,668 m) 
and Mach number at cruise and TOC points are as per the design requirements discussed before 
(Table SI 1 – Table SI 4). Standard transport jet (civil aircraft) loiter altitude (5,000 ft or 1,500 
m) and Mach number are used (from literature). Because this work uses first order modelling 
methods, for climb an average climb speed of 290 knots (149.19 m/s), similar to present day 



efficient aircrafts like Airbus A350-900 and Boeing 787, is considered mid-way (5,334 m) of 
complete climb, for estimating the engine TSFC at climb [53,54]. At the mid-way climb 
altitude of 5,334 m, the speed of sound is 319 m/s. Therefore, at this point 290 knots is equal 
to Mach number of 0.47. 

Table SI 12. Atmospheric data input at off-design point of sea level static 
Input parameters SLS 

Pressure 101.325 kPa [55] 
Temperature 288.15 K [55] 
Relative humidity 50% [55] 

 

Table SI 13. Atmospheric data input at on-design point of top-of-climb, and off-design point 
of cruise, loiter and climb 

Input parameters Top of climb 
(TOC) Cruise Loiter Climb (mid-way and 

average climb speed) 
Altitude (m) 10,668 10,668 1,500 [56] 5,334 
Relative humidity (%) 10 [57] 10 [57] 60 [57] 60 [57] 
Mach number 0.8 0.84 0.6 [56] 0.47 

 

Some of the model inputs have already been listed and discussed which include a. future 
engine component efficiencies (Table SI 6); b. Turbomachinery stage count (Table SI 7); c. 
Engine materials (Table SI 9 and Table SI 10); d. Gearbox weight to power ratio (Table SI 11); 
e. Engine design variables i.e., start-guess values. In this work, new engine design of the future 
for conventional jet fuel, 100% SPK, and LH2 fuel (three cases), are developed using advanced 
material and future component efficiencies (respective inputs to the GasTurb 13 engine model), 
where the design requirements are set using N+2 study. In some of the validation cases only 
(in SI §4) conventional material and conventional component efficiencies will be input to the 
GasTurb 13 engine model. There are other inputs to the engine model which are listed and 
discussed next. 
 At the design point i.e., TOC, the design requirement values of BPR, bleed, and power 
off-take are 17.65, 0 kg/s, and 150 kW respectively, which are input to the engine model. These 
along with other inputs i.e., standard values from literature and GasTurb 13, are listed in Table 
SI 14. Recalling the discussion on OPR from SI §3.1, OPR is a product of pressure losses, FPR, 
IPC pressure ratio, and HPC pressure ratio. The pressure losses that count towards OPR 
comprise of loss in engine intake and in ducts between two consecutive compressors (fan 
included). 

  The aspect of cooling flows (input in Table SI 14) has been discussed in detail in SI 
§2.3.4. While most inputs remain the same for all design cases (Jet-A, 100% SPK, and three 
cases of LH2), the HPC inputs viz. the HPC inlet radius ratio and HPC inlet Mach number 
change slightly between cases. It is to be noted that these two inputs are similar to the 
standard/default inputs in GasTurb 13 [17]. These are changed primarily to obtain satisfactory 
aerodynamic performance of the turbomachinery (discussed in §2.2 of the main paper). It can 



be observed from Table SI 14 that both HPC inlet radius ratio and HPC inlet Mach number 
remain same for Jet-A, 100% SPK, and Case 1 of LH2, since there is no change in engine thrust 
production between these cases. However, during the optimisation of Case 2 and Case 3 of 
LH2, the thrust requirement and fan diameter reduces (because of lighter aircraft), which 
changes the shape of the HPC for maintaining the required design bypass ratio of 17.65 and 
thus both HPC inlet radius ratio and HPC inlet Mach number increases. 

Table SI 14. Inputs for different engine components and different engine design cases (square 
brackets indicate reference number) 

Input parameters Value 
Basic inputs for all cases (Jet-A, all three LH2 cases, and 100% SPK) 

Intake pressure ratio 0.99 [58] 
Core inlet duct pressure ratio 0.99 [17,59] 
IPC-HPC inter-duct pressure ratio 0.98 [17] 
Bypass duct pressure ratio 0.992322 [17] 
Turbine inter-duct reference pressure ratio 0.98 [17] 
Design bypass ratio 17.65 
Burner design efficiency 0.9995 [17] 
Overboard bleed 0 kg/s 
Power off-take 150 kW 
High pressure spool mechanical efficiency 0.995 [17] 
Low pressure spool mechanical efficiency 0.992 [17] 
Burner pressure ratio 0.96 [50] 
Turbine-exit duct pressure ratio 0.99 [17] 
Fuel heating value (MJ/kg) 43.2 1, 120 2, 3, 4 , 44.1 5 [11,60] 

Cooling flows 
High pressure turbine section 20% 1, 2, 3, 5 (source [32,34]), 0% 4 
Low pressure turbine section 0% 1-5 (source [34]) 

Fan inputs for all cases (Jet-A, all three LH2 cases, and 100% SPK) 
Inlet radius ratio 0.28 [17] 
Inlet Mach number 0.6 [17] 

HPC inputs 
Inlet radius ratio 0.423 1, 2, 5, 0.448 3, 0.46 4 
Inlet Mach number 0.5 1, 2, 5, 0.52 3, 0.53 4 
Inputs to be selected as per the respective case considered: 
1 Baseline case (Jet-A), 2 Case 1 of LH2, 3 Case 2 of LH2, 4 Case 3 of LH2, 5 100% SPK 

 
Table SI 15 lists the inputs for engine nozzle section for different operating points. 

These inputs remain same for all design cases. Gamble et al. [61] suggest that fixed-nozzles 
(of gas turbine engines) have highest thrust coefficient at their design point. To account for a 
drop in nozzle performance at off-design point, specifically at ground conditions, an 
average/moderate thrust coefficient value of 0.9 is considered at SLS (off-design point) based 
on the study by Manneville [62], which makes this evaluation at take-off condition 



(approximated to SLS for the present work). All the above-mentioned model inputs have been 
summarised and listed in Figure SI 7. 
 

 

 
Figure SI 7. Engine model inputs 

SI 4. Engine modelling validation cases 

 After discussing the model/methodology, it is important to try and evaluate the model 
using published literature. This enables to establish the model’s accuracy. By conducting 
validation cases, a scientific confidence is built on the proposed model. In this section, there 
are two validation cases, and these were primarily selected because of the sufficiency of data 
availability (one or multiple publications) to replicate the studies. According to the book by 

Table SI 15. Inputs for engine nozzle section for different operating points and different 
engine design cases 

Input parameters Value 
SLS (Jet-A, all three LH2 cases, and 100% SPK) 

Core and Bypass thrust coefficient 0.9 [62] 
Core and bypass discharge coefficient 1 [62] 

On-design (TOC), climb, cruise, and loiter (Jet-A, all three LH2 cases, and 100% SPK) 
Core and bypass thrust coefficient 1 [63–65] 
Design core nozzle angle 20 [50] 
Design bypass nozzle angle 30 [50] 



Kundu et al. [6] and thesis of Kirby [4], a prediction difference of ±5% is acceptable in the 
conceptual design phase. Therefore, for the two validation cases, this criteria of ±5% difference 
on engine metrics is used as a basis for establishing confidence in the model. 

SI 4.1 Validation Case 1 

 Bijewitz et al. [34] design an UHB GTF engine for future aviation application in 
GasTurb 11 software. The engine data is only known for on-design point and hence this 
validation case is only limited to on-design point. Most of the data required for this validation 
case comes from study [34] and remaining information comes from another study of the same 
author [59] that considers same engine conditions.  

Data known and methodology for case 1: 

 

 The data known for the validation case 1 is summarised in Table SI 16. The process of 
design-optimisation remains the same as discussed in the methodology section in the main 
paper. Table SI 16 also categorizes the data from the studies of Bijewitz et al. [34,59] into 

Table SI 16. On-design data of GTF engine at TOC condition of 35,000 feet (10,668 m) 
altitude at Mach 0.78 modelled by Bijewitz et al. [34,59] 
Parameter Value 

Basic inputs 
BPR 19.4 [34] 
Fan inlet Mach number 0.7 [59] 
Fan inlet Hub/Tip Ratio 0.29 [59] 
Intake pressure ratio 0.997 [59] 
Core intake pressure ratio 0.99 [59] 
Bleed and power off-take None [34] 
Number of fans, IPC, HPC, HPT, LPT stages 1, 3, 9, 2, 4 [34] 
Gear ratio 4:1 [34] 
TET or T4 1,750 K [34] 

Cooling flows 
Cooling flows 20% for HPT; 0% for LPT [34] 

Constraints 
Thrust 56 kN [34] 
OPR 60 [34] 
Fan diameter 3.35 m 

Performance parameters 
TSFC 12.67 g/s-kN [34] 
Core efficiency 0.6 [34] 
Propulsive efficiency 0.85 [34] 
Thrust/engine mass flow 
OR 
Engine mass flow 

83 [34] 
OR 

674.6 kg/s 



inputs, cooling flows, constraints, and performance parameters. The design requirement here 
is to design a UHB GTF engine with a BPR of 19.4, OPR of 60, fan diameter 3.35 m, and to 
produce thrust of 56 kN at TOC point of 35,000 feet (10,668 m) altitude with Mach 0.78 [34].   
 The fuel used here is Jet-A, and cooling flows are 20% for HPT with uncooled LPT 
[34]. The number of fan, IPC, HPC, HPT, and LPT stages are 1, 3, 9, 2, and 4, respectively 
[34]. The fan inlet Mach number and hub/tip ratio are 0.7 and 0.29, respectively [59]. There is 
no power off-take and bleed [34]. The pressure ratios at engine inlet and core inlet are 0.997 
and 0.99 respectively [59]. Bijewitz et al. [34] use conventional material in the engine except 
the fan, where they use PMC. The properties of conventional material (including gearbox 
technology) and PMC are known from Table SI 9 – Table SI 11. The above information/inputs 
need to be updated in the model described in the methodology section in the main paper. 
 The component efficiency for each turbomachine is unknown through the studies of 
Bijewitz et al. [34,59], and therefore all component efficiencies will be treated as design 
variables in the optimisation process, unlike the methodology section in the main paper. For 
all these design variables, all minimum values are set to 0.85, the start-guess values are set to 
the values in Table SI 5 (present efficiencies) and the maximum values are set to values in 
Table SI 6 (future efficiencies at TOC point). Also, compared to the proposed model, the design 
TET and gear ratio are known to be 1,750 K and 4:1, respectively. Hence, these two parameters, 
which are design variables in the methodology section in the main paper, will be removed as 
design variables as these values are fixed as per the known data/design requirement. 
 The design constraints (parameters) remain the same, except the change in their values. 
Thus, 56 kN of thrust is to be produced with an engine which has OPR of 60 and fan diameter 
of 3.35 m. Overall, the model described in the methodology section of the main paper, remains 
unchanged (including all model inputs) except the changes/updates mentioned above as they 
are pertinent to replicate the studies of Bijewitz et al. [34,59] listed in Table SI 16. The 
methodology for this validation case is now completed, and the results are discussed below, 
along with a comparison of engine performance with the published values. 

Validation case 1 results and discussion: 

 Table SI 17 shows the comparison of on-design engine performance between the 
current model and study by Bijewitz et al. [34]. It can be observed from Table SI 17 that the 
proposed model in the main paper is able to replicate the study by Bijewitz et al. [34] with high 
accuracy (+0.035% difference in the TSFC values between both studies relative to Bijewitz et 
al. [34]) and meet all design requirements (italicised). The LPT inlet temperature in both cases 
is lower than 1,350 K which was a requirement for having uncooled LPT.   

In terms of engine weight, the study by Bijewitz et al. [34] does not provide engine 
weight directly, instead it gives the total propulsion system weight (of 7,648 kg). Additionally, 
the breakdown of the total propulsion system weight into component weights, is not provided 
by Bijewitz et al. [34]. Moreover, it is not clear whether the total propulsion system weight (of 
7,648 kg) is inclusive of engine mount weight. Therefore, there are two different engine 
weights estimated in Table SI 18: 1. Inclusive of weights of the bare engine, nacelle and inlet, 
and mount; 2. Inclusive of weights of the bare engine, nacelle, and inlet only. The bare engine 
weight is calculated using GasTurb 13 as discussed previously. The nacelle and inlet weight, 
and mount weight, both come from Table SI 2 i.e. from the NASA N+2 study by Nickol et al. 



[30]. It is to be noted that the engine weight calculation (with disk optimisation) is not as 
rigorous as discussed in the methodology section in the main paper, because the off-design 
points are not considered by Bijewitz et al. [34]. Therefore, disk weight optimisation, and 
resultantly the bare engine weight estimation, is just limited to the on-design point. 

Table SI 17. Comparison of on-design engine performance between the current model and 
study by Bijewitz et al. [34] 

TOC 
Bijewitz et al. [34] Present model 

GasTurb 11 GasTurb 13 
Mach, Altitude - , m 0.78 at 10,668 m 0.78 at 10,668 m 
Net Thrust kN 56 56.6 
Thrust difference with respect to Bijewitz et al. 
[34] % - + 1.071 

OPR  60 60 
BPR  19.4 19.4 
Fan diameter m 3.35 3.35 
Number of Fan, IPC, HPC, HPT, LPT stages  1, 3, 9, 2, 4 1, 3, 9, 2, 4 
Engine mass flow kg/s 674.6 674.4 
TSFC g/kN-s 12.67 12.6744 
TSFC difference with respect to Bijewitz et al. 
[34] % - + 0.035 

Fuel consumption (FC) kg/s 0.71 0.71 
Gear ratio  4 4 
Cooling flow % 20 20 
TET or T4 K 1750 1750 
Power off-take and bleed  None None 
Core efficiency  0.6 0.6 
Propulsive efficiency  0.85 0.85 
LPT inlet temperature K < 1,350 1,207.08 

 

 There are two different cases considered in Table SI 18. The first case is the known 
case, where PMC material is used for the fan section and for other components conventional 
materials are used. Ideally, ‘total propulsion system weight’ should be the first type of weight 
calculation i.e. inclusive of weights of the bare engine, nacelle, and inlet and mount, and its 
estimation by the proposed model is highly accurate (well within the ±5% difference criteria) 
compared to the study by Bijewitz et al. [34]. Recalling the value of 1,750 K for the design-
point TET i.e. at TOC point from the study by Bijewitz et al. [34], it would mean that at SLS 
conditions the TET would be of the order of 2,000K which is very high for conventional 
materials (used by Bijewitz et al. [34]) to withstand a successful engine operation. Bijewitz et 
al. [34] mention that their maximum limit for TET is 2,050 K. Clearly, it is necessary to use 
CMCs as these are the only materials that can withstand such high temperatures. Thus, a second 
case is considered and is listed in Table SI 18, where PMC is used in fan, CMCs are used in 
hot sections, and conventional materials in other components. In the second case considered 



here, only the present model adheres to the changes (CMC use). The total engine weight of 
Bijewitz et al. [34], remains unchanged compared to the first case. The second case highlights 
the need to use CMCs in hot components, not only from realistic engine operability perspective 
but also its potential of engine weight reduction. Since this (second case) is a hypothetical or 
proposed case, there is no basis for a direct comparison of weights and thereby no validation 
process is conducted. 

Table SI 18. Comparison of total engine weights between the current model and study by 
Bijewitz et al. [34] 

First case: 
PMC for fan section and conventional materials in other components 
 Bijewitz et al. [34] Present model % Difference 

Bare engine weight kg - 6,738 - 
Total engine weight 1 kg 7,648 7,651 + 0.039 
Total engine weight 2 kg 7,648 7,514 - 1.752 

Second case: 
PMC for fan section, CMC for hot sections and conventional materials in other components 

Engine weight kg - 6,629 - 
Total engine weight 1 kg 7,648 7,543 - 
Total engine weight 2 kg 7,648 7,406 - 
1 Inclusive of weights of the bare engine, nacelle and inlet and mount. 
2 Inclusive of weights of the bare engine, and nacelle and inlet only 

 

 
 The thrust and TSFC values are estimated with +1.071% and +0.035% difference, 
respectively. In terms of weights, the first type and the second type of total weight calculation 
have +0.039% and – 1.752% difference, respectively. These predictions fall well within the set 
criteria of prediction difference of ±5% from literature for a successful conceptual design. 
Overall, it is observed that the proposed model estimated the engine performance and weight, 
with a high accuracy in comparison with the study by Bijewitz et al. [34]. This concludes the 
first validation case. A second validation case is considered next, as a sanity check towards 
establishing confidence on the proposed model. 

SI 4.2 Validation Case 2 

 Nickol et al. [30] design a UHB GTF engine powered by Jet-A for NASA N+2 
timeframe of aviation use, using the NPSS software. The engine data is only known for on-
design point and one off-design point (of SLS). However, the component efficiencies are not 
known for both these points. Thus, the current validation case is limited only to on-design point 
with three possible cases of component efficiencies. It is to be noted that this is the same study 
(Nickol et al. [30]) which is used as a reference study to establish the aircraft and engine design 
targets towards the objective of the current work. The engine design requirement (on-
design/TOC point only) of this validation case is exactly similar to the design requirements of 
the proposed model described in the methodology section of the main paper, because these are 
based on same study by Nickol et al. [30].  



Data known and methodology for case 2: 

    For this validation case, all known data is already included in the methodology section 
of the main paper. The model setup remains unchanged except for few parameters discussed 
below. As discussed in detail in the methodology section of the main paper, the stage counts 
of turbo-machineries are not known from the study by Nickol et al. [30]. Therefore, the 
selection of turbomachinery stage counts is based on three different studies, and this selection 
process is discussed previously in SI §2.3.2. The number of Fan, IPC, HPC, HPT, and LPT 
stages are 1, 3, 9, 2, and 3, respectively, as listed in Table SI 7 earlier, and these are assumed 
to remain unchanged for this validation case. The model inputs remain the exact same except 
component efficiencies and materials. It is to be noted that in terms of materials, CMC is the 
only material known to be used in the study by Nickol et al. [30] in their engine design for hot 
sections. Therefore, it is assumed that conventional materials are used for all engine 
components except the combustor and HPT, where CMC is used. However, it is very likely 
that PMC ‘might’ be used in the engine fan section by Nickol et al. [30], though not considered 
in this validation case. Additionally, cooling flows, gear ratio and pressure ratios of 
compressors are unknown. 20% cooling flows are assumed, as mentioned also in SI §2.3.4. 
Gear ratio, and pressure ratios of IPC and HPC, are treated as design variables in optimisation, 
which is exactly similar to the proposed model in in the methodology section of the main paper. 
    As mentioned above, the component efficiencies are not known from the study by 
Nickol et al. [30]. Therefore, at on-design point three cases of component efficiencies are used 
towards this validation case. In the first and second case, future component efficiencies and 
conventional component efficiencies are used, respectively. For both cases, the optimisation 
scheme also remains unchanged. In the third case, all component efficiencies will be treated as 
design variables in the optimisation process (similar to validation case 1), unlike the proposed 
model in the methodology section of the main paper. For all these design variables, all 
minimum values are set to 0.85, the start-guess values are set to the values in Table SI 5 (present 
efficiencies), and the maximum values are set to values in Table SI 6 (future efficiencies at 
TOC point). Additionally, in this third case, a constraint-target of TSFC (13.1543 g/kN-sec) is 
added to the model that enables the exact replication of NASA N+2 study by Nickol et al. [30]. 
By doing this, the exact component efficiencies can be found by reverse-engineering for a 
fixed/known target TSFC. 

Overall, the model described in the methodology section of the main paper, remains 
unchanged (including all model inputs) except the changes/updates mentioned above. The 
methodology for this validation case is now completed, and the results are discussed below, 
along with a comparison of engine performance with the published values. 

 Validation case 2 results and discussion: 

 Table SI 19 provides the comparison of on-design/TOC engine performance and 
weights between the study by Nickol et al. [30] and three cases of the present model. The three 
cases are: 
• 1st case: Future component efficiencies are used, 
• 2nd case: Conventional component efficiencies are used, 



• 3rd case: All component efficiencies are treated as design variables (future component 
efficiencies treated as the maximum limit for these design variables) in optimisation, with 
TSFC set as a design constraint-target (of 13.1543 g/kN-sec). 

 Table SI 20 provides the comparison of component efficiencies between the three 
cases of the present model. It is to be noted that the component efficiencies listed for the 3rd 
case are the output of the optimisation process. It can be observed from Table SI 20 that the 
proposed model (all three cases) exactly meets all design requirements (italicised). The LPT 
inlet temperature in all three cases of the present model are below 1,350 K, which was a 
requirement for having uncooled LPT. 

Table SI 19. Comparison of on-design/TOC (Mach 0.8 at 10,668 m) engine performance and 
weights between the study by Nickol et al. [30] and three cases of the present model 

Parameters Units Nickol et al. 
[30] 1st case 2nd case 3rd case 

Net thrust kN 55.603 55.603 55.603 55.603 
OPR  60 60 60 60 
BPR  17.65 17.65 17.65 17.65 
FPR  1.35 1.35 1.35 1.35 
Fan diameter m 3.36296 3.36296 3.36296 3.36296 
Engine mass flow kg/s - 638.06 638.06 638.06 
TSFC g/kN-s 13.1543 12.3997 13.2694 13.1543 
FC kg/s 0.731 0.689 0.7378 0.7314 
TSFC/FC difference with 
respect to Nickol et al. [30] % - - 5.737 + 0.875 0 

Bare engine weight kg 6,789 6,992 7,170 7,150 
Bare engine weight difference 
with respect to Nickol et al. [30] % - + 2.99 + 5.612 + 5.317 

Gear ratio  - 3.5 3.5 3.5 
Cooling flow % - 20 20 20 
Ratio of temperatures at turbine 
entry and fan inlet (T4/T2) 

 - 6.844 7.06 7.05 

Power off-take kW 150 150 150 150 
LPT inlet temperature K - 1,139 1,186 1,180 

 
 It can be observed from Table SI 19 that compared to the study by Nickol et al. [30], 
the TSFC and/or FC for: the 1st case is 5.737% lower, the 2nd case is slightly higher (i.e. 
+0.875% difference), and 3rd case is equal (as TSFC was a constraint-target in the 3rd case) [0% 
error]. This is primarily because of the component efficiencies. The 1st case uses future 
component efficiencies, whereas 2nd case uses present day efficiencies, which results in the 
above-mentioned difference in TSFCs and/or the FC values. It can be observed from Table SI 
20 that there is less difference between the component efficiencies of 2nd case and 3rd case. It 
means that the present day component efficiencies are similar to the optimum component 
efficiencies that enables the 3rd case to meet the exact TSFC and/or FC value of the study by 
Nickol et al. [30], and the TSFC and/or FC of 2nd case is similar/slightly higher (i.e. +0.875% 



difference) compared to the said study. Additionally, with the assumptions made here, it 
appears that the study by Nickol et al. [30] might have used present day component efficiencies.
 It can be observed from Table SI 19 that the engine weights of the 1st case, 2nd case 
and 3rd case, compared to the engine weight from the study by Nickol et al. [30], are greater by 
approximately 200 kg (+2.99% difference), 380 kg (+5.61% difference), and 360 kg (+5.32% 
difference), respectively. These differences in engine weights are attributable to the unknowns 
from the study by Nickol et al. [30] such as: 

• Engine materials, 
• Turbo-machinery stage count, 
• Gear ratio, 
• Pressure ratios of IPC and HPC, 
• Cooling flows, and 
• Component efficiencies 

Table SI 20. Comparison of component efficiencies between the three cases of the present 
model 

Components 
Component efficiencies 

1st case [32] 2nd case [17] 3rd case 
Fan Inner 0.928 0.910 0.902 

outer 0.904 0.912 
IPC 0.925 0.920 0.920 
HPC 0.912 0.910 0.908 
HPT 0.944 0.890 0.896 
LPT 0.956 0.922 0.925 

 
 The engine material selection has direct impact on the engine weight. CMC is the only 
material known to be used in the hot section of the engine modelled by Nickol et al. [30] and 
therefore assumption was made to use conventional materials in all components except HPT 
and combustor. As mentioned before, is very likely that PMC ‘might’ be used in the engine fan 
section by Nickol et al. [30] in their study. Additionally, parameters that are directly linked to 
each other such as gear ratio, IPC and HPC pressure ratio, and turbomachinery stage count and 
efficiencies, all have a considerable impact on the engine weight. Moreover, cooling flows can 
significantly affect both the TSFC (directly) and weight (indirectly). Lastly, it is to be noted 
that the engine weight calculation (with disk optimisation) conducted here is not as rigorous as 
discussed in the methodology section of the main paper, because the off-design points are not 
considered here (as reasoned before while defining the scope of this validation case). Therefore, 
disk weight optimisation, and resultantly the bare engine weight estimation, is just limited to 
the on-design point. 
 In the first case, where the model uses future component efficiencies, the model 
predicts TSFC or FC and bare engine weight with -5.74% and +2.99% difference, respectively. 
For the second case, where the model uses present component efficiencies, the model predicts 
TSFC or FC, and bare engine weight with +0.875% and +5.612% difference, respectively. 
Lastly for the third case, where the model component efficiencies are set as design variables, 
the model predicts TSFC/FC and bare engine weight with 0% and +5.317% difference, 



respectively. As mentioned above, second and third case appear to be realistic and closer to 
study by Nickol et al. [30]. Therefore, for these two cases, it is observed that the proposed 
model estimates the engine TSFC and FC with high accuracy (<0.88% difference) as compared 
to the study by Nickol et al. [30]. These predictions are well within the set criteria of prediction 
difference of ±5% from literature for a successful conceptual design. In terms of engine 
weights, there are is a lot of unknown information in the study of Nickol et al. [30], which is 
underscored and discussed above in detail. For the second and third case, there is a difference 
of +5.612% and +5.317% in bare engine weight, respectively. Despite these mentioned 
unknowns, the model predicts engine weights with reasonable accuracy. These predictions are 
similar in magnitude to the set criteria of prediction difference of ±5% from literature for a 
successful conceptual design. This concludes the second validation case. 

SI 4.3 Conclusion of the validation cases 

 The proposed model can successfully replicate the engine performance in both 
validation cases, considered in this section. It is observed that the success of the validation 
process is also dependent on the pool of the known information from the study to be replicated. 
In the first validation case, the proposed model predicted both engine performance and its 
weight with high accuracy, where both performance metrics and engine weight predictions fall 
well within the set criteria of prediction difference of ±5%. In the second validation case, the 
proposed model predicted the engine performance with high accuracy, and the accuracy of 
engine weight prediction was reasonable despite not knowing the critical engine design 
parameters from the study to be replicated i.e. study by Nickol et al. [30]. In the second case, 
TSFC and FC predictions are well within the set criteria of prediction difference of ±5% from 
literature for a successful conceptual design; and the bare engine weight prediction by the 
model, despite a plethora of identified unknowns, provided predictions that are similar in 
magnitude to the set criteria of prediction difference for a successful conceptual design. This 
can therefore be considered a satisfactory validation process. Overall, a strong confidence has 
now been developed on the proposed model, through this scientific procedure. 

SI 5. Results and discussion 

SI 5.1 Baseline Jet-A engine 6-21 

Table SI 21 and Table SI 22 lists the on-design (TOC) and off-design (SLS) engine 
performance of the present Jet-A engine design, respectively. Also, there are other studies 
based on future engine technologies listed in both tables (depending on data availability) which 
have unique engine configurations and are relevant to this work, though cannot be used for 
direct comparison.  

  



Table SI 21. Engine performance of the present model and other studies [30,32–34] using Jet-
A fuel at TOC condition 

Parameters Units 

Operating 
point 

unknown 
TOC 

Kestner et 
al. [33] 

Greitzer et 
al. [32] 

Bijewitz et 
al. [34] 

Nickol et 
al. [30] 

Present 
design 

Mach, altitude - , m  Unknown ~0.8 at 
10,668 m 

0.78 at 
10,668 m 

0.8 at 
10,668 m 

0.8 at 
10,668 m 

Engine mass flow kg/s - 512 674.6 - 638.1 
Net thrust kN - 44 56 55.603 55.603 

TSFC g/kN-
s 14.333 14.47 12.67 13.1543 12.3997 

Fuel consumption kg/s - 0.637 0.71 0.731 0.689 
OPR - 46 55.2 60 60 60 
BPR - 20.29 19.44 19.4 17.65 17.65 
FPR - 1.353 1.46 - 1.35 1.35 
Fan diameter m 3.079 - 3.35 3.36296 3.36296 
Bare engine weight kg 4,515 - 7,648* 6,789 4,411 
Gear ratio - 2.88 - 4 - 3.5 
Cooling flow % - 20 20 - 20 
T4/T2 - - 7 7.12 - 6.84 
Power off-take kW - - 0 150 150 
LPT inlet 
temperature K - - < 1,350 - 1,139  

* is total propulsion system weight and not bare engine weight, T2 is the fan inlet temperature 
  

Table SI 22. Engine performance of the present model and other studies [30,32] using Jet-
A fuel at SLS condition 

SLS parameters Units Greitzer et al. [32] Nickol et al. [30] Present design 
Engine mass flow kg/s 1,119 - 1,527 
Net thrust kN 261.4 299.9 303.9 
TSFC g/kN-s 6.12 5.62 5.12 
Fuel consumption kg/s 1.6 1.69 1.56 
OPR - 52.8 47.1 47.1 
BPR - 18.86 20 20 
FPR - 1.43 1.25 1.25 
Cooling flow % 20 - 20 
T4/T2 - 6.60 - 6.16 
Power off-take kW - 150 150 
LPT inlet temperature K - - 1,213 

 



A study by Kestner et al. [33] on N+2 aviation technology is listed in Table SI 21. 
However, the point of engine operation is not known. It is listed as a reference point for engine 
weight, though the materials used in the said study are not disclosed by the authors. A study by 
Bijewitz et al. [34] is also listed in Table SI 21, and it is used in the first validation case (in SI 
§4.1). Another study by Greitzer et al. [32] is also listed both in Table SI 21 and Table SI 22. 
Both studies (Bijewitz et al. [34] and Greitzer et al. [32]) different BPR and OPR combination 
but are relevant as they model futuristic technology engine. Moreover, the propulsion system 
in the Greitzer et al. study [32] has four fans driven by two engine cores, compared to a single 
fan driven by one engine core via gearbox in the current work. Therefore, these studies cannot 
be used for direct comparison. In the present work, the future component efficiencies are used 
and these come from the study by Greitzer et al. [32] and it also provides T4/T2 value, which 
gives some reference point for temperature values of future (efficient) engine technologies. 
Only the study by Nickol et al. [30] (also used in the second validation case in SI §4.2) is 
directly relevant to the Jet-A engine design of the present work (in Table SI 21 and Table SI 
22) since this study sets the design requirements (listed in Table 3). 
 It can be observed from Table SI 21 and Table SI 22 that the Jet-A engine design meets 
all design requirements at the TOC and SLS condition, which are set in Table 3. The effect of 
high values of future component efficiencies is reflected in the lower TSFC and/or fuel 
consumption values of the present Jet-A engine design in comparison with the study by Nickol 
et al. [30]. In line with this effect, the turbine inlet temperature (TET or T4) of the present work 
is also lower than the studies by Bijewitz et al. [34] and Greitzer et al. [32]. As observed from 
Table SI 21, the use of advanced materials throughout the engine has resulted in significant 
reduction (~35%) in engine weight compared to the study by Nickol et al. [30]. The present 
Jet-A engine weight estimated in this work is similar to the engine weight of the study by 
Kestner et al. [33]. The engine performance at other off-design points for Jet-A engine i.e., 
cruise, and loiter and climb, is included in SI §5.1 in Tables SI 23 and SI 24, respectively. 
Additionally, the performance of engine powered by 100% SPK is similar to Jet-A engine, as 
expected, due to similar fuel properties, at on-design point (TOC) and all four off-design points 
(SLS, climb, cruise, and loiter). These are included in SI §5.2 in Tables SI 25 – SI 29. 
 Table SI 23 shows the off-design engine performance (cruise condition) of the present 
Jet-A engine design and of other studies. It can be observed from Table SI 23 that the impact 
of high values of future component efficiencies can be seen at cruise conditions also. The use 
of very high efficiency turbomachinery components have resulted in lower engine TSFC and/or 
fuel consumption values in the present Jet-A engine design compared to the study by Nickol et 
al. [30]. On similar lines, the TET of the present design is also lower compared to the study by 
Greitzer et al. [32]. An LTA aircraft spends 90+% of the flight time in cruise. The lower TSFC 
value is expected to result into significant savings in fuel consumption over one flight mission. 
For cruise condition, the lift force equals aircraft weight, and thrust is equal to drag force. In 
cruise, thrust to weight ratio (T/W) is equal to the reciprocal of the lift to drag ratio (L/D) ratio 
of the aircraft. The calculation of the L/D ratio is done separately through aerodynamic 
equations, and the aircraft weight is estimated in the aircraft weight sizing process. This 
calculates the unknown value of required thrust. The process for thrust requirement calculation 
is discussed in detail, in [66]. In Table SI 23, the engine produces 51.61 kN of thrust where the 
minimum required thrust is calculated to be 42.25 kN. 



Table SI 23. Engine performance of the present model and other studies [30,32] using Jet-A 
fuel at cruise condition 

Cruise parameters Units Greitzer et al. [32] Nickol et al. [30] Present design 

Mach, altitude - , m 0.83 at ~10,668 m 0.84 at 10,668 m 0.84 at 10,668 m 
Engine mass flow kg/s 484 - 649.7 
Net thrust kN 36.9 - 51.6 
TSFC g/kN-s 14 13.455 12.667 
Fuel consumption kg/s 0.517 - 0.654 
Cooling flow % 20 - 20 
T4/T2 - 6.60 - 6.57 
Power off-take kW - 150 150 
LPT inlet temperature K - - 1,107 

 

Table SI 24. Engine performance of the present engine model using Jet-A fuel at loiter and climb 
conditions  

Parameters Units 
Present Jet-A engine design  

Loiter 
Climb  

(mid-way and average climb speed) 
Mach, altitude - , m 0.6 at 1,500 m 0.47 at 5,334 m 
Engine mass flow kg/s 1,488.32 904.96 
Net thrust kN 114.67 94.94 
TSFC g/kN-s 12.175 9.798 
Fuel consumption kg/s 1.396 0.931 
Cooling flow % 20 20 
T4/T2 - 5.741 6.315 
Power off-take kW 150 150 
LPT inlet temperature K 1,167 1,129 

 
 Table SI 24 shows the off-design engine performance of the present Jet-A engine design 
at points of loiter and climb. There are no studies that can be used either for comparison or 
providing some reference values. It is to be noted that the LPT inlet temperatures at all points 
(on-design and off-design) in the present Jet-A engine design are lower than 1,350 K which 
was required for having uncooled LPT. This design choice was successful primarily because 
of the use of future component efficiencies. Figure SI 8 shows the cross-sectional view of the 
Jet-A powered GTF engine designed from the proposed/present model. This figure also shows 
the diameter of the fan (a design requirement) and length of the engine. The ‘I-section’ of the 
turbomachinery disk, a design choice, can be noticed in Figure SI 8.  



 
Figure SI 8. Cross-sectional view of the Jet-A powered GTF engine designed using the 

proposed model 

 Overall, the use of future component efficiencies in the present Jet-A engine design, 
has improved the fuel efficiency of the engine at all operational points considered in this work, 
which is as per expectation. A significant reduction (~35%) in engine weight (compared to the 
study by Nickol et al. [30]) is observed primarily because of two reasons: use of advanced 
materials, and the turbo-machinery stage count selection process (SI §2.3) along with 
satisfactory aerodynamic performance of turbomachinery (§2.2 of the main paper). The TSFC 
values for the present Jet-A engine design at all operational points considered in this work, are 
inputs to the aircraft weight sizing process discussed in [66]. This enables the estimation of 
fuel burn of the aircraft over one mission. The above discussion concludes the Jet-A UHB GTF 
engine on-design and off-design analysis.  

SI 5.2 100% SPK engine 

 In this section 100% SPK fuel is being investigated. The lower heating value (LHV) of 
100% SPK fuel is known to be 44.1 MJ/kg, as compared to LHV of Jet-A of 43.2 MJ/kg. As a 
result, slightly lower mass of SPK fuel must be carried at the beginning of the flight mission. 
Therefore, the 100% SPK aircraft weight at different points in flight mission is lower than the 
Jet-A case resulting in slight efficiency improvement (discussed in [66]), which is also 
observed in our previous study [31]. The process for thrust requirement calculations is 
discussed in detail, in [66]. Tables SI 25, SI 26, SI 27, SI 28, and SI 29 list the comparison of 
engine performance using Jet-A and 100% SPK, at TOC (on-design point), SLS, cruise, climb, 
and loiter points, respectively. It can be observed from Table SI 25 - Table SI 27 that the thrust 
requirement for 100% SPK at TOC, SLS and cruise is insignificantly lower than Jet-A case. 
Therefore, the thrust production for the 100% SPK is kept similar to Jet-A case. 



Table SI 25. Comparison of engine performance at TOC condition using 100% SPK and 
Jet-A, using the proposed model 

TOC parameters Units Jet-A 100% SPK 
Mach, altitude - , m 0.8 at 10,668 m 
Engine mass flow kg/s 638.1 
Thrust required kN 55.603 55.24 
Thrust produced kN 55.603 
TSFC g/kN-s 12.40 12.15 
Fuel consumption kg/s 0.689 0.676 
Fuel-air ratio (FAR) - 0.025191 0.024684 
Equivalence ratio (Φ) - 0.37 0.36 
OPR - 60 
BPR - 17.65 
FPR - 1.35 
IPC pressure ratio - 3.296 
HPC pressure ratio - 13.9 
Cooling flow % 20 
Combustor length m 0.1981 
Combustor gas velocity m/s 235.68 235.80 
Residence time ms 0.841 
P3 kPa 2159.43 
T3 K 859 
T4 K 1,690 1,691 
T4/T2 - 6.844 6.850 
Bare engine weight kg 4,411 4,410 
Gear ratio - 3.5 
Fan diameter m 3.36296 
LPT inlet temperature K 1,139 1,140 
Power off-take kW 150 
P3: Total pressure at combustor inlet, T3: Total temperature at combustor inlet 

 

 It can be observed from Table SI 25 - Table SI 27 that the engine designs successfully 
meet the design requirements/targets as set in Table 3 and Table SI 4. In Table SI 25 - Table 
SI 27, the engine designs meet the required thrust values for 100% SPK, at said mission points 
considered in these tables. These thrust requirements are calculated through the aircraft weight 
sizing process (details in [66]). 
 The slight increase in LHV (as detailed above) of 100% SPK as compared to Jet-A 
improves its TSFC. This can be observed from Table SI 25 - Table SI 29. The slightly higher 
LHV of 100% SPK as compared to Jet-A, causes an insignificant rise in their respective T4 
which can be observed from Table SI 25 - Table SI 29. Additionally, it is to be noted that the 
LPT inlet temperatures at all points (on-design and off-design) in engine designs listed in Table 
SI 25 - Table SI 29, are lower than 1,350 K which was required for having uncooled LPT. This 
design choice was successful primarily because of the use of future component efficiencies. 



The engine diameter does not change between Jet-A case and 100% SPK (design constraint as 
per Table 3 and Table SI 4). The bare engine weight is similar for Jet-A case and 100% SPK 
as listed in Table SI 25. 

Table SI 26. Comparison of engine performance at SLS condition using 100% SPK and Jet-
A, using the proposed model 

SLS parameters Units Jet-A 100% SPK 
Mach, altitude - , m 0 at 0 m 
Engine mass flow kg/s 1,526.97 1,526.89 
Thrust required kN 299.9 301.8 
Thrust produced kN 303.9 303.9 
TSFC g/kN-s 5.124 5.022 
Fuel consumption kg/s 1.557 1.526 
FAR - 0.026912 0.026371 
Φ - 0.39 0.38 
OPR - 47.1 
BPR - 20 
FPR - 1.25 
IPC pressure ratio - 3.028 3.028 
HPC pressure ratio - 12.769 12.768 
Cooling flow % 20 
Combustor length m 0.1981 
Combustor gas velocity m/s 241.78 241.91 
Residence time ms 0.82 0.82 
P3 kPa 4,724.82 4,724.26 
T3 K 914 914 
T4 K 1,776 1,777 
T4/T2 - 6.163 6.168 
LPT inlet temperature K 1,213 1,213 
Power off-take kW 150 

  



Table SI 27. Comparison of engine performance at cruise condition using 100% SPK and 
Jet-A, using the proposed model 

Cruise parameters Units Jet-A 100% SPK 
Mach, altitude - , m 0.84 at 10,668 m 
Engine mass flow kg/s 649.65 649.67 
Thrust required kN 42.25 42.16 
Thrust produced kN 51.61 
TSFC g/kN-s 12.667 12.411 
Fuel consumption kg/s 0.654 0.641 
FAR - 0.024099 0.023613 
Φ - 0.35 0.34 
Combustor length m 0.1981 
Combustor gas velocity m/s 231.99 232.11 
Residence time ms 0.854 
P3 kPa 2,108.3 2,108.4 
T3 K 838 838. 
T4 K 1640 1641 
T4/T2 - 6.567 6.572 
Cooling flow % 20 
LPT inlet temperature K 1,107 1,108 
Power off-take kW 150 

 
Table SI 28. Comparison of engine performance at climb condition using 100% SPK and 

Jet-A, using the proposed model 
Climb parameters Units Jet-A 100% SPK 

Mach, altitude - , m 0.47 at 5,334 m 
Engine mass flow kg/s 904.96 904.99 
Thrust produced kN 94.94 94.95 
TSFC g/kN-s 9.798 9.599 
Fuel consumption kg/s 0.930 0.912 
FAR - 0.024524 0.02403 
Φ - 0.36 0.35 
Combustor length m 0.1981 
Combustor gas velocity m/s 234.3 234.4 
Residence time ms 0.846 
P3 kPa 2,978.5 2,978.8 
T3 K 861 861 
T4 K 1672 1673 
T4/T2 - 6.315 6.321 
Cooling flow % 20 
LPT inlet temperature K 1,129 1,129 
Power off-take kW 150 

 



Table SI 29. Comparison of engine performance at loiter condition using 100% SPK and 
Jet-A, using the proposed model 

Loiter parameters Units Jet-A 100% SPK 
Mach, altitude - , m 0.6 at 1500 m 
Engine mass flow kg/s 1,488.32 1,488.41 
Thrust produced kN 114.67 114.70 
TSFC g/kN-s 12.175 11.929 
Fuel consumption kg/s 1.396 1.368 
FAR - 0.024892 0.024394 
Φ - 0.36 0.36 
Combustor length m 0.1981 
Combustor gas velocity m/s 237 237.6 
Residence time ms 0.835 0.834 
P3 kPa 4,486 4,487 
T3 K 905 905 
T4 K 1,713 1,715 
T4/T2 - 5.741 5.746 
Cooling flow % 20 
LPT inlet temperature K 1,167 1,167 
Power off-take kW 150 

 

SI 5.3 LH2 engine 

Tables SI 30, SI 32, SI 33, SI 34, and SI 35 list the comparison of engine performance 
using Jet-A and LH2 (three cases), at TOC (on-design point), SLS, cruise, climb and loiter 
points, respectively. Also, Table SI 31 provides comparison of combustion product species, 
mass, momentum, and total energy between LH2 Case 1 and Jet-A engine at design point/TOC 
condition (same thrust production). Also, the values of thrust required mentioned in Tables SI 
30, SI 32, and SI 33, are calculated through an iterative and interactive process between the 
proposed/present engine model and the aircraft weight sizing process. The process for thrust 
requirement calculations is discussed in detail, in [66]. 
 It can be observed from Tables SI 30, SI 32, and SI 33 that the engine designs 
successfully meet the design requirements/targets as set in Table 3 and Table SI 4. In Tables 
Tables SI 30, SI 32, and SI 33, the engine designs meet the required thrust values for all three 
cases of LH2 fuelled engine, at said mission points considered in these tables. These thrust 
requirements are calculated through the aircraft weight sizing process (details in [66]).  
 According to the study by Corchero et al. [67], T4 in hydrogen-based gas turbine 
engines decreases by approximately to 37 K compared to Jet-A engines for same thrust 
production at SLS, which translates into a significantly longer engine life. As can be observed 
from Table SI 32, at SLS point, for same thrust production (case 1) the LH2 engine operates at 
about 46 K lower T4 compared to Jet-A engine. This is similar to the findings of Corchero et 
al. The reason for the reduction in T4 is discussed below with the consideration of combustion 
chemistry. 



 When a fluid mass flows through a control volume, it is accompanied by its energy. 
These include four types of energy: internal energy, kinetic energy, potential energy, and flow 
work [68]. Therefore, any given fluid flow through a control volume is analysed by the mass, 
momentum, and total energy equations between the entry point and the exit point of the control 
volume. 

Table SI 30. Comparison of engine performance at TOC condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

TOC parameters Units Jet-A  
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.8 at 10,668 
m 

0.8 at 
10,668 m 

0.8 at 
10,668 m 

0.8 at 
10,668 m 

Engine mass flow kg/s 638.06 638.06 571.92 558.79 
Thrust required kN 55.603 46.29 46.02 45.66 
Thrust produced kN 55.603 55.603 46.354 46.12 
TSFC g/kN-s 12.399 4.328 4.284 4.160 
TSEC kJ/kN-s 535.67 519.36 514.06 499.14 
TSEC % difference 
compared to Jet-A % - -3.04 -4.03 -6.82 

Fuel consumption kg/s 0.689 0.241 0.199 0.192 
Fuel-air ratio (FAR) - 0.025191 8.7927E-3 8.0942E-3 6.4021E-3 
Φ - 0.37 0.30 0.28 0.22 
OPR - 60 60 60 60 
BPR - 17.65 17.65 17.65 17.65 
FPR - 1.35 1.35 1.35 1.35 
IPC pressure ratio - 3.296 3.296 3.296 3.296 
HPC pressure ratio - 13.9 13.9 13.9 13.9 
Cooling flow % 20 20 20 Zero 
Combustor length m 0.1981 0.1981 0.18723 0.18505 
Combustion gas velocity m/s 235.68 238.45 234.29 223.6 
Residence time ms 0.841 0.831 0.8 0.826 
P3 kPa 2,159.4 2,159.4 2,159.4 2,159.4 
T3 K 859.4 859.5 859.5 859.5 
T4 K 1,689.61 1,642.39 1588.50 1,452.50 
T4/T2 - 6.844 6.653 6.434 5.883 
Bare engine weight kg 4,411 4,381 4,084 3,636 
Gear ratio - 3.5 3.5 3.11 3.11 
Fan diameter m 3.36296 3.36296 3.1839 3.14713 
LPT inlet temperature K 1,139 1,111 1,060 1,054 
Power off-take kW 150 



 

Table SI 31. Comparison of combustion product species, mass, momentum, and total energy 
between LH2 Case 1 and Jet-A engine at TOC condition (same thrust production) 

Baseline Jet-A FAR = 0.025191 (in equation SI 7), at TOC condition 
 CO2 H2O O2 N2 Total 

Molecular weight (kg/k-mol) 44 18 32 28 - 
Number of moles 0.0522 0.0495 0.1330 0.7900 1.025 
Mole fraction 0.0509 0.0483 0.1298 0.7709 1 
Molar heat capacity Cp (J/mol-K) 3.5 R’ 4 R’ 3.5 R’ 3.5 R’ - 
Mass (kg) 2.297 0.892 4.257 22.131 29.577 
Molar heat capacity Cp of combustion products (J/mol-K) 3.524 R’ 
Molecular weight of combustion products (kg/k-mol) 28.863 
Mass flow rate at combustor exit (kg/s) [from GasTurb 13] 28.06 
Time consumed by ~ 29.577 kg of combustion products to flow (sec) 1.054 
Fuel flow rate (kg/s) [from GasTurb 13] 0.689 
Fuel mass combusted by one k-mol of air (kg) [using equation SI 7] 0.727 
Time taken for the combustion of ~0.727 kg fuel (sec) 1.054 
Total pressure at combustor exit (kPa) [from GasTurb 13] 2,073.06 
Total enthalpy at combustor exit (MJ/kg) [from GasTurb 13] 1.63 
Specific heat capacity cp at total temperature at combustor exit (J/kg-K) [from 
GasTurb 13] 1,287.22 

Emission index of H2O (kg H2O per kg fuel)  1.23 
Case 1 H2 FAR = 8.7927x10-3 (in equation SI 8), at TOC condition 

 CO2 H2O O2 N2 Total 
Molecular weight (kg/k-mol) 44 18 32 28 - 
Number of moles 0 0.1258 0.1471 0.7900 1.063 
Mole fraction 0 0.1184 0.1384 0.7432 1 
Molar heat capacity Cp (J/mol-K) - 4 R’ 3.5 R’ 3.5 R’ - 
Mass (kg) 0 2.267 4.706 22.131 29.104 
Molar heat capacity Cp of combustion products (J/mol-K) 3.559 R’ 
Molecular weight of combustion products (kg/k-mol) 27.381 
Mass flow rate at combustor exit (kg/s) [from GasTurb 13] 27.611 
Time consumed by ~ 29.104 kg of combustion products to flow (sec) 1.054 
Fuel flow rate (kg/s) [from GasTurb 13] 0.241 
Fuel mass combusted by one k-mol of air (kg) [using equation SI 8] 0.254 
Time taken for the combustion of ~0.254 kg fuel (sec) 1.054 
Total pressure at combustor exit (kPa) [from GasTurb 13] 2,073.06 
Total enthalpy at combustor exit (MJ/kg) [from GasTurb 13] 1.63 
Specific heat capacity cp at total temperature at combustor exit (J/kg-K) [from 
GasTurb 13] 1,343.13 

Emission index of H2O (kg H2O per kg fuel) 8.937 
* R’ is the universal gas constant 



 Referring to Table SI 30 i.e., the design point/TOC, it can be observed that for same 
thrust production, the TSFC value of Jet-A is 2.865 times the TSFC value for LH2 Case 1, 
whereas the energy density per unit mass of LH2 is 2.78 times the energy density per unit mass 
of Jet-A. This (TSFC of LH2 Case 1 vs Jet-A) can also be observed at off-design/other points 
in Table SI 32 – Table SI 35. This reduction in TSFC is attributable to difference in the 
combustion chemistry of the two fuels, in totality, which comprise of two effects: energy 
densities of two fuels, and mass and species conservation. Hydrogen burns much leaner than 
expected compared to Jet-A, for same thrust production at all mission points. Additionally, as 
described above, burner temperature (T4) of Case 1 of LH2 engine for same thrust production 
is about 47 K lower than that for Jet-A engine. Thus, for producing the same thrust, lower LH2 

fuel is required or hydrogen burns ‘much leaner’ than expected, compared to Jet-A.  
 The physics can further be understood through Table SI 31, which provides a 
comparison of combustion product species, mass, momentum, and total energy between LH2 
Case 1 and Jet-A engine at TOC condition (same thrust production). The mass of the product 
species is calculated using equations SI 7 and SI 8 (SI §1.3.1) for Jet-A and hydrogen 
respectively (with FAR for Jet-A and LH2 Case 1 from Table SI 30). As discussed before in SI 
§1.3.1, these equations are based on a simplistic major species model. It can be observed that 
the mass of combustion products/gas for both Jet-A and LH2 Case 1 is similar. This is despite 
the fact that hydrogen combustion does not produce any CO2. Hence for achieving the same 
mass of combustion products/gas, which can impart same momentum on the turbines (for same 
thrust production), hydrogen burns much leaner than Jet-A. The extra air from the leaner 
combustion, especially oxygen, contribute to the mass requirement of the combustion 
product/gas. This can be observed from Table SI 31, where the mass of oxygen (heavier gas 
relative to air) in the combustion products of hydrogen combustion is greater than that for Jet-
A combustion. Moreover, this extra oxygen also contributes to the formation of higher mass of 
water for hydrogen engine compared to Jet-A engine. This can be observed from Table SI 31, 
where the mass of water in the combustion products of hydrogen combustion is significantly 
greater than that for Jet-A combustion. In terms of emissions index (EI), the EI (H2O) for Jet-
A and LH2 are calculated to be 1.23 kg/kg-fuel and 8.937 kg/kg-fuel, respectively. These 
calculated values are very similar to the EI reported in literature of 1.24 kg/kg-fuel [69] and 
8.937 kg/kg-fuel [70] for Jet-A and LH2, respectively. 
 Therefore, lean combustion of hydrogen enables the inclusion of more heavy gas 
molecules such that the mass of the combustion products is similar to the combustion products 
of Jet-A, and both cases thus result in similar momentum of combustion products. It can be 
observed from Table SI 31, that both Jet-A and LH2 Case 1 engines have same total pressure 
at combustor exit. Pressure (static and dynamic) is a measure of the momentum. Lastly, both 
Jet-A and LH2 Case 1 engines have same ‘total enthalpy’ (measure of energy) of 1.63 MJ/kg. 
Additionally, using equations SI 7 and SI 8, and GasTurb 13, it can be observed from Table SI 
31 that both cases have: similar time scales for consumption of respective fuel mass with 
respective fuel consumption rate; and time taken by the mass of combustion products to flow 
with respective flow rate. Therefore, at the combustor exit point, both Jet-A and LH2 Case 1 
engines have similar mass, momentum, and energy, which enables both engines to produce 
same thrust. Thus, as observed from Table SI 30, for same thrust production, the TSFC value 
of Jet-A is 2.865 times the TSFC value for LH2 Case 1. In summary, the ratio of energy density 



per unit mass of LH2 and Jet-A is 2.78 and it is a primary contributor to the above ratio of 
TSFC of 2.865 (ratio of TSFC of Jet-A and LH2), and the difference in mass and species 
conservation in combustion chemical reaction of the two different fuels (discussed above) is 
the secondary contributor to this (2.865) ratio. According to the study by Verstraete [71], the 
drop in T4 is also due to the increased heat capacity of combustion products of hydrogen for 
same thrust production. This aspect can also be observed in Table SI 31, where the specific 
heat capacity cp of combustion products at total temperature of Case 1 of LH2 engine is higher 
than Jet-A engine. The increase in the heat capacity can be understood from statistical 
mechanics. From statistical mechanics, the molar heat capacity is a measure of 
momentum/kinetic energy [72]. The molar heat capacity (J/mol-K) for an ideal gas, through 
equipartition principle can be represented by the translational, rotational, vibrational, and other 
modes of kinetic energy. For typical gas turbine operational temperatures (< 2,000 K), only 
translational and rotational energies are completely activated. According to equipartition 
principle, (the molar heat capacity at constant volume Cv), Cv,translational is nR’/2 and Cv,rotational 
is mR’/2, where n and m are translational and rotational degrees of freedom respectively, and 
R’ is the universal gas constant. For an ideal gas, the molar heat capacity at constant pressure 
CP = R’ + Cv. For a linear molecule (CO2, O2, and N2), there are three translational and two 
rotational modes/degrees of freedom (one redundant) i.e., Cv = 2.5 R’ and CP = 3.5 R’, and for 
a non-linear molecule (H2O), there are three translational and three rotational modes/degrees 
of freedom i.e., Cv = 3 R’ and CP = 4 R’. The molar Cp of the combustion products of Jet-A 
and Case 1 of LH2 are calculated to be 3.524 R’ and 3.559 R’ respectively as listed in Table SI 
31.  
 The above reasons are therefore responsible for the ~ 47 K drop in burner temperature 
(T4) of Case 1 of LH2 engine compared to Jet-A engine, for same thrust production. It is further 
observed that in the hydrogen engine for same thrust production, the T4 is about 47 K lower 
than Jet-A engine, and this further reduces the FAR or hydrogen burns ‘much leaner’ than 
expected, and this is attributable to the difference in mass and species conservation of Jet-A 
and hydrogen (as discussed above). 
 The TSFC in Table SI 30, Table SI 32 – Table SI 35 is converted to thrust specific 
energy consumption (TSEC) by multiplying every case with the energy density of the 
respective fuel considered. The reduction in TSFC is attributable to difference in the 
combustion chemistry of the two fuels, in totality, which comprise of two effects: energy 
densities of two fuels, and mass and species conservation. As observed from Table SI 30, 
hydrogen engine (case 1) is 3% more energy efficient than Jet-A engine, for same thrust 
production. 
  



Table SI 32. Comparison of engine performance at SLS condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

SLS parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 
Mach, altitude - , m 0 at 0 m 0 at 0 m 0 at 0 m 0 at 0 m 
Engine mass flow kg/s 1,526.97 1,528.70 1,356.61 1,331.98 
Thrust required kN 299.9 251.1 249.6 247.7 
Thrust produced kN 303.9 304.5 263.8 261.1 
TSFC g/kN-s 5.124 1.778 1.761 1.690 
TSEC kJ/kN-s 221.37 213.34 211.34 202.78 
TSEC % difference compared to 
Jet-A % - -3.63 -4.53 -8.40 

Fuel consumption kg/s 1.557 0.541 0.465 0.441 
FAR - 0.026912 9.346E-3 9.0383E-3 6.9941E-3 
Φ - 0.39 0.32 0.31 0.24 
OPR - 47.1 47.1 47.1 47.1 
BPR - 20 20 20 20 
FPR - 1.25 1.25 1.25 1.25 
IPC pressure ratio - 3.028 3.044 2.890 2.945 
HPC pressure ratio - 12.769 12.702 13.391 13.031 
Cooling flow % 20 20 20 Zero 
Combustor length m 0.1981 0.1981 0.1872 0.1851 
Combustion gas velocity m/s 241.78 244.57 243.21 230.82 
Residence time ms 0.82 0.81 0.77 0.80 
P3 kPa 4,724.8 4,724.5 4,724.7 4,724.7 
T3 K 914 914 914 912 
T4 K 1,776 1,720 1,698 1,539 
T4/T2 - 6.163 5.97 5.892 5.342 
LPT inlet temperature K 1,213 1,179 1,152 1,135 
Power off-take kW 150 

 
 Additionally, it can be observed from Table SI 30, Table SI 32 – Table SI 35 that all 
three cases of LH2 engine operate at a lower T4 compared to the Jet-A engine. Especially, for 
case 1 of LH2 engine i.e., for similar thrust production, the T4 is lower (as described above) 
compared Jet-A engine because H2 burns much leaner than Jet-A. Additionally, it can be 
observed from Table SI 30, Table SI 32 – Table SI 35 that the thrust values drop between Case 
1 and Case 3 of LH2, because the effect of lighter LH2 aircraft weight is considered. Therefore, 
T4 drops between Case 1 and Case 3 of LH2, which is expected. In Case 3 of LH2, there are no 
cooling flows (at on-design and all four off-design points) because the engine is operating at 
significantly lower T4 (approximate reduction of 200 K) and the design decision to consider 
this case specifically in the study, is well supported. Because there are no cooling flows, the 
engine must consume less fuel compared to Case 2 of LH2. The drop in thrust values as 
discussed above for Table SI 30, Table SI 32 – Table SI 35, along with the effect of zero cooling 



flows in Case 3 of LH2, both are attributable to the TSFC drop between Case 1 and Case 3 of 
LH2. Overall, these above discussed effects (lower FAR or lower T4, lighter aircraft, and 
reduction in cooling flows) result in the reduction of TSEC from LH2 Case 1 (3%) to Case 3 
(6.82%), compared to Jet-A engine, which can be observed from Table SI 30, Table SI 32 – 
Table SI 35.  
 As observed from Table SI 30, the engine weight of Case 1 of LH2 is lower than Jet-A 
engine by approximately 30 kg for same thrust production despite both cases having same stage 
counts of turbomachinery and same advanced materials. This is primarily attributable to lower 
T4 (-47 K) of LH2 Case 1, which results in lower aero-thermal and mechanical loading of LPT 
section in GasTurb 13. In other words, Jet-A engine has higher T4 compared to LH2 Case 1. 
Therefore, the LPT section loading of Jet-A engine is slightly higher than LH2 Case 1, which 
results in ~ 30 kg higher weight. It is to be noted that the LPT inlet temperatures at all points 
(on-design and off-design) in engine designs listed in Table SI 30, Table SI 32 – Table SI 35, 
are lower than 1,350 K which was required for having uncooled LPT. This design choice was 
successful primarily because of the use of future component efficiencies. 

Table SI 33. Comparison of engine performance at cruise condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

Cruise parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.84 at 
10,668 m 

0.84 at 
10,668 m 

0.84 at 
10,668 m 

0.84 at 
10,668 m 

Engine mass flow kg/s 649.7 649.8 602.9 569.7 
Thrust required kN 42.25 40.24 40.15 40.02 
Thrust produced kN 51.61 51.68 51.09 43.12 
TSFC g/kN-s 12.667 4.424 4.351 4.278 
TSEC kJ/kN-s 547.2 530.9 522.1 513.4 
TSEC % difference compared 
to Jet-A % - -2.98 -4.59 -6.16 

Fuel consumption kg/s 0.654 0.229 0.222 0.185 
FAR - 0.024099 8.4241E-3 7.9129E-3 6.0565E-3 
Φ - 0.35 0.29 0.27 0.21 
Combustor length m 0.1981 0.1981 0.1872 0.1851 
Combustion gas velocity m/s 231.99 234.68 234.00 219.89 
Residence time ms 0.854 0.842 0.801 0.842 
P3 kPa 2,108.29 2,110.35 2,473.61 2,162.54 
T3 K 838 838 876 843 
T4 K 1,640 1,597 1,588 1,410 
T4/T2 - 6.567 6.394 6.359 5.645 
Cooling flow % 20 20 20 Zero 
LPT inlet temperature K 1,107 1,081 1,066 1,025 
Power off-take kW 150 

  



Table SI 34. Comparison of engine performance at climb condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

Climb parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.47 at 5334 
m 

0.47 at 
5,334 m 

0.47 at 
5,334 m 

0.47 at 
5,334 m 

Engine mass flow kg/s 904.96 906.71 857.06 798.62 
Thrust produced kN 94.94 95.54 96.96 82.58 
TSFC g/kN-s 9.798 3.413 3.389 3.266 
TSEC kJ/kN-s 423.26 409.58 406.73 391.91 
TSEC % difference 
compared to Jet-A % - -3.23 -3.91 -7.41 

Fuel consumption kg/s 0.930 0.326 0.329 0.270 
FAR - 0.024524 8.5724E-3 8.0763E-3 6.2803E-3 
Φ - 0.36 0.29 0.28 0.21 
Combustor length m 0.1981 0.1981 0.1872 0.1851 
Combustion gas velocity m/s 234.28 237.10 237.14 223.33 
Residence time ms 0.846 0.836 0.79 0.829 
P3 kPa 2,978.50 2,989.01 3,632.44 3,093.35 
T3 K 861 862 910 868 
T4 K 1672 1628 1628 1450 
T4/T2 - 6.315 6.149 6.152 5.478 
Cooling flow % 20 20 20 Zero 
LPT inlet temperature K 1,129 1,102 1,096 1,054 
Power off-take kW 150 

 

  



Table SI 35. Comparison of engine performance at loiter condition using LH2 fuel (three 
cases) and Jet-A, using the proposed model 

Loiter parameters Units Jet-A 
LH2 

Case 1 Case 2 Case 3 

Mach, altitude - , m 0.6 at 1500 
m 

0.6 at 1500 
m 

0.6 at 1500 
m 

0.6 at 1500 
m 

Engine mass flow kg/s 1,488.32 1,490.63 1,403.87 1,307.75 
Thrust produced kN 114.67 115.46 120.05 98.02 
TSFC g/kN-s 12.175 4.234 4.195 4.067 
TSEC kJ/kN-s 525.94 508.03 503.35 487.98 
TSEC % difference 
compared to Jet-A % - -3.41 -4.30 -7.22 

Fuel consumption kg/s 1.397 0.489 0.504 0.399 
FAR - 0.024892 8.6933E-3 8.0066E-3 6.3186E-3 
Φ - 0.36 0.30 0.27 0.22 
Combustor length m 0.1981 0.1981 0.1872 0.1851 
Combustion gas velocity m/s 237.44 240.26 239.83 226.44 
Residence time ms 0.835 0.825 0.781 0.818 
P3 kPa 4,486.2 4,499.9 5,715.1 4,624.2 
T3 K 905 906 967 911 
T4 K 1,713 1,667 1,665 1,486 
T4/T2 - 5.741 5.586 5.579 4.977 
Cooling flow % 20 20 20 Zero 
LPT inlet temperature K 1,167 1,139 1,133 1,087 
Power off-take kW 150 

 

 
Figure SI 9. Cross-sectional view of the Jet-A powered GTF engine overlapped with the 

three cases of LH2 powered GTF engine designed using the proposed model  

 



SI 5.4 Trend of engine technology development 

Table SI 36. Different efficiency metrics during cruise for engines entered in service 
till date (data source [73]) and engines modelled in this work 

Aircraft Effective propulsive 
efficiency Core efficiency Overall 

efficiency 
B707 0.485 0.440 0.213 
B727 0.585 0.440 0.257 
MD80 0.615 0.450 0.277 
B747-100 0.625 0.480 0.300 
A300 0.650 0.500 0.325 
B757 0.665 0.510 0.339 
B747-400 0.680 0.500 0.340 
B777 0.700 0.530 0.371 
B787 0.715 0.550 0.393 
A380 0.690 0.570 0.393 
A350 0.710 0.563 0.400 
Propfan  0.760 0.526 0.455 
BWB UHB GTF Jet-A 0.752 0.605 0.469 
BWB UHB GTF 100% SPK 0.752 0.605 0.477 
BWB UHB GTF LH2 C1 0.750 0.626 0.485 
BWB UHB GTF LH2 C2 0.756 0.631 0.455 
BWB UHB GTF LH2 C3 0.756 0.641 0.400 
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