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Abstract

Modern aeroengine compressor designs strive to reduce weight and maintain
high aerodynamic efficiency. Therefore, the aim of initial compressor designs
is to implement novel features that achieve these goals. However, some mod-
ern features result in greatly reduced damping, which can lead to vibrational
instabilities such as flutter. It is known that the first flap (1F) mode shape is
particularly susceptible to flutter in compressors. A feature of the 1F mode
shape is that it can be well approximated as a superposition of pure plunge
and twist vibration, referred to as a combined mode shape.

This thesis aims to enhance understanding of flutter in combined plunge-
twist mode shapes, with a focus on the interaction of flow and mode shape
physics. The goal is to develop design guidelines for engine manufacturers
early in the design process.

Unsteady CFD computations are conducted to determine the effect of
different flow and modal parameters on the flutter stability of compressor
cascades. Firstly, the influence of reduced frequency, plunge-twist ratio, and
nodal diameter is investigated using experimentally validated CFD. A stabil-
ity map of these input parameters is built, which shows that increasing the
reduced frequency and plunge-twist ratio is beneficial for flutter prevention.
Following this, a flutter model was developed to explain the location of the
stability limit based on results from the parametric studies of the modal vari-
ables. This showed that the flutter limit for a subsonic compressor cascade
can be expressed by the ‘plunge-twist incidence ratio’. Finally, studies were
conducted to determine how the inlet Mach number and flow incidence affect
the flutter stability of a highly loaded compressor cascade. It was shown that
the increased flow incidence and inlet Mach number are destabilising due to
the increased complexity of the interaction of the unsteady flow and mode
shape at off-design operating conditions.
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1 Introduction

Modern aeroengine compressor designs strive to reduce weight and maintain
high aerodynamic efficiency. The primary goal of initial compressor designs
is therefore largely dictated by aerodynamic performance and weight loss re-
quirements. The implementation of new features to achieve these goals poses
issues for compressor aeroelastic stability. One design feature that is becom-
ing common is manufacturing rotor disks and blades as a single component,
called a blade-integrated disk, or ‘blisk’ [1]. These designs are favoured for
their reduced weight and improved aerodynamics, but come with the penalty
of decreased mechanical damping compared to traditional dovetail hub-blade
contacts [2]. Even when blisks are not implemented, blades are becoming
thinner to improve aerodynamics and reduce weight, but consequently have
greatly reduced stiffness. This is accompanied by a trend of increased loading
per stage, to either increase the overall pressure ratio or maintain an existing
pressure ratio with a reduced number of stages. The decreased mechanical
damping and increased loading mean there is an increased likelihood of many
different types of aeroelastic instabilities throughout an aeroengine. A gen-
eral overview of aeroelastic instabilities that occur in different components
of a typical turbofan is shown by figure 1.1.

OGV: Turbine:
e Forced response e Flutter
e Buffeting e Forced response

Core COImpressor:

Fan:
oaglutter e Flutter

e Forced response
e Forced response e Non-synchronous
e Bulffeting

vibration

Figure 1.1: Summary of aeroelastic instabilities in a typical turbofan

The focus of this work is on an aeroelastic instability called flutter. Flut-
ter is known to occur in many different dynamic structures, such as bridges
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[3], wind turbines [1], and modern aero engines [5]. When flutter occurs, the
vibration amplitude of the blades increases exponentially, which can lead to
catastrophic failure of the structure. The aim for engine manufacturers is to
design compressors that are flutter-free, or at least decrease the likelihood of
flutter occurring in the typical operating envelope. To do so, the key flutter
mechanisms must be understood and avoided in future designs.

When flutter occurs, the rotor blades of a compressor vibrate in a deter-
ministic pattern called a mode shape. It has been shown that the first flap or
1F mode shape is particularly susceptible to flutter in compressors [6]. The
1F mode shape will differ based on the blade geometry and constraints of
the system, such as mechanical damping at the root and part span shrouds.
However, there are methods to define transferable properties of mode shapes
for similar geometries. One such method is to assume that the mode can be
considered a superposition of many simple 2D mode shapes defined along the
span of the rotor blade. This final superposed mode is called a ‘combined
mode’, which approximates the 1F mode shape. The most commonly imple-
mented simple modes are plunge vibration, which occurs perpendicular to
the chord; twist vibration about the elastic axis; and axial vibration parallel
to the rotor axis. For 1F mode shapes, the axial component is often several
orders of magnitude smaller than the plunge and twist vibration components
and is frequently neglected. The 1F mode shape can then be defined by a
ratio of the amplitudes of plunge and twist vibrations. For example, the
modal amplitude of a 1F mode shape in the tip region of a modern fan blade
may be described by 70% plunge amplitude and 30% twist amplitude.

The advent of increased computational speed in modern computer archi-
tectures means that high-fidelity CFD models can be used to model flutter in
full-assembly multi-stage turbomachinery [7]. However, obtaining solutions
for such cases is still rather slow and resource-intensive. Therefore, engine
manufacturers look for methods to reduce the heavy computational expense.
One method to do so is to investigate flutter using two-dimensional cas-
cades. These implementations are beneficial as they provide physical insight
into the mechanisms of flutter with a greatly reduced computational cost. In
addition, due to their small overheads, these implementations can be used
to define reduced-order models using data for a very large input parameter
space, which is unfeasible for large CFD models in early design stages. The
conclusions drawn from these models then allow engine manufacturers to im-
plement design rules that, when applied to full-scale engine implementations,
can help mitigate the likelihood of flutter.
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2 Background
2.1 Blade-Disk Assembly Modes

Disk modes

The rotor disk is a component within a blade row of an axial flow com-
pressor. The disk itself is typically annular in geometry, where the inner
radius connects to the rotor shaft, which drives the rotation of the blade
row, and the outer radius contains slots that house the individually manu-
factured blades. This component is purely structural and has no interaction
with the flow through the compressor. The disk is not an infinitely stiff
structure and will have its own modal content called ‘disk modes’. The con-
straints of the structure are that the inner radius of the disk is fixed to the
rotor shaft, while the outside radius is not constrained and is therefore free
to vibrate. Figure 2.1 shows the displacement amplitude of the first six mode
shapes for free vibration of a simple annular disk determined by MacBain

5],

000
[/

4§YA‘ Ob‘?’% 66@

wWr % @9

AND ONC 5ND ONC 2ND INC

Figure 2.1: First six annular disk mode shapes [5]
The modes in figure 2.1 are ordered by increasing eigenfrequency. Re-

gions of white indicate zero displacement amplitude, whereas regions shown
in black indicate a large displacement amplitude. Annular disk mode shapes
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are typically categorised by the number of nodal diameters (ND) and nodal
circles (NC). The number of nodal diameters is equal to the number of lines
that pass through the diameter of the disk which have zero displacement.
Whereas the number of nodal circles is the number of lines of constant ra-
dius with zero displacement. For example, mode two in Figure 2.1 has two
lines of zero displacement passing through the diameter and can therefore be
considered a 2ND disk mode. Additionally, disks may have both nodal di-
ameters and nodal circles. This can be seen in mode six, which has two lines
of zero displacement passing through the diameter and one line of constant
radius with zero displacement and can therefore be classified as a 2ND-1NC
disk mode. Nodal diameters are typically excited at much lower eigenfre-
quencies than nodal circles [9]. Figure 2.1 shows it takes up to the sixth disk
mode to see the first nodal circle for this simple disk. For actual rotor blade
disks, this mode number is likely to be significantly higher. For this reason,
it is common to drop the number of nodal circles, which are commonly zero,
and only reference the number of nodal diameters of the disk mode.

Blade Mode Shapes

The vibration mode shapes of the individual blades are called the ‘blade
modes’, and exist independently of mechanical coupling with the rotor disk.
It is often assumed that the hub-disk contact is infinitely stiff; therefore, the
hub of the blade is constrained to have identical displacement to the outer
annulus of the disk. Assuming the blades do not have part-span shrouds or
are constrained at the tip, the structural constraints are similar to those of
cantilevered beams and vibrate in similar mode shapes despite the complex
geometries of modern blades. Figure 2.2 shows the normalised displacement
amplitude, z, of the first three blade mode shapes for free vibration of a
typical fan blade [10]. The modes are ordered from left to right by increasing
eigenfrequency. The first mode is the first ‘flap’ or ‘bending’ mode shape
(1F), followed by the second flap (2F), and finally the first torsion (1T)
mode shape.

Blade-Disk Assembly Modes

The blade-disk contact at the hub mechanically couples the individual
blades in the row and the rotor disk. This combines the modal content of
both the rotor disk, the blades, and additional components such as part
span shrouds to create blade-disk assembly modes. These can be described
by the modal content of the blade mode, followed by the disk mode. For
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Figure 2.2: First three fan blade mode shapes [10]

example, 1F-2ND is a disk mode with two nodal diameters and blades that
are vibrating in a first flap mode shape, as shown for a transonic fan in figure
2.3. Effects such as mistuning of the rotor blades and additional structural
constraints can make the description of the blade-disk assembly mode more
complex [11].

For blade-disk assemblies, the nodal diameter of the disk mode can be
used to determine the phase angle between adjacent blades in the row, under
the assumption that the mode is cyclic symmetric. This angle is called the
inter-blade phase angle, o,,, and is defined as

2mm
Oy = ——
Ny

where m is the number of nodal diameters and NV, is the number of blades in
the row. For a given blade row, the maximum number of nodal diameters is
(Ny—1)/2if Ny is odd and N, /2 if N is even. The zeroth and maximum nodal
diameters form single standing waves around the circumference. Whereas for
all other nodal diameters, the vibration pattern creates a pair of travelling
waves called ‘double modes’. These modes have identical frequency and nodal
diameter but form travelling waves that propagate in different directions
around the annulus. The notation for these travelling waves is that forward
travelling wave modes will travel in the same direction as the rotor, and
backward travelling wave modes will travel in the opposite direction as the
rotor. Nodal diameters for forward travelling wave modes are often signed

(2.1)
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Figure 2.3: Expanded 1F-2ND blade-disk assembly mode for a transonic fan

positive, e.g., m = 42, and nodal diameters for backward travelling wave
modes are signed negative, e.g., m = —2. The physical displacement of the
mechanically coupled blades can be found by the relation

Ny—1
Qk(t) _ Z E]mez(wt—i-kam) (2‘2)
m=0

where ¢x(t) is the physical displacement of the kth blade in the row and g,, is
the amplitude coefficient of the travelling wave mode. The definition of this
relation is dependent on the system being tuned, meaning the modal content
(natural frequency and mode shape) for each blade in the row is identical.
It can be seen that the inter-blade phase angle fixes the phase difference for
the vibration of the adjacent blades.

Reduced frequency and the quasi-steady limit

The eigenfrequency of the blade mode shape is often expressed non-
dimensionally as the reduced frequency k

p= 2 (2.3)



where c is the chord length, V,, is the upstream relative velocity magnitude,
and w is the angular frequency. Frequently, semi-chord is used instead of the
chord length due to its derivation from thin airfoil theory [12] and the vibra-
tion frequency instead of the angular frequency to better relate the reduced
frequency to the convective length [6]. Physically, the reduced frequency
is the ratio of the time taken for the flow to be convected a single chord
length and the period of the oscillation cycle. For example, if kK = 0.5, then
the flow is convected 27/(0.5) = 12.56 chord lengths per oscillation cycle.
The reduced frequency is therefore not only a measure of the frequency of
the vibration but also of the unsteadiness of the flow due to this vibration.
For k = 0.05, the flow is convected over large distances with respect to the
chord, and the unsteady flow perturbations have less influence on the blade
unsteady lift. Whereas for £ ~ 1, the flow is convected over much shorter
distances, and the unsteady flow perturbations have a greater influence on
the blade unsteady lift. The limit of & — 0 is known as the quasi-steady
limit. In the quasi-steady limit, the perturbations in the flow are varying so
slowly that they can be approximated as steady. In this limit, the blades
are still vibrating, which means that the instantaneous aerodynamics are the
same as those of a static aerofoil at the same angle of attack.

2.2 Rotor Blade Aeroelasticity

Aeroelasticity can be defined by Collar’s aeroelasticity triangle [13], where the
corners of the triangle represent inertial, elastic, and aerodynamic forces, as
shown in figure 2.4. These three forcing types form the basis of all aeroelastic
instabilities. Structural dynamics is associated with the interaction of inertial
and elastic forces, stability and control with inertial and aerodynamic forces,
and static aeroelasticity with aerodynamic and elastic forces. Finally, there
is dynamic aeroelasticity, which includes the interaction of forcing from all
three disciplines. The majority of turbomachinery aeroelastic instabilities
fall into the category of dynamic aeroelasticity.
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Aerodynamic Forces
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A
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Dynamics

Figure 2.4: Collar’s aeroelasticity triangle

2.2.1 Dynamic Aeroelasticity

Dynamic aeroelasticity can be defined by the general aeroelasticity equation
shown in equation 2.4. Where M, C, and K are the mass, damping, and
stiffness matrices respectively and « is the physical displacement vector. The
aerodynamic forcing vector on the right-hand side of equation 2.4 has been
split into two components: fg, which is due to external aerodynamic forc-
ing and has many sources, and fy, which is self-excited forcing due to the
vibration of the blades. This separation of forcing allows different types of
aeroelastic stability to be assessed more clearly. This is discussed in more
detail in the coming section. But for example, flutter calculations can be per-
formed by setting fg, forced response by setting fy and some instabilities
require both forcing components.

Mé# +Ci+ Kz = fu + fv (2.4)

Forced Response
Forced response occurs when the frequency of an unsteady aerodynamic
response forms a resonant condition with the natural frequency of the assem-
bly mode. Typically, this occurs when a rotor passes through a circumfer-

entially non-uniform, often stationary flow field, which induces an unsteady
aerodynamic loading at a frequency that is harmonic of the rotor shaft speed
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[14]. Such harmonics are referred to as engine orders (EO). The resonant
conditions can be identified on a Campbell diagram, as shown in figure 2.5,
where the x axis is the rotor shaft speed and the y axis is the vibration
frequency of the assembly mode or the excitation frequency. It shows that
forced response occurs at the crossings of the frequency of the mode and a
given engine order, indicating a resonant condition. With forced response,
the aerodynamic unsteadiness is a pre-existing flow feature and does not re-
quire a self-excited forcing due to vibration of the blades. Therefore, fi, =0
in equation (2.4) and

oo
fe= Z e (2.5)

n=0
where n is the harmonic of the shaft speed, ¢, is the forcing amplitude,
and €2 is the rotor shaft speed. Forced response is typically categorised
as low engine order (LEO) or high engine order (HEO) [15]. High engine
order forced response typically occurs when a rotor passes through wakes
and potential flow from adjacent stators or struts. This type of response is
particularly important as these effects are present in all stages of a multi-stage
compressor, meaning forced response can occur throughout the entire engine.
Low engine order forced response can occur in compressors and turbines but
is more likely to occur in fan blades. For fan blades, inlet distortions such
as ground vortex ingestion and cross-wind gusts induce low engine order

responses [16] [17].

Non-Synchronous Vibration

Non-synchronous vibration (NSV) is an umbrella term used to describe
any instability that does not occur at a harmonic of the rotor shaft speed.
Although technically this includes instabilities such as flutter and acoustic
resonance, this is not how NSV is placed in the literature. Typically for
NSV, there is an inherent unsteady aerodynamic excitation in the flow that
generates periodic unsteadiness at non-integral engine orders, which can be
seen on the Campbell diagram in figure 2.5. The majority of the litera-
ture focuses on unsteady aerodynamics which occur when the compressor is
operating near stall at a stable operating point, but there can also be non-
integral responses at choke due to unsteady shock waves. If the frequency of
the aerodynamic excitation and the blade’s natural frequency are close, they
can become ‘locked in’ to the structural frequency, resulting in large vibration
amplitudes [18]. For this instability, it is predominantly the unsteady aero-
dynamics, rather than the blade vibration-induced aerodynamics, that drives
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Figure 2.5: Campbell diagram showing different aeroelastic instabilities

the vibration. This distinguishes NSV from flutter, as the flow unsteadiness
is not only due to blade vibration and cannot be described as linear. Sources
of aerodynamic excitation include vortex shedding and buffeting [19].

Flutter

Flutter is a self-excited instability in which the unsteady aerodynamic
response due to the blades vibration transfers energy into the mechanical
structure [20]. If the flutter conditions are maintained, the vibration ampli-
tude increases which can quickly lead to catastrophic engine failure. At the
onset of flutter, a small initial displacement of the blade induces a change
in the unsteady flow field, which in turn changes the unsteady blade aero-
dynamic loading. If this loading does work on the blade, then energy is
transferred from the flow into the structure. This causes an increase in the
blade vibration amplitude, which forms a positive feedback loop with the
amplitude of the unsteady aerodynamic response. This process is unstable
and causes exponentially increasing vibration amplitudes. However, if the
unsteady blade aerodynamic loading does negative work (equivalent to the
blade doing positive work on the flow), then energy is transferred from the
blade to the flow, which damps the vibration response. This process is sta-
bilising and causes exponentially decreasing vibration amplitudes. Figure
2.6 shows the displacement over time for the stable and unstable scenarios
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posed above. The unsteady aerodynamic forcing is self-excited in nature.
Whereby the only inherent unsteadiness in the flow is a result of the blades
own vibration. Therefore, fr = 0. Flutter is an inherently linear instability,
but at large vibration amplitudes, non-linear effects may come into play due
to unsteady propagating suction side separations.

Unstable

U U U U —— Stable

Displacement

0.0 0.2 0.4 0.6 0.8 1.0
Time

Figure 2.6: Physical displacement for stable and unstable cases of vibration
induced work done on the blade surface
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3 Literature Review

3.1 Types of Flutter

Many different types of flutter occur at different points on the compressor
operating map, as shown by the work of Platzer and Carta in figure 3.1 [21].
Each of these types of flutter will have their own distinct mechanisms by
which flutter occurs.

PRESSURE
RATIO

I Subsonic / Transonic Stall Flutter
la System Mode Instability

Il Choke Flutter

Il Low Incidence Supersonic Flutter
IV High Incidence Supersonic Flutter
V Supersonic Bending Stall Flutter

speed

CORRECTED MASSFLOW

Figure 3.1: Regions of different flutter regimes on a compressor operating
map [21]

The aim of this thesis is not to give an extensive overview of the mech-
anisms of different types of flutter in transonic compressors. But rather,
isolate types of flutter that typically vibrate in 1F mode shapes, which can
then be expressed as combined plunge-twist mode shapes. There are two
main types of flutter which are most commonly associated with 1F mode
shapes. These are subsonic stall flutter [22] and classical flutter [23].

Classical flutter is typically associated with the early work on combined
mode shapes using simple, often two-dimensional cascades operating at zero
incidence. In modern compressors, classical flutter does not pose a threat, as
the structural dynamic design usually ensures that the blades are stiff enough
to prevent coupling of the plunge and twist components [21]. The initiation
of classical flutter does not require the stalling of the blades or the presence
of shock waves and is thus able to occur in the vicinity of the working line.

While the name suggests that the blades are stalled, subsonic stall flutter
can occur when the slope of the characteristic is negative. This phenomenon
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is highly important to understand, as it is usually flutter, rather than stall
or surge, which forms the limiting operating condition of the rotor. Subsonic
stall flutter typically occurs at part speed near the stall line and is associ-
ated with shock wave movement, boundary layer separation, and radial flow
migration on the suction surface driven by adverse pressure gradients.

An exhaustive list of the parameters that are critical for flutter in com-
pressors was provided by Srinivasan [1]. Here, only the key literature relevant
to subsonic stall flutter and classical flutter in 1F mode shapes is presented.

3.2 Influence of Mode Shape

The modal content of the blade-disk assembly is very important when dis-
cussing flutter stability. The majority of the literature shows that the first
flap (1F) mode shape is most prone to flutter for fan blade stall flutter [25],
flutter in core compressors [26], and classical flutter of cascades [23]. The
first flap mode shape has the interesting property that it can be well ap-
proximated by a superposition of pure plunge motion perpendicular to the
chord and pure twist motion about some elastic axis. These superposed
approximations are referred to as ‘combined modes’.

Plunge-twist ratio

Since the very earliest published literature, researchers have sought to
investigate the effect of varying the amplitude ratio of the plunge and twist
components on the flutter stability of combined modes. This was first con-
ducted by Whitehead [27], who investigated the effect of varying the plunge-
twist ratio of flat plates in cascade by defining a twist axis location. The
twist axis location is defined as a chord-wise point downstream of the leading
edge, about which the blades will vibrate as rigid bodies. Mode shapes with a
twist axis location located close to the leading edge will be twist-dominated,
but the twist axis location can be extended far downstream to implement
a plunge-dominated mode. Whitehead showed that the most unstable twist
axis location was at about 75% chord and that both the leading edge twist
dominated modes and the plunge dominated modes were stable. The twist
axis location method of Whitehead was adopted by Panovsky and Kielb [28]
to investigate flutter stability for a two-dimensional turbine cascade. In this
work, the combined mode also implemented an axial vibration component
parallel to the blade chord, in addition to the plunge and twist components.
In this work, the twist axis location was not constrained to chord-wise lo-
cations but could be located at any point on the two-dimensional plane of
the turbine cascade. CFD was run for many twist axis locations on the
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plane, and a tie-dye contour was built from the minimum aerodamping over
all inter-blade phase angles. This method linearly interpolated the contribu-
tions from the individual mode shapes to build very large stability maps with
minimal computational expense. It was concluded that a twist axis located
on the aft portion of the aerofoil is most unstable, and a twist axis located
near the leading edge is most stable. Whereas for plunge-dominated modes,
the least stable torsion axes lie along the cascade axial direction rather than
the cascade tangential direction. A different method for defining the twist-
plunge ratio was defined by Halliwell [29] for clappered fan blades. Rather
than defining an analytical mode shape using the definition of a twist axis
location, Halliwell split an existing mode shape into its plunge and twist
components. The twist-plunge ratio was defined as

PR - 1 (3.1)
i

where c is the blade chord, 07 is the twist angle amplitude about the elastic
axis, and H is the plunge displacement amplitude. While results were not
stated about varying the twist-plunge ratio, Halliwell stated that it is likely
that increasing the twist-plunge ratio is likely to create instability in the fan.
This was based on previous work, such as that of Whitehead. The twist-
plunge ratio definition of Halliwell was adopted by Vahdati and Cumpsty
[0] for use in 1F flutter of a modern transonic fan. The twist-plunge ratio
parameter, o, uses an identical implementation, except the chord c is replaced
by the semi-chord, b, to better reflect the twist amplitude at the leading edge.
In this work, it was described how the 1F mode shape can be decomposed
into its plunge and twist components, as shown in figure 3.2. It was shown
that by averaging the 1F mode shape at radial sections along the blade span,
the plunge component of the mode shape can be obtained. To obtain the
twist component, the plunge component is subtracted from the initial 1F
mode shape. This not only defines the twist mode but also ensures that the
plunge and twist components summate to reproduce the 1F mode. While the
work of Vahdati and Cumpsty defined this parameter, the effect of varying
the twist-plunge ratio on flutter stability was not investigated.
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Figure 3.2: 1F mode split into its plunge and twist components [0]

Lee et al. [30] used the twist-plunge ratio parameter o and 1F mode
splitting procedure of Vahdati and Cumpsty to investigate the flutter stability
of a low-speed fan. In this work, modification of the mode is achieved by
splitting the 1F mode into its plunging component and twisting component
and then modifying the amplitude of the twist component of the mode. The
new 1F mode shape is obtained by adding the plunge component to the
modified twist component. It was shown that as the parameter a decreases
(i.e., the percentage of twisting motion in the 1F mode shape is reduced), the
aerodamping of the rotor increases, and hence the flutter margin of the rotor
increases. Iseni et al. [31] also investigated the effect of varying « on the
flutter stability of a highly loaded fan blade. It was shown that increasing
a only began to modify the aerodamping at greater than 50% span of the
blade. It was concluded that increasing o made larger changes to the throat
area, which resulted in larger unsteady variations in shock strength, which
destabilised the blade.

A novel method for expressing the work done per vibration cycle for
a combined mode shape was determined by Kielb et al. [32] for a two-
dimensional turbine cascade. In this work, plunge-twist-axial mode shapes
made up the components of the combined mode. In this work, 7 is defined as
the displacement amplitude of plunge vibration perpendicular to the chord,
¢ as the displacement amplitude of vibration parallel to the chord, and « as
the twist angle amplitude of twist vibration about the leading edge. A work
done per vibration cycle matrix was defined as
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where the diagonal terms represent the work done by the unsteady pressures
acting on the mode shapes producing these unsteady pressures, and the off-
diagonal terms represent the work done by the unsteady pressures generated
by one vibration mode acting on a different mode. For example, W), repre-
sents the work done by plunge motion induced unsteady pressures interacting
with the plunge mode shape, and W, represents the work done by plunge
motion induced unsteady pressures interacting with the twist mode. The
total work done for any two-dimensional mode shape can then be calculated
by

W = {a}"[bi]{a} (3.3)
where
3
{a} = |n (3.4)

This shows that the total work done per vibration cycle can be expressed
as the sum of the interactions of the individual components. A similar pro-
cedure was employed by Vahdati and Cumpsty [0], except in their definition,
the interaction of the plunge and twist vibration induced unsteady pressures
is considered to act to create a change in unsteady lift and unsteady mo-
ment. For example, W,, is replaced by the term Wpy, which can be read
as the work done due to plunge vibration induced unsteady lift. In either
implementation, the generated work done is identical.

Inter-blade phase angle

In the majority of the literature, compressor blades are shown to flutter
in low nodal diameter forward travelling wave modes [22]. However, there is
very little explanation in the literature as to what the mechanism is between
the nodal diameter and the flow that creates this destabilising condition. Jia
et al. [33] investigated the effect of fan blade vibration mode on flutter sta-
bility, with an emphasis on the effect of nodal diameter. The components
of the work done method developed by Kielb et al. was applied to explain
observed trends in aerodamping. It was shown that the five aerodynamic
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work coefficients related to the chord-wise mode ¢ are much smaller in mag-
nitude than the four components related to plunge and twist. It was shown
that this is particularly true in low nodal diameter forward travelling wave
modes, where the fan was most susceptible to flutter. It was hypothesised
that the chord-wise vibration produced negligible work done compared to
the other components, as the passage area variation for chord-wise vibration
is significantly smaller. It was shown that the plunge motion induced work
done W,, and W,, was stable for all nodal diameters, and the twist motion
induced work done W, and W,, was unstable for low nodal diameter for-
ward travelling wave modes. In addition, the largest stabilising contribution
was the work done by plunge vibration induced unsteady pressure interact-
ing with the plunge mode W,,, and the largest destabilising contribution was
the work done by twist vibration induced unsteady pressure interacting with
the plunge mode W, in low nodal diameter forward travelling wave modes,
where flutter occurs. Dong et al. [31] investigated the effect of inter-blade
phase angle on a high-speed wide-chord transonic fan. In this work, a passage
area change coefficient was defined. Application of this parameter showed
that larger inter-blade phase angles gave rise to more dramatic changes in the
passage area. This resulted in a phase change and an increase in the unsteady
pressure amplitude, which gave a large positive aerodynamic damping. Ad-
ditionally, it was stated that the shock wave structure on the suction side is
highly dependent on the inter-blade phase angle, and this change in structure
changes the aerodamping.

Reduced frequency

It has long been known that the eigenfrequency of the blade mode is crit-
ical for flutter stability [27]. Frequently in the literature, the eigenfrequency
is expressed non-dimensionally as either the reduced frequency or the re-
duced velocity, where one is simply the reciprocal of the other. It was shown
in the early works of Sisto [35] that flutter in pure bending modes occurs
at large critical flutter reduced velocities (or low reduced frequencies) for
two-dimensional stall flutter in cascades. A similar conclusion was drawn by
Carta [30] for two-dimensional cascades at zero incidence vibrating in com-
bined plunge-twist mode shapes. Zhao [37] investigated the effect of reduced
frequency on flutter stability for flat plates at zero incidence in an inviscid
flow field. It was shown that at high reduced frequencies, the aecrodamping
tends to zero as the blades become too stiff to be affected by the flow, and
that flutter can occur at low reduced frequencies but is highly dependent
on the twist-plunge ratio. Zhao also implemented the splitting of the mode
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shape into work done components, as implemented by Vahdati and Cumpsty.
These components were then plotted as a function of reduced frequency for
the same twist-plunge ratio. It was shown that the work done due to plunge
vibration induced unsteady lift had a large stabilising contribution for all re-
duced frequencies, whereas the largest destabilising contribution came from
the work done due to twist vibration induced unsteady lift. The work done
by either vibration mode generating an unsteady moment was very small
compared to the other two components.

The effect of reduced frequency becomes more complex when the up-
stream and downstream acoustic waves become cut on. It was shown by
Vahdati and Cumpsty [0] that flutter occurs in a very narrow frequency
range, which is defined by the range where the upstream acoustic wave is
cut on, and the downstream acoustic wave is cut off. It was determined that
the swirl imparted downstream is the reason for the difference between the
upstream and downstream cut on frequency. This work showed that there
are no monotonic trends in the aerodamping as a function of vibration fre-
quency. In this paper, the calculations performed are for the fan only, and
there is no reflection of the acoustic waves from the fan intake, downstream
OGYV, or the inlet and outlet boundaries of the domain. It was stated that
the downstream wave being cut off causes the downstream circumferential
travelling pressure wave to propagate up the passage and interact with the
flow near the shock, and this interaction with the shock is destabilising.

However, it appears from the literature that this is dependent on the
geometry, operating point, and twist-plunge ratio. It was shown by Huang
[38] that flutter occurs at frequencies where the upstream acoustic wave is
cut on and the downstream acoustic wave is cut off. But flutter was shown
not to be bound by the limits of the cut on frequencies, as shown in figure
3.3. Huang theorised that this discrepancy is due to the difference in twist-
plunge ratio between the two cases, although this was not validated in this
work.
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Figure 3.3: Aerodamping as a function of blade mode frequency

Stability maps

There are several instances in the literature of authors plotting the modal
parameters of twist-plunge ratio, reduced frequency, and nodal diameter on
a single figure called a ‘stability map’. One of the first to do so was Carta
[36]. In this work, the reduced velocity V,,/wb was plotted against the twist-
plunge deflection ratio defined by oo/ H as shown in figure 3.4. For this case,
the points marked ‘flutter’ and ‘stable’ are determined by experiment, and
the flutter stability limit, which for this case shows the location where the
logarithmic decrement ¢ is zero, is determined by theory for a single airfoil.
This shows that modes with a high reduced velocity (low reduced frequency)
and a large twist-plunge ratio are most susceptible to flutter. It can also be
seen that the flutter stability limit follows the trend of an offset rectangular
hyperbola of these two parameters.
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Figure 3.4: Flutter stability map produced by Carta [30]

A similar conclusion that the flutter stability limit can be defined by a
rectangular hyperbola of twist-plunge ratio and reduced velocity was pro-
posed by Halliwell [29] for clappered fan blades. It has been previously
stated that Halliwell defined a twist-plunge ratio as ¢/ H. This was further
expanded by the inclusion of the reduced frequency k to produce a flutter
stability parameter defined as

CQT

u 7

Halliwell plotted a stability map of reduced velocity and twist-plunge
ratio for several nodal diameters and showed that the flutter stability limit
can be defined by lines of constant £y. It was advised that the fan blades
should be designed to have smaller twist-plunge ratios in order to prevent
flutter, as the gradient of the aerodamping with respect to the twist-plunge
ratio is greater than the gradient with respect to the reduced velocity. Nipkau
et al. [39] defined a stability map as a function of ‘plunge-twist ratio’ and
reduced frequency for three different modern fan blade designs. It showed
that design A, which had the highest plunge-twist ratio of the three modes,
was the only flutter stable design when operating at part-speed operating
conditions near stall. A stability limit is presented, which shows a similar
rectangular hyperbolic shape of the stability limit as in the previous works

(3.5)
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but cannot be effectively defined as the stated ‘plunge-twist ratio’ is not
defined mathematically.

3.3 Influence of Aerodynamics

When a compressor is throttled at a constant rotational speed, the mass
flow rate decreases and the total pressure ratio increases. This results in an
increase in the flow incidence on the blades. As a result, the shock front
moves towards the leading edge and increases in strength. The increased
shock strength causes the boundary layer downstream of the shock front
to thicken. Towards the stall line, where the adverse pressure gradient is
largest, the boundary layer on the suction side can separate. In the region
just after the shock front on the suction side, there is a low axial flow velocity,
which results in a centrifuging of the flow radially towards the tip, which
is commonly referred to as ‘radial flow migration’. The streamlines of the
flow near the stall boundary are therefore very different compared to those
near the working line, where the streamlines have an approximately constant
radial height. This change in shock structure, state of the boundary layer,
and radial flow migration is known to affect flutter stability.

Mass flow rate

As was just mentioned, decreasing the mass flow rate at constant rota-
tional speed results in stronger shocks, shock-induced separations, and radial
flow migration. In the early work on flutter using two-dimensional cascades,
these effects were compared to a change in the incidence of the flow on the
blades.

It was shown by Vahdati and Cumpsty [0] that decreasing the mass flow
rate at constant rotational speed caused flutter to occur for a typical transonic
fan operating at part-speed. Similar results have been shown for different fan
blade designs [10] and validated experimentally [11]. The components of the
aerodamping were investigated by Vahdati and Cumpsty, as shown in figure
3.5. The conclusion drawn in this paper is that the aerodamping due to
plunge and twist vibration induced moments is small and mostly cancel, and
that the drop in aerodamping is largely determined by the interactions with
the unsteady lift. In this case, it was shown that the aecrodamping for high
mass flow rates is dominated by the aerodamping due to plunge vibration
induced unsteady lift. Critically, the aerodamping at low mass flow rates,
where the aerodamping is less than zero, is dominated by the aerodamping
due to twist vibration induced unsteady lift.
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Figure 3.5: Components of work done per cycle as a function of mass flow
rate [0]

It has been established for a long time in two-dimensional cascades that
increasing the incidence on the blade row results in flutter [35]. Although
there have been some contentious papers produced on the effect of steady
aerodynamic loading. For example, it was shown by Smith and Kadambi
[12] that for torsional flutter of a simple two-dimensional cascade, increasing
the mean flow incidence on the blade is stabilising. This is quite contrary to
almost all the literature on the topic. Although perhaps this suggests that
there is some dependency on blade geometry.

Rotational speed

Subsonic stall flutter typically occurs at part-speed in narrow speed ranges
on the compressor operating map. At these speed ranges, the unstable aero-
damping near stall produces a stability limit that takes a ‘bite’ out of the
compressor’s operating map. Hence, the speed range over which flutter oc-

curs is referred to as ‘flutter bite’ [13]. The speed range where flutter bite is
most commonly seen in transonic fans is when the tip relative Mach number
is close to 1 [6] [10]. Vahdati et al. [25] showed that flutter bite at part-speed

operating conditions can occur without acoustic reflections for a transonic
fan. Flutter of this kind is referred to as ‘blade-only’ flutter. An arbitrary
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high working line was defined near the stall line, and the aerodamping was
calculated for many rotational speeds. Figure 3.6 shows the aerodamping as
a function of rotational speed as determined by [25]. Tt states that the min-
imum aerodamping at 77.5% speed is caused by the interaction of the mode
shape and the shock-induced flow separation. The separation downstream
of the shock front is destabilising as the phase of unsteady pressure shifts in
this region. At higher speeds, there is a shock at approximately half-chord,
but the higher axial velocity means the flow remains attached. Since the
flow remains attached, there is no phase change, and consequently the aero-
damping is positive. At lower speeds, the flow is subsonic and separates on
the suction side. However, the acrodamping at this point is also stable, as
the separation is not strong enough to induce a large enough phase change
to make the blade unstable.
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Figure 3.6: Aerodamping as a function of rotational speed

Shock structure

It is clear that at off-design operating points, the structure of the shock is
very important. Vahdati et al. [25] showed that the supersonic pre-shock re-
gion was stabilising, whereas the post-shock separation was destabilising for
a typical transonic fan blade vibrating in a 1F mode shape. This comparison
was conducted at approximately 70% span. This work showed the effects
of the shock by relating the unsteady pressure upstream and downstream
of the shock to the blade velocity deduced from the mode shape vector. In
the supersonic pre-shock region, the unsteady pressure is out of phase with
the blade velocity, which is stabilising, whereas the unsteady pressure in
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the post-shock separation region is in phase with the blade velocity, which
is destabilising. Since the mode shape is similar, given the close proximity
either side of the shock, it is concluded that the shock and the associated
flow separation is destabilising due to the change in the phase of unsteady
pressure. However, this does not seem to be a universal trend in the liter-
ature. While some works agree with that of Vahdati et al. [11] [15], other
works appear to show the opposite trend. For example, Isomura and Giles
[16], Huang et al. [38] and Aotsuka and Murooka [17] all showed that the
supersonic pre-shock region is destabilising and the post-shock separation is
stabilising. Therefore, the structure of the shock and flow separation and the
interaction with the mode shape is geometry and operating point specific.

Radial flow migration

It was hypothesised in the literature that the radial flow migration was
responsible for the phase lag in the separated region downstream of the shock.
Rendu et al. [11] decomposed the mode shape into ten panels along the span
of a modern fan blade. By vibrating each of the panels individually, the effect
of the interaction of the flow and vibration of each panel was investigated. It
was shown that vibration of the panel at approximately 65% span was by far
the least stable radial level, despite the fact that the minimum aerodamping
for the entire blade occurred at 90% span. It was noted that the vibration of
this panel leads to oscillations of the whole shock, which radially propagate
unsteady pressure fluctuations towards the tip. They concluded that radial
flow migration is a key ingredient for flutter, and two-dimensional analysis
of a three-dimensional fan blade near stall is not possible.

3.4 Influence of Aeroacoustics

It was shown by Giles [18] that the roots of the Euler equations which describe
unsteady, inviscid and compressible flow can be expressed by three unsteady
perturbations: an entropic wave, a vortical wave, and acoustic waves. Where
the entropic wave carries perturbations in density, the vortical wave carries
perturbations in vorticity, both of which are convected by the flow. On the
other hand, the solution of the acoustic waves produces perturbations in den-
sity, velocity, and pressure, which propagate both with the convected flow
and against the convected flow. Therefore, the vibration of the blades in a
compressor can excite upstream and downstream acoustic waves. The prop-
agation of acoustic waves in annular ducts has been extensively studied for
cases with no mean flow [19], rigid body or ‘wheel’ flow [50] and non-uniform
mean flow [51]. For the no mean flow case and rigid body flow, the pressure
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perturbations are eigenfunctions consisting of combinations of Bessel func-
tions. When there is non-uniform mean velocity, the eigenfunctions cannot
be expressed in terms of standard functions but can be determined numeri-
cally via a process called ‘wave-splitting’. When the eigenvalues are known,
it can be determined whether the upstream and downstream acoustic waves
are ‘cut-on’ or ‘cut off’. Zhao [24] showed that for subsonic rigid body flow,
the axial wavenumber can be defined by

M, (b= M) £/ (k= My) = 12, (1 - M)
k, = . (3.6)
1— M,

where M, and M, are the axial and circumferential Mach numbers, m

is the nodal diameter, k,y is the radial-circumferential wavenumber, and &
is the free stream wavenumber. When the axial wavenumber is complex,
axially propagating acoustic waves decay exponentially and are defined as
cut-off. Whereas, if the axial wavenumber is real, then acoustic waves can
propagate axially in the duct. It was shown by Vahdati et al. [25] that there
must be a clear distinction between ‘acoustic flutter’ and ‘blade only flutter’.
Acoustic flutter is driven by the reflection of upstream propagating acoustic
waves from the fan intake face, while blade flutter is driven by shock-induced
flow separation. Acoustic flutter also does not require stalling of the blades
and can occur in the vicinity of the working line. It was also shown that
the axial distance between the fan face and a ‘bump feature’, which fixed
the location of the wave reflection, is critical for determining acoustic flutter,
as this distance modifies the phase of the reflected pressure wave. Zhao
[26] showed similar results for flutter in an embedded blade row of a high-
pressure compressor. It was concluded that the distance to upstream and
downstream stators was critical for setting the phase of the reflected pressure
wave and that the most unstable condition is when the reflected wave lags
the outgoing wave by 90°. Additionally, it was shown that reflections can
also occur off the inlet and outlet boundaries, and particular care should
be taken when specifying the distance to the computational boundaries and
the axial mesh density near the boundaries. Zhao expanded this work and
developed a simple analytical model to detect intake reflection-induced flutter
of fan blades [13]. In some cases, it has been shown that acoustic flutter
occurs at significantly higher frequencies than blade-only flutter [52], while
others suggest that the effects of blade-only flutter and acoustic flutter can
be concurrent [25]. In some cases, it is desirable to investigate the effects
of just the blade-only flutter. It was shown by Colonius et al. [53] that the
implementation of a ’sponge layer’ in the inlet and outlet ducts can effectively
mitigate reflections from the inlet and outlet boundaries. It was stated that
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when a wave with a wavelength smaller than the local axial mesh size enters
the inflated mesh, its amplitude is dissipated to reduce and even eliminate
numerical reflections. This work was applied in addition to the non-reflecting
boundary conditions of Giles [18].

3.5 Turbulence Modelling

Turbulence modelling is required to provide closure to the Reynolds aver-
age Navier-Stokes (RANS) equations. By far the most common turbulence
model for turbomachinery applications is the Spalart-Allmaras (SA) turbu-
lence model [51]. However, the original Spalart-Allmaras implementation has
been shown to stall prematurely and predict larger regions of separation than
expected compared to experimental validation due to an increased blockage
in the passage. A portion of this thesis will be to determine flow features
near stall, therefore, correctly modelling the flow in this region is critical. Lee
et al. [55] derived a modified SA model based on the work of Liu et al. [50]
and Li et al. [57]. Liu et al. altered the turbulence production to increase
in regions of high helicity (SA-H), whereas Li et al. introduced the adverse
pressure gradient into the production term to correct the overprediction of
the flow separation in the original SA model (SA-PH). Lee et al. combined
the effects of both and created the SA-PGH turbulence model. Figure 3.7
shows the improvement in the stall margin of the SA-PGH model compared
to the original SA model implementation for a modern fan blade taken from
the work of Lee et al. [55].
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Figure 3.7: Constant speed characteristic for the original SA model and the
modified SA-PGH model of Lee [57]
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4 Objectives

The aim of this thesis is to improve the understanding of flutter in combined
plunge-twist mode shapes. The core of this thesis places specific emphasis on
understanding the physics of the interaction of flow and mode shape, which
leads to flutter, with the aim of developing design rules that can be used by
engine manufacturers in the early stages of the design process. This will be
achieved by investigating the effect of different flow and modal parameters
on the flutter stability of compressor cascades.

Many investigations into modal parameters such as plunge-twist ratio,
reduced frequency, and nodal diameter have predominantly relied on com-
putational simulations, with limited experimental validation across a wide
range of input parameters. To address this gap and to ensure the validity of
the conclusions drawn in the literature, both computational and experimen-
tal methods are employed to investigate the effect of these parameters on the
flutter stability of a compressor cascade.

It has been shown in the literature that the effect of modal parameters on
flutter stability can be best summarised as a stability map. Such maps allow
designers to identify regions where flutter is likely to occur as a function of
the input parameters. Designers are particularly interested in the location
of the stability limit, which must be moved to ensure flutter-stable designs.
However, there has been little work investigating the reasoning behind the
location of this flutter limit; rather, most works simply state its location and
develop design rules based on these findings. This is a reasonable conclusion,
but it does not fully explain the mechanisms at play that produce the shape
and location of the flutter limit.

The previous chapters showed that the operating point and steady aero-
dynamic loading are critical for determining compressor blade stall flutter.
In the literature, the majority of the work investigating the effect of oper-
ating point and steady loading is for three-dimensional rotating compressor
geometries or very old cascade implementations that used low-fidelity CFD.
This presents an opportunity to investigate the effect of steady aerodynamic
loading on flutter stability for a highly loaded two-dimensional compressor
cascade. This maintains the low computational cost of two-dimensional cas-
cades but implements the high loading of a transonic compressor. The results
from the two-dimensional cascade implementation can then be compared to
results for three-dimensional rotating compressors from the literature to iden-
tify similarities and differences in the results. If designers are to continue to
use simple 2D cascades, it is important to understand the benefits and limi-
tations of the implementation.

Therefore, the objectives of this thesis are to
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1. Determine the effect of plunge-twist ratio, reduced frequency, and nodal
diameter on the flutter stability of a two-dimensional cascade using
experimentally validated CFD.

2. Develop a flutter model to physically explain the location of the stabil-
ity limit based on the results from the parametric study of the modal
variables.

3. Determine how the inlet Mach number and flow incidence affect flutter
stability of a highly loaded two-dimensional compressor cascade.
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5 Methodology

5.1 Flow Solver

The flow solver used throughout this thesis is a three-dimensional, com-
pressible, unsteady Reynolds-averaged Navier-Stokes (uRANS) solver [55].
Turbulent closure is provided by a modified one-equation Spalart-Allmaras
turbulence model. The modification better predicts the flow behaviour near
stall by scaling the source term based on the local pressure gradient and
the velocity helicity of the flow [55]. The equations are solved using a finite
volume method, in which the domain is discretised using unstructured grids.
The flow variables are stored at the vertices of the grid, and the fluxes are
calculated using a highly efficient edge-based data structure. The inviscid
and viscous fluxes are evaluated using Roe’s flux vector difference splitting
to provide matrix artificial dissipation in a Jameson-Schmidt-Turkel (JST)
scheme [59]. The overall solution is second-order accurate in time and space.
Steady-state solutions are obtained using the RANS method with local time-
stepping and residual smoothing to accelerate convergence. The solver im-
plements viscous wall functions to model the flow near the wall. This solver
has frequently demonstrated its capabilities to successfully model off-design
turbomachinery flows [22] [60] [61].

5.2 Structural Model

The fluid-structure model used throughout this work is ‘weakly coupled’.
For this implementation, the blade mode shapes and natural frequencies
are first found by solving a free vibration problem for a single blade at the
shaft speed and temperature of interest. This is typically conducted using
structural finite element analysis (FEA). Then, the physical displacement
of the blade is expressed as the product of the mode shape matrix and a
single modal displacement vector, which converts the equations of motion into
modal space. This limits the vibration of the blades to pre-specified linearised
mode shapes and natural frequencies. At each time step, the aerodynamic
forces are input into the equations of motion, and a system of linear equations
is solved to determine the physical displacements for the next time step. The
mesh is then deformed accordingly by a spring analogy algorithm [62], and
the flow solver iterates to the next time step. This method is simpler, faster,
and less computationally intensive than fully coupled solvers, which iterate
between the flow solver and a separate structural FEA model at each time
step. Additionally, this method allows specific mode shapes to be examined
at different points along a constant speed characteristic without a change in
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the aerodynamic forcing causing the excitation of a different mode shape.
This means that the aeroelastic solver can be used more like a parametric
study, which is highly beneficial for understanding the mechanisms behind
different aeroelastic instabilities.

The equations of motion for damped forced vibration can be described
by the general aeroelasticity equation as shown in equation 5.1

Mi + Ci + Kz = f (5.1)

where M, C, and K are the mass, damping, and stiffness matrices respec-
tively; @« is the physical displacement vector; and f is the aerodynamic forc-
ing vector. The force vector can be split into two parts: the normal pres-
sure force and the tangential viscous shear force. Throughout this work,
the viscous shear force will be neglected, as it is typically several orders of
magnitude smaller than the normal pressure force. For the weakly coupled
fluid-structure solver, the natural frequencies and mode shapes must first be
found for free vibration where f = 0. It is assumed throughout this work that
the mechanical damping is zero, therefore C = 0. This simplifies equation
5.1 to a structural eigenvalue problem of the blade-disk assembly.

Mi + Kz =0 (5.2)
x =zt (5.3)
A=M"'K (5.4)
[A— w2 =0 (5.5)

The solution of equation 5.5 returns n system eigenvalues (natural frequen-
cies wy,) and eigenvectors (mode shapes W,,). Typically, the mode shapes are
expressed in units of metres, which must first be mass normalised. Mass nor-
malisation simplifies the equations of motion by modifying the mode shape
vector so the modal mass is equal to unity. Let ¥ be a chosen physical mode
shape with units metres and m, be the modal mass. The mass normalised
mode shapes ® can be found as

m, = UTMW¥ (5.6)

v

b =
Vi
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where the mass normalised mode shapes have units (mkg_%). To begin the
transformation into modal space, the physical displacement vector, @, in
equation 5.1 is expressed as the product of the mode shape vector and the
modal displacement vector.

x = Pgq (5.8)

Substituting equation 5.8 into equation 5.1 and pre-multiplying by the trans-
pose of the mode shape matrix gives

&"MePG+ PTCPG+ P KPqg=d"f (5.9)

The equations of motion can be simplified further by exploiting the orthog-
onality properties of the mass, stiffness and damping matrices with respect
to the mass normalised mode shape vectors.

'MP =1 (5.10)

®TC® = diag (2¢;w;) (5.11)

P"K® = diag (w]) (5.12)

g + diag (2G;w;) q + diag (wf) q=®'f (5.13)

Here ®7 f is the modal force vector and ( is the aerodynamic damping ratio.
The modal force for a single blade can then be written as

T f = /pn - ®dA (5.14)

where p is the static pressure, n is the blade surface unit normal vector,
and dA is the infinitesimal area. The equations of motion are advanced in
time using the unconditionally stable, second-order accurate Newmark-Beta

method [63].

5.3 Method of Flutter Computation

The main parameter used to determine whether a blade will flutter is the
aerodynamic damping ratio, or ‘aerodamping’. When the aerodamping ratio
is greater than zero, the blade vibration is damped, and the amplitude will
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decrease exponentially over successive vibration cycles. This feedback mech-
anism is stable and will not result in flutter. Whereas when the aerodamp-
ing ratio is less than zero, vibration amplitudes will increase exponentially,
resulting in flutter. In this thesis, two methods are used to calculate the
aerodamping ratio.

1. Aerodynamic influence coefficient method.

2. Work done method.

5.3.1 Aerodynamic Influence Coefficient Method

The aerodynamic influence coefficient (AIC) method [64] linearly combines
the influence of forcing on a blade due to its own vibration as well as prop-
agating disturbances from neighbouring blades. Let the forcing terms of the
right-hand side of equation 5.13 be defined by the product of the influence
coefficient matrix L and the modal displacement vector q.

®'f=Lq (5.15)
1:30 ZA—J]AVfl Z:-JN72 é1 qo(t)

Lq= Iil [io L]\'/—l 1%2 CI1‘(t) (5.16)
Ly Ly Lyg ... Lo lav—1(?)

Equation 5.16 gives an insight into how the influence coefficient method
works. The rows of this matrix indicate the selection of a reference blade,
which is the blade where the forcing will be calculated. For example, consider
the first row of the matrix L, which corresponds to the zeroth blade in the
row. The vibration of blade 0 activates the Ly influence coefficient, which
represents the influence of the vibrating blade on its own forcing. Addition-
ally, the vibration of blade +1 activates the Ly_; influence coefficient, which
represents the influence of the vibrating blade 41 on the blade 0 forcing. It
can therefore be seen that by selecting different reference blades, the forcing
on each blade can be represented as the sum of influences due to the vibration
of all blades in the row. Writing the influence coefficient matrix allows the
forcing term to be moved to the left-hand side of the aeroelasticity equation,
as shown in equation 5.17.

g+ [diag (w}) — L] g =0 (5.17)

Throughout this thesis, it is assumed that the rotor blades are tuned.
This means that the geometry, modal content, and flow are cyclic-symmetric
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k10 1 2 3 4
d. |0 -1 -2 2 1

Table 5.1: Discrete distance function dj as a function of the blade number &

and can be described by a travelling wave mode. For blades vibrating in a
travelling wave mode, the phase lag between adjacent blades is constant and
can be described by the inter-blade phase angle. For a rotor vibrating in a
nodal diameter m, the inter-blade phase angle can be calculated as shown by
equation 5.18. Knowledge that the phase lag is constant can then be applied
to set the phases of modal displacements for each blade using a kinematic
relationship. Let the modal displacements g (¢) for the k' blade in a single
row be defined using the inter-blade phase angle and the travelling wave
mode amplitude ¢,, as shown in equation 5.19. Here k is counted in the
direction of rotation of the rotor.

2
O = ;—T (5.18)
Nbil : 2mm
m=0

In equation 5.19, di is a circular function that maps the discrete distances

between the blades in the row to a fixed reference blade, which then sets the
phase lag of the vibration. To ensure that positive nodal diameters refer to
forward travelling wave modes and negative nodal diameters to backwards
travelling wave modes, the discrete distances are counted backwards to the
direction of the rotor. An example of the function d, is shown in table 5.1
for an example blade row containing five blades.
The definition of the modal displacements in equation 5.19 takes the form
of an inverse Fourier transform. Consequently, the travelling wave mode
amplitude can be determined if the individual blade modal displacements
are known by performing a Fourier transform as

Ny—1

. 2mm
G =D G "N (5.20)
k=0

This equation has a very useful property, which allows multiple nodal diame-
ters to be run simultaneously in a single CFD simulation. Let only the £k = 0
blade vibrate in the prescribed blade mode shape, and keep all other blades
fixed. This results in g;,_, being the only non-zero modal displacement in
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the blade row. Since dy = 0 when k = 0 as shown in table 5.1, then ¢,, is a
constant for all nodal diameters. In other words, the vibration of the zeroth
blade only excites all travelling wave modes with identical amplitude. The
method stated above to determine the travelling wave mode amplitude can
also be applied to the influence coefficients to determine the travelling wave
mode coefficients C,,.

Np—1 o
Ch=Y_ Lye ™5 (5.21)
k=0
d,, + [diag (w2) — Cp] @ =0 (5.22)

Equation 5.22 shows the aeroelastic equation of motion in travelling wave
mode coordinates. The additional benefit of solving these equations, rather
than those in terms of the influence coefficients shown in equation 5.17, is that
the travelling wave mode coefficient matrix is diagonal. This means that the
equations of motion for each nodal diameter m can be decoupled and solved
independently. The solution method therefore treats each nodal diameter as
its own damped, free-vibration SDOF oscillator. Assume a solution of the
form

Qm = G, (5.23)

- [diag (A2, + w2) — C] @ =0 (5.24)

As has been mentioned, the system of equations can now be decoupled into
a single equation for each inter-blade phase angle

N 4w —Cpn=0 (5.25)

A=4/Cp— w2 (5.26)

The aerodynamic damping ratio is found by a comparison of terms between
the eigenvalues of the AIC approach and a SDOF oscillator. The equations
of motion for a damped free-vibration SDOF oscillator are given by

i+ 20wt +wlr =0 (5.27)
r = gets! (5.28)

As = —(w, Tiw,\/1— (2 (5.29)
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/\5 = —(5,« + iwd (530)

Equation 5.30 shows the system eigenvalues Ag for a damped, free vibration
single SDOF oscillator. Where w, is the damped natural frequency, w,, is
the natural frequency, and 9, is the decay rate of the vibration response.
The aerodynamic damping ratio for the AIC method can be found by a
comparison of terms with the SDOF oscillator.

= \Jw 02 = /IO + R (V) (5.31)

(=—=- (5.32)

(5.33)

5.3.2 Work Done Method

For this method, a small, fixed-amplitude motion is prescribed to the blades
in a pre-defined blade mode and frequency. In this method, the inter-blade
phase angle is implemented by circumferential phase-lagged boundary con-
ditions. An energy method is then used to relate the integrated work done
per vibration cycle to the aerodamping ratio. Equation 5.34 shows the in-
tegrated work done per vibration cycle. The energy method of Carta [30]
showed that the work done per cycle can be related to the logarithmic decre-
ment by equation 5.35. The full proof of this equation is shown in Appendix
I. The aerodamping ratio can be determined from the logarithmic decrement
as shown in equation 5.36. It is assumed for all cases that the system is
underdamped (0 < 1), therefore the approximation shown in equation 5.36
is used throughout. Finally, the aerodamping ratio can be expressed in terms
of the work done per vibration cycle in equation 5.37. It can be seen from
equation 5.37 that the sign of the aerodamping ratio is opposite to that of
the work done. This is the typical sign convention used in the literature
for flutter. Where positive work done — or work done on the blade by the
flow — causes increasing vibration amplitudes, which results in a negative
aerodamping ratio. Whereas negative work done — or work done on the flow
by the blade — causes decreasing vibration amplitudes, which results in a
positive aerodamping ratio. The benefit of applying prescribed motion as
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opposed to more traditional displacement tracking methods is that the lo-
cal aerodynamic work can be examined on the blade surface. However, this
method has the downside that the flutter frequency is assumed to be iden-
tical to the natural frequency of the system and that there is no interaction
between assembly modes.

W = / /pn -vdAdt (5.34)
T
5= (5.35)
q
(= Qi (5.36)
0% + (2m)° T
e (5.37)
22

5.4 Propagation of Acoustic Waves in Annular Ducts

Whether an acoustic wave propagates axially within an annular duct can be
determined by the axial wavenumber. An expression for the axial wavenum-
ber for rigid body, or ‘wheel’ flow was determined by Zhao [21] as

ky = J J (5.38)

where M, and M, are the axial and circumferential Mach numbers, m is
the nodal diameter, k,y is the radial-circumferential wavenumber, and k is
the free stream wavenumber. Here, the radial-circumferential wavenumber
is found as a combination of Bessel functions. When the axial wavenumber
is complex, axially propagating acoustic waves decay exponentially and are
defined as cut-off. Whereas, if the axial wavenumber is real, then acoustic
waves can propagate axially in the duct. Therefore, the cut-on condition is
given by

(k- M9%>2 > k2, (1— M,2) (5.39)

From this relation, the cut-on frequencies can be determined by

Wmn = aMGﬂ + a\/ k?& (1 - M$2) (540)
r
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where an acoustic wave will propagate when the frequency is greater than
Wm.n- For a thorough derivation from the convected wave equation and expla-
nation of the method for obtaining the radial-circumferential wavenumber,
the reader is directed to the work of Zhao [24].

5.5 Post Processing Methods
5.5.1 Local Aerodynamic Damping

The work done per vibration cycle shown in equation 5.34 is integrated over
the blade surface to give a single value for a given blade. However, the
work done per cycle can also be expressed locally over the blade surface.
This allows more detailed post-processing to determine regions on the blade
surface that contribute detrimentally to flutter stability. It can also help
to gain a deeper understanding of the interaction of local unsteady flow and
vibration that generates a given aerodamping. The local work done per cycle
vector is defined in equation 5.41.

Wi(z) = — /T p(, t)m - BAG(E)dt (5.41)

where A is the local area and the local blade velocity has been expressed
as the product of the modal velocity and the mode shape vector. Equation
5.41 can be expanded by assuming that the local unsteady pressure can be
expressed as a simple cosine wave with some amplitude and phase lag. This
assumption holds true when the vibration amplitude is small and the response
is linear. Let

p(x,t) = p(x) cos(wt + @) (5.42)
q(t) = g cos(wt) (5.43)
W(z)=—plx)n - @&A/Tcos(wt + ¢) cos(wt)dt (5.44)

The expanded local work is defined by equation 5.44. It is helpful at
this point to split equation 5.44 into two parts. The first part contains all
the amplitude terms, and the second part contains the time integrals. The
product of these two equations will reproduce the local work done per cycle.

Wi(z) = —p(z)n - ®GA (5.45)
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Wy(x) = /Tcos(wt + ¢) cos(wt)dt (5.46)

The expressions for W7 and W5 can be used to draw conclusions about the
work done on the blade from known parameters and the amplitude and phase
of unsteady pressure. The most important part of both of these equations
is the sign of the product, which will determine whether stable or unstable
work is done on the blade. Figure 5.1 shows a schematic of a two-dimensional
blade section vibrating with both a pure plunge (left) and pure twist mode
shape (right). The blade surface for both modes is split into four regions:
the leading edge on the suction side (A), the trailing edge on the suction
side (B), the trailing edge on the pressure side (C), and the leading edge on
the pressure side (D). The sign of W; can be determined for each mode and
location on the blade surface by evaluating the sign of the terms in equation
5.45. The amplitude of unsteady pressure p and the local area A are positive
for both modes and all locations on the blade surface. The blade normal
surface vector m is fixed by the blade geometry and will vary depending on
the location on the blade. Finally, the sign and amplitude of the mode shape
vector ® will vary depending on the chosen mode shape. The sign of W; for
each mode shape and location on the blade surface is summarised in table
5.2.

—— Blade —— Twist
—— Plunge * T.A

Figure 5.1: Schematic of a two-dimensional blade section vibrating with both
a pure plunge (left) and pure twist mode shape (right)
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Plunge | Twist
A + +
B + —
C — +
D — —

Table 5.2: Sign of W for a pure plunge and pure twist mode shape at different
points on the blade surface

For the time integral component W, given by equation 5.45, it is the
phase of unsteady pressure, which is critical for determining whether the
work done is stable or unstable. Figure 5.2 shows how W, varies as a function
of the phase lag of the unsteady pressure behind the modal velocity. This
result shows that when 0 < ¢ < 90 and 270 < ¢ < 360, the sign of W, is
positive, and when 90 < ¢ < 270, the sign of W, is negative. In addition,
this shows that the peak values of W5 occur when the phase of unsteady
pressure is either completely in phase or completely out of phase with the
modal velocity. Contrary to intuition, this means that the forcing must be
in phase with the modal velocity to cause instability, rather than in phase
with the displacement.
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Figure 5.2: Time integral component W5 as a function of phase of unsteady
pressure

5.5.2 Components of Aerodynamic Damping

It was shown by Vahdati and Cumpsty [0], who expanded on the work of
Kielb et al. [32] that the aerodynamic damping for 1F mode shapes can
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be split into four components, which, when summated, recover the total
aerodamping. Firstly, the 1F mode shape vector ® is split into its plunge
mode ®p and twist mode @7 components, where the plunge and twist mode
components sum to give the original 1F mode. To obtain the plunge mode
component, the 1F mode shape is averaged at radial slices along the span of
the compressor blade and assigned to all nodes in that layer. To obtain the
twist mode component, the plunge mode component is subtracted from the
1F mode. This not only returns the twist mode component but also ensures
that both components sum to give the original 1F mode shape. The plunge
and twist mode shapes are then run as separate aeroelastic simulations at
the same frequency and operating point. These simulations return the blade
surface unsteady pressures due to plunge vibration pp(t) and twist vibration
pr(t). The work done per cycle components can then be calculated as shown
in equations (5.47)—(5.50).

/ pe(tin - épdA} i(t)dt (5.47)
Wi = /T [ / pT(t>n-<I>pdA} a(t)dt (5.48)
Wias = /T [ / pp(t)n-q)TdA} i(t)dt (5.49)

Wiar = /T { / pT(t)n-q)TdA} g(t)dt (5.50)

It can be seen that each of the work done terms contains mixed values of
pp(t), pr(t), ®p, and ®7. The subscripts of the pressure terms indicate the
source of the forcing. For example, the presence of the term pp(t) indicates
plunge motion-induced unsteady forcing, and pr () indicates twist motion-
induced unsteady forcing. The subscript of the mode shape indicates the
mechanism by which this forcing does work on the blade. For example,
&, modifies the blade surface normal vector m so positive work is done
when the pressure acts to induce a change in unsteady lift. Whereas, ®1
modifies the blade surface normal vector so positive work is done when the
pressure acts to induce a change in unsteady moment. Therefore, Wpp,, for
example, can be read as ‘work done due to plunge motion induced unsteady
lift’. When both the forcing mechanism and the interaction mechanism are
defined, the work terms are referred to as ‘forcing-vibration pairs’. The
Wpr and Wr )y terms can be found directly from the CFD simulations of
the pure plunge and pure twist mode shapes. This is because the blade
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surface unsteady pressures and the mode shape vectors are both taken from
the same simulation, i.e., both from plunge or both from twist. For this
reason, these work terms are called ‘matching components’. For the Wrp
and Wp; terms, additional post-processing is required, as the pressure and
mode shape vectors are shared between plunge and twist simulations. For
W 1, for example, the blade surface unsteady pressures py(t) are taken from
the twist simulation but are then multiplied by the mode shape vector from
the plunge simulation ®p. As the pressure and mode shape are crossing over
different simulations, these work terms are called ‘cross components’. The
sum of all four work done components returns the same work done as that
obtained by running a single simulation of the original 1F mode shape. The
aerodamping ratio is obtained from the work done components, as shown
in equation 5.51. To ensure that the aecrodamping ratio calculated from the
components is correctly normalised compared to the 1F mode, the modal
mass used in the calculation of the amplitude of the modal velocity includes
both plunge and twist vibration modes, as shown in equations (5.52)—(5.54).

- (Wer + Wrp + Wen + Wru)
2>

N (5.52)

¢ = (5.51)

m, = ¥TMP¥ (5.53)

U ="U,+ Uy (5.54)
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6 Analysis of a Weakly Loaded Subsonic Lin-
ear Cascade

In this chapter, a weakly loaded subsonic linear cascade is used for aeroelas-
tic simulations. The implementation of this geometry and operating point
has two benefits. Firstly, the experimental rig on which these simulations
are based allows variation of the rotor blade plunge-twist ratio, reduced fre-
quency, and nodal diameter, which provides validation of what is frequently
a purely computational investigation of these parameters in the literature.
Secondly, the simplified flow and geometry of this test case allow a clear
separation of the driving factors for flutter. Therefore, in the first part of
this chapter, parametric studies on the effect of plunge-twist ratio, reduced
frequency, and nodal diameter are performed in order to validate unsteady
CFD. After this, an extended modal parameter space is investigated, which
is outside the permissible range of the experimental rig, in order to investi-
gate trends in aerodamping across a wider input range. Unsteady CFD is
then used to build stability maps. These maps indicate regions where flutter
is likely to occur and allow the determination of the stability limit, where
the aerodamping is zero, as a function of the modal inputs. Finally, the va-
lidity of the linear cascade implementation is analysed by comparing results
to several other cascade implementations that are more representative of a
low-speed compressor geometry and operating point.

6.1 Test Case
Test Rig

Investigations were conducted on a weakly loaded subsonic linear com-
pressor cascade, based on the test rig shown in figure 6.1. Experimental data
for the purpose of validating CFD was obtained in a collaborative project
with TU Berlin. The air flow through the test rig is provided by a ra-
dial blower, which is then homogenised by passing through a diffuser and
a settling chamber with multiple honeycomb grids. Finally, the flow passes
through a converging nozzle before entering the measurement section, which
houses the blades. The outlet flow is then expelled at atmospheric pressure
at the end of the measurement section. Several flow properties are measured
to ensure the correct operating point: total pressure and temperature are
measured at the settling chamber side wall; dynamic pressure with a Pitot-
static probe at the centre of the measurement section inlet face; and inlet
static pressure at the inlet face side wall. These variables are used to inform
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the boundary conditions of the CFD setup.

Measurement
Section

Settling Chamber Radial Blower

l

\ !

Nozzle Diffuser

Figure 6.1: Experimental test rig

Measurement Section

Figure 6.2 shows the test rig measurement section. The cascade is com-
prised of a single blade row housed in a rectangular ‘fish tank’ geometry.
The blades are highlighted in grey, and the dimensions of the section are
highlighted in red. The hub and tip (front and back wall in dimension z of
figure 6.2) are flat, and therefore the cascade is termed ‘linear’. This differ-
entiates the cascade from an annular geometry, which has a curved hub and
casing and is typically circumferentially periodic. As linear cascades cannot
be periodic, the circumferential boundaries (top and bottom walls in Figure
6.2) are terminated by viscous hard walls.

The cascade blade row is formed by an eleven-blade passage with a pitch-
chord ratio of S/c = 0.75. The blade profiles are a modified NACA 65-Series
[65], with a maximum thickness of 6%c at half-chord and 10° circular arc
camber line. The span-chord ratio of the blades is 1.313. The stagger is
fixed to v = 43°, and since the inlet flow is limited to having zero y velocity,
the incidence on the blade row is fixed at ¢ = 2°. The implementation of
a low incidence limits the likelihood of corner separations and also means
the operating point is far away from stall. The inlet Mach number set by
the blower is constant throughout, with M; = 0.087, so the flow through
the cascade is entirely subsonic. This results in a Reynolds number of Re =
0.3 x 10° at the inlet face. The blade profile and operating point aim to

56



0.95m

0.192m

Figure 6.2: Test rig measurement section

replicate a two-dimensional section cut of a low-speed compressor blade row
in the tip region. While the flow through the measurement section is three-
dimensional, the blade section and inlet flow profile are constant along the
span and will therefore be considered quasi-two-dimensional.

Piezo-resistive differential pressure transducers were employed to measure
the blade surface pressures across the seven central blades of the cascade. The
pressure transducers exhibited linear behaviour around the zero point and can
be considered bidirectional. Calibration was conducted against externally
calibrated precision pressure cells, which showed accurate pressure readings
in the single-digit Pascal range. The data acquisition system provided a
theoretical resolution of 0.0267 Pa. The measurement blades have twenty
mid-span pressure taps, with ten each for the suction and pressure surfaces.
The experimental setup can therefore only measure the unsteady pressures
at mid-span. The pressure taps have an exponential spacing along the chord,
with greater density towards the leading edge.

Blade Mode Shape

The blade mode shape implemented in this chapter is a quasi-two-dimensional
combined plunge-twist mode shape, which approximates a 1F mode. The
mode shape is defined purely analytically; no structural FEA was performed
on the blades themselves to determine the mode. There are several assump-
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tions made about the vibration mode of the blades. Firstly, it is assumed
that the 1F mode can be defined by a combined mode, which is a super-
position of pure plunge motion perpendicular to the chord and pure twist
motion about the half chord blade centre. Secondly, it is assumed that the
pure plunge and pure twist components are in phase. For this implementa-
tion, this means the plunge motion starts the vibration cycle with an upward
motion and the twist motion with a clockwise rotation, which acts to open
the blade passage. Finally, it is assumed that the blades are rigid bodies, so
there is no chord-wise flexion of the mode shape. Under these assumptions,
the mode shape is equivalent to a single degree of freedom (SDOF) rotation
about a twist axis located a chord-wise distance | downstream of the leading
edge. This distance is referred to as the ‘twist axis setback’. By varying
[, the plunge-twist ratio of the mode shape can be varied, where [ = 0.5¢
corresponds to a pure twist mode shape and [ — oo to a pure plunge mode.
The normalised twist axis setback [/c is used as the parameter to define
the plunge-twist ratio and the reduced frequency k to define the vibration
frequency.

Vibrating Blade Module

The blade movement is prescribed experimentally by a vibrating blade
module. Throughout this chapter, an AIC method is implemented; therefore,
the vibrating blade module will only prescribe motion to the central blade of
the cascade. All the other blades are fixed. An additional requirement of this
method is that the module implements forced vibration, and the unsteady
aerodynamic forces have no influence on the amplitude of the vibration. The
central blade of the cascade is attached at the hub to a lever on the outside
of the wind tunnel. The lever is mounted to a traversing plate, which can
be moved back and forth along linear bearings on the side wall to change
the twist axis setback. Figure 6.3 shows a section cut of the traversing plate
at its maximum twist axis setback. Moving the blade position in the slot
fixes the location of the blade in the cascade. Oscillatory motion is provided
by an electric step motor, with an eccentric attached to its shaft through a
scotch yoke mechanism and a connecting rod. The motor speed is used to
vary the blade vibration frequency. Lever displacement is monitored with a
laser triangulation distance sensor at the tip of the lever. It should be noted
here that the actual experimental implementation of the mode shape will
have a small span-wise component, as the blade is not constrained at the tip.
A more detailed summary of the experimental implementation and results is
given by Malzacher et al. [60].

38



Connecting rod
to stepper motor

Traversing plate

Twist Axis
Location

Figure 6.3: Vibrating blade module

6.2 Computational Model

Domain

Figure 6.4 shows a span-wise view down the cascade with the blade num-
bering convention used in the CFD. Blades are numbered from —5 (top)
to +5 (bottom) in the direction of what would be positive rotation for the
rotor. The vibrating blade 0 is the central blade of the cascade. The in-
flow and outflow boundaries are highlighted in green, while all other viscous
boundaries are shown in black. The steady-state flow solutions are obtained
by imposing total pressure, total temperature, and flow angle at the far-
field inflow boundary as well as static pressure at the outflow boundary.
One-dimensional non-reflecting boundary conditions are implemented at the
inflow and outflow boundaries to minimise undesirable reflections, which are
known to affect flutter stability [25]. The flow is assumed to be turbulent
throughout the entire domain.

Mesh

The computational mesh is semi-unstructured. In the span-wise direction,
the domain is discretised by 23 radial layers. All viscous surfaces, including
the hub, tip, top, and bottom walls of the domain, have near-wall mesh
refinement to correctly capture the flow in the boundary layer. The mesh
of the top blade —5 and the refinement near the top wall can be seen in
figure 6.5. The boundary layer is resolved with a high density of hexahedral
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Figure 6.4: Measurement section geometry with dimensions

elements, with an average of y+ = 45. Approximately 86% of the surface
elements have {25 < y+ < 65}. The far field contains a coarser prismatic
mesh, which aims to minimise reflection of disturbances off the inflow and
outflow boundaries. The inlet boundary is placed four chords upstream of
the leading edge of blade 0 and the outlet is placed four chords downstream
of the trailing edge of blade 0. The overall mesh contains approximately
1.7 x 10% nodes. Several mesh densities were investigated, and the final mesh
was selected based on agreement with the experimental data.

Mode Shape

A schematic of the implementation of the combined mode and the key
parameters is shown in figure 6.6, where T.A. is the twist axis location, [ is
the twist axis setback, H is the plunge displacement amplitude, £ is the twist
displacement amplitude, and O is the twist angle amplitude. The leading
and trailing edge amplitudes can therefore be given by Ay = H + ¢ and
Arp=H —t respectively. By changing the twist axis setback [, the plunge-
twist displacement ratio, H /t, of the mode can be varied. The normalised
twist axis setback [/c is used as the variable for prescribing the plunge-twist
ratio.

An arbitrary origin rotation of axes method is used to implement the
SDOF rotation about the twist axis. For this method, the origin is set to the
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Figure 6.5: Computational mesh showing blade -5 and the top wall
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Figure 6.6: Schematic showing rigid body rotation around the twist axis
(T.A)

61



twist axis location (274, y74) and each node on the blade surface is rotated
about said origin by an angle 67. This returns a new set of perturbed blade
coordinates, which are then subtracted from the initial blade coordinates to
obtain the mode shape vector. The rotated coordinate vectors in x and y
are given by d, and d, respectively. The implementation of the rotation is
shown in equations (6.1)—(6.2).

d, =274+ (T — 274) COS (07) + (Y — yra) sin(fr) (6.1)

d, =yra — (x — xra)sin (Or) + (y — yra) cos(0r) (6.2)

As mentioned in chapter 5, the aeroelastic solver used in this work is
weakly coupled. One requirement of this implementation is that the physical
displacements can be satisfied by the product of a linear mode shape vector
and the modal displacement vector. Assuming that 67 is small, the mode
shape can be linearised in 7 by a small angle approximation, transforming
the rotated coordinate vectors into equations (6.3)—(6.4).

d. =tra+x—Tra+ (Y —yra)or (6.3)

dy=yra— (x —27r4)0r +Y — yra (6.4)

Finally, the initial blade coordinate vectors can be subtracted from the
perturbed coordinate vectors to obtain the physical mode shape vectors,
as shown in equations (6.5)-(6.6). The mode shape vector is then mass-
normalised, and a modal displacement is selected to satisfy the correct phys-
ical displacement. The blade vibration is discretised in time, with 360 time
steps per vibration cycle. This time step was chosen from a time convergence
study based on agreement with the experimental data.

U, = (y —yra)fr (6.5)
U, = —(x — 274)07 (6.6)

6.3 Computational Results
6.3.1 Validation

Prior to investigating the parameters that drive flutter, the steady and un-
steady CFD results are validated against experimental measurements. It
should be noted here that experimental validation of the CFD is conducted
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using only the mid-span steady and unsteady pressures, as this is the only
span-wise location on the blade for the experimental pressure transducers.

Figure 6.7 shows the validation of the steady-state blade surface pres-
sure coefficient C), as a function of the normalised chord x/c. There is a
good agreement for blades 0 and +1, whereas blade —1 has some minor
discrepancies towards the leading edge on the pressure side. There are a
few explanations for this discrepancy. Firstly, the prescribed stagger angle
of blade —1 was not implemented precisely enough prior to the experimen-
tal campaign. Since the flow angle is fixed, an incorrect stagger angle may
change the flow incidence on the cascade, causing a discrepancy at the lead-
ing edge. Secondly, the steady aerodynamic loading when the blower was
switched on caused small changes to the applied stagger angle. Although
this particular explanation does not explain why this discrepancy is only no-
ticeable on blade —1. Thirdly, the third pressure tap on the pressure side of
blade —1 was faulty and returned incorrect readings, as this is the only tap
with poor agreement. Finally, this could be a poor prediction of the CFD.
Figure 6.7 also shows that there is a non-uniform loading across the blades
in the cascade, as blade +1 has a higher mean static pressure than blade —1.
This is due to the viscous hard walls on the top and bottom of the cascade,
which are limiting the flow turning from the blades. This results in a higher
mean static pressure on the cascade bottom wall and a lower mean static
pressure on the top wall, which would create a pressure gradient along each
of the blades in the row.

For the unsteady CFD, the mid-span unsteady pressure on the blade sur-
faces is compared. In the CFD, the pressure signals are Fourier-decomposed
into amplitude and phase at the prescribed blade vibration frequency. Due
to the subsonic, low incidence, and attached flow, the Fourier components
in the higher harmonics of the vibration frequency are neglected, as they
are several orders of magnitude smaller than the first harmonic. The results
are shown in terms of the unsteady pressure coefficient C,’ in figure 6.8 for
k = 0.2 and [/c = 1.3 across the five central blades of the cascade. Here,
the phase is shown with respect to the modal velocity. The amplitudes of
unsteady pressure from CFD are generally well predicted. There is a large
dip in the amplitude of unsteady pressure from tap three on the pressure side
of blade —1. This is the same tap that had issues with poor agreement for
the steady pressure coefficient in figure 6.7. It is concluded that this faulty
tap is the reason for the discrepancy in both results. The largest amplitude
of unsteady pressure occurs at the leading edge of the vibrating blade, as
the vibration of the blade causes the stagnation point to switch between the
suction and pressure sides over each vibration cycle. The slope of the phase
with respect to the normalised chord gives an indication of the velocity of
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Figure 6.7: Validation of the blade steady pressure coefficient against exper-
imental data
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the unsteady pressure perturbations [10]. For a 1D wave, the wave velocity
is given by

vw__v
k do/dw

where £ is the wave number, w is the angular frequency, and ¢ is the phase.
Therefore, the gradient of the phase with respect to x/c indicates the direc-
tion and speed of travel of a perturbation in pressure. A positive gradient
of the phase indicates a downstream travelling perturbation, and a negative
slope indicates an upstream travelling perturbation. It can be seen that for
the suction side of blade 0, the gradient of the phase is positive, indicating
a downstream travelling perturbation. The unsteady disturbance then prop-
agates away from blade 0 downstream towards blade —1, inducing a large
unsteady pressure amplitude on the pressure side. A much smaller unsteady
pressure amplitude is felt on the suction side of blade —1 as the disturbance
does not travel as effectively past the leading edge. Disturbances propagat-
ing from blade 0 to blade +1 must travel against the convected flow and are
therefore acoustic in nature. This differentiates the disturbances propagating
from blade 0 to blade —1, which will have additional entropic and vortical
convected components [18]. This can be seen from the gradient of the phase
for the suction side of blade 41, which has a negative gradient, indicating
that there is an upstream travelling disturbance propagating from blade 0.
Since perturbations travelling from blade 0 to blade +1 travel against the
convected flow, the overall amplitudes of unsteady pressure are considerably
smaller than for blade —1. In addition to the convected flow, there is also
a pressure gradient across the cascade, which such perturbations must also
travel against. For blade +1, the largest amplitudes of unsteady pressure
occur on the suction side, as this side is closest to the vibrating blade 0.

The chord-wise length of the covered passage is approximately half chord
for all blades in the row. It can be seen that there is very little phase change
between the suction side of blade 0 and the pressure side of blade —1 at
approximately half chord where the covered area is shared. It can also be
seen that there is very little phase change between the pressure side of blade
0 and the suction side of blade 41 at half chord where the covered passage
is shared. This indicates that there is a near instantaneous propagation of
the disturbance from blade 0 to the suction side and pressure side of blade
—1 and blade +1, respectively.

The integrated modal force and displacement for each blade are converted
into the aerodynamic influence coefficients to begin the validation of the aero-
damping analysis. Figure 6.9 shows the validation of the complex influence
coefficients for blades —3 up to +3 for £ = 0.4 and [/c = 1.25. Coefficients

(6.7)

v =
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Figure 6.9: Validation of the complex AIC’s — k =04, l/c =1.25

with a positive imaginary component will cause instability as they are in
phase with the modal velocity, causing work done on the blade by the flow
[67]. It can be seen that blade 0 provides the largest stabilising contribu-
tion. In all tested modes, blade 0 always has a stabilising contribution as
the forcing generated by the vibration damps its own vibration, which is in
agreement with conclusions from the literature for unstalled blades [08]. Gen-
erally, blades a greater discrete distance from the vibrating blade 0 will have
smaller AIC magnitudes and subsequently contribute less to the travelling
wave mode coefficient amplitude. This is because disturbances propagate
less effectively over a larger distance from the vibrating blade, which induces
a smaller modal force amplitude and thus a smaller influence coefficient. It
can be seen from figure 6.9 that the AICs of the blades furthest away (+3
and —3) have a much smaller magnitude than the blade 0 closest neighbours.
For this reason, coefficients for blades > +3 will be neglected when calcu-
lating the aerodamping. This also allows consistency with the experimental
campaign.

The aerodynamic damping ratio can now be calculated by the eigenanal-
ysis shown in Section 5. Figure 6.10 shows the validation of aerodamping
against the inter-blade phase angle for £k = 0.4 and [/c = 1.25. There is a
good agreement between CFD and experiment, both in the trend of aero-
damping as a function of inter-blade phase angle and the prediction of the
location and amplitude of the minimum aerodamping. The mean absolute
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Figure 6.10: Validation of the aerodamping as a function of inter-blade phase
angle — k=04, [/c=1.25

error for this reduced frequency and twist axis setback is € = 4.7 x 107*. The
percentage error is not stated as the expected result is close to zero for some
inter-blade phase angles. Both CFD and experiment show that for this &
and [/c, flutter occurs in low inter-blade phase angles and forward travelling
wave modes, which is expected for flutter of this kind [69].

6.3.2 Steady State Results

Following the successful validation of steady flow, unsteady flow, and aero-
damping at mid-span, results are now shown for flow throughout the entire
domain. Figure 6.11 shows CFD results for the steady pressure coefficient
contour at the nominal operating condition. It can be seen from the figure
that there is a positive pressure gradient from blade +5 (bottom) to blade
—5 (top). This gradient is caused by the viscous end-walls on the top and
bottom walls of the cascade. The alignment of the blade stagger angle and
the bottom and top walls of the cascade creates an incidence of i = 2°, which
prevents uniform flow deflection. This turns the region between blade +5
and the cascade bottom wall into a converging nozzle, which increases the
mean upstream static pressure. Conversely, the region between blade —5 and
cascade top wall is turned into a diverging nozzle, which decreases the mean
upstream static pressure. The mean blade loading across the blade row is not
only non-uniform but also non-linear with respect to the distance from the
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Figure 6.11: Mid-span steady pressure coefficient contour

end-walls, as the blade geometry is different for the diverging and converging
sections.

Figure 6.12 shows the blade suction side surface pressure coefficient con-
tour of the central blade 0 with surface streamlines. It can be seen from the
figure that the largest blade loading on the suction side occurs towards the
trailing edge, which is validated by the mid-span experimental validation in
figure 6.7. The main conclusion to be drawn from this figure is that there
is some span-wise variation in the flow field that cannot be validated by the
experiment, as the experiment only has pressure taps at mid-span. Towards
the hub and casing, there is an increase in the pressure coefficient due to the
viscous boundary layer reducing the flow velocity, thus increasing the static
pressure. It can also be seen that there is a small deflection of the surface
streamlines towards the trailing edge near the hub and casing. This deviation
is the initial formation of a corner separation, but due to the small incidence
1 = 2°, the effects are relatively small. Corner separations for similar cascades
have been shown to occur at a minimum of ¢ = 4° [70].
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tion side of blade 0

6.3.3 Unsteady Results

Numerical simulations are now used to predict the aerodynamic damping
over a wider range of reduced frequencies and normalised twist axis setbacks
than permitted in the experiment. The reduced frequencies are varied in the
range 0.2 < k < 0.7, and the normalised twist axis setback is in the range
0.5 < l/c < 3, where the former corresponds to a pure twist mode and the
latter contains a large plunge component. For this set of results, the unsteady
flow over the entire blade is used for the calculation of the aerodamping.
Figure 6.13 shows the curves of aerodynamic damping against the inter-
blade phase angle for different [ /c with k = 0.6. For [/c > 1, the aecrodamping
is positive and stable for all inter-blade phase angles. Negative aerodamping
occurs when [/c < 1 in small, positive inter-blade phase angles, which cor-
responds to flutter in a forward travelling wave mode. It can be seen that,
in general, increasing [/c increases the aerodamping for all inter-blade phase
angles. This is equivalent to saying that decreasing the amount of twist in
the combined mode shape makes the rotor more stable for this operating
point and reduced frequency. It can also be seen that the minimum aero-
damping, which is the minimum across all inter-blade phase angles, does not
increase linearly with [/c but rather follows some higher-order growth. The
shape of the aerodamping curves changes significantly as [/c is varied. For
[/c = 2, the aerodamping curve follows a near-negative cosine with a mini-
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Figure 6.13: Aerodamping as function of IBPA for different [/c at k = 0.6

mum aerodamping at o, = 7°, whereas for [/c = 0.5, the curve more closely
resembles a negative sine shape with a minimum aerodamping at o,, = 64°.
Consequently, the largest range of unstable IBPA’s exists for the pure twist
mode shape [/c = 0.5 and is unstable in the range 21° < g,,, < 120°.

Figure 6.14 shows the curves of aerodynamic damping against the inter-
blade phase angle for different [/¢ with k = 0.2. For this reduced frequency,
there are negative aerodamping values for all [/c¢ at some inter-blade phase
angles, which are generally small and positive. When comparing the aero-
damping curves for k£ = 0.2 to those for k = 0.6, it can be seen that generally,
decreasing the reduced frequency decreases the aerodamping, meaning low
reduced frequency vibration modes are more susceptible to flutter. Interest-
ingly, the minimum aerodamping does not occur at I/¢ = 0.5 but instead
at [/c = 1.25. This indicates that the mode stabilises as {/c — 0.5 for a
pure twist mode shape. This will be discussed in further detail in the coming
results.

The aerodamping curves for £ = 0.6 in figure 6.13 and k£ = 0.2 in fig-
ure 6.14 have very different shapes. By looking at equation 5.21, it can be
seen that the travelling wave mode coefficients are the result of a Fourier
transform of the aerodynamic influence coefficients. Where the AIC’s are
the Fourier coefficients and the harmonic is the discrete distance function
0, between blade 0 and the adjacent blades in the row. Therefore, blade 0
corresponds to the zeroth harmonic Fourier coefficient, the inclusion of the
two nearest neighbours adds the first harmonic Fourier coefficient, and so
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Figure 6.14: Aerodamping as function of IBPA for different [/c at k = 0.2

on. The Fourier transform sums all of the coefficients to find the travel-
ling wave mode coefficients. Figure 6.15 shows the individual contribution
of each Fourier coefficient and how they sum to give the total aerodamping
ratio. It was shown by Crawley [68] that the forcing generated by the vibra-
tion of Blade 0 always damps its own vibration. Subsequently, the zeroth
Fourier coefficient always has a positive value, and due to it being the ze-
roth coefficient, it is constant with respect to the inter-blade phase angle.
Critically, it is the zeroth coefficient that can be used to determine the mean
aerodamping as a function of the inter-blade phase angle. It can be seen
that as the Fourier coefficient increases, the amplitude of the aerodamping
contribution decreases. This is because the amplitude of the AIC’s decreases
as the distance from the vibrating blade 0 decreases, as shown in figure 6.9.
It can be seen from k£ = 0.2 in figure 6.14 that the higher order harmonics
contribute significantly to the aerodamping compared to £k = 0.6 in figure
6.13 for the same {/c. It can therefore be concluded that at low reduced fre-
quencies, unsteady disturbances propagate more effectively to the blades that
are further away as compared to higher frequencies, which in turn decreases
aerodamping.

To further investigate the trends in reduced frequency, aerodamping is
plotted as a function of reduced frequency for the different values of [/c at
a constant inter-blade phase angle in figure 6.16. For these cases, o, = 40°
was selected because this was one of the most unstable inter-blade phase
angles at each reduced frequency. Comparing the curves in figure 6.16, it is
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Figure 6.15: Harmonics of travelling wave mode coefficients expressed in
terms of aerodamping, k = 0.2, [/c = 2

clear that the reduced frequency has a strong influence on the aerodynamic
damping. However, different trends are seen across the range of twist-axis
setbacks. When the twist axis is inboard of the aerofoil, [/c < 1, aerodynamic
damping is negative for all reduced frequencies. Whereas mode shapes with
a larger plunge component, 1.5 < [/c < 3, reach a local maximum at some
reduced frequency, typically in the region of £ = 0.3. It can therefore be
concluded that increasing the reduced frequency does not necessarily decrease
the aerodamping, as is expected from the literature [71]. For all I/c, it
appears that ( — 0 as £ — oo. The aerodamping tending to zero at very
high reduced frequencies is attributed to the blades being too stiff to be
affected by the flow [37].
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Figure 6.16: Aerodamping as function of k for different [/c

Figure 6.17 shows aerodamping as a function of twist axis setback for
different k at constant inter-blade phase angle o, = 40°. It can be seen that
for k = 0.7 the aerodamping is monotonic and follows a parabolic trend in
[/c. The same, however, cannot be said for k = 0.2, where the aerodamping
is decreasing in the range 0.5 < [/¢ < 1.2, at which point it reaches a local
minimum, and then increases rapidly up towards [/c = 3. There also exists a
local minima for k = 0.25 and k = 0.3 at slightly smaller [/c. It is particularly
interesting that the minimum aerodamping does not occur at the lowest value
of [/c. This indicates that the pure twist mode shape is more stable than a
combined mode shape with a small plunge component. It can be concluded
that it is the cross-coupling of forcing and vibration from the plunge and
twist motion that causes the minimum aerodamping, confirming the results
shown in [6]. The general conclusion is that increasing [/c is beneficial, as
typical compressor blade 1F mode shapes will have large enough reduced
frequencies and twist axis setbacks to be outside the range where increasing
[/c will cause a decrease in the aerodamping, excluding a very poor design.
It can also be seen that the critical [/c at which flutter occurs decreases as
the reduced frequency increases. This shows the close dependency of reduced
frequency and twist axis setback on flutter stability.
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Figure 6.17: Aerodamping as function of [/c for different k

The effect of reduced frequency, twist axis setback and inter-blade phase
angle are best summarised by a stability map. To build this map, the min-
imum aerodamping is chosen over the entire IBPA domain and plotted as a
contour as a function of reduced frequency and twist axis setback as shown
in figure 6.18. Regions of the contour shaded in red show negative aerodamp-
ing resulting in flutter and blue shaded regions show positive aerodamping
in which the rotor is stable. The stability limit, where the aerodamping is
zero, is highlighted for both the CFD and the experiment. There is a good
agreement between the stability limit determined by CFD and experiment
for the computed range reduced frequencies and twist axis setbacks. The
most unstable mode shape is k = 0.2 and /¢ = 1, whereas the most stable
mode shape is k = 0.3 and [/c = 3. Despite the fact that generally, increas-
ing the reduced frequency and twist axis setback is beneficial for preventing
flutter, the most stable mode shape has a rather low reduced frequency and
high twist axis setback. Therefore, for this cascade, it may be beneficial to
sacrifice some of the blade stiffness for a mode shape with a large plunge
component, so the aerodamping is at its most stable value. The shape of the
flutter stability limit appears to follow some offset rectangular hyperbola of
k and [/c, which is similar to conclusions drawn from the literature [30].
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Figure 6.18: Flutter stability map

6.3.4 Validation of Linear Cascade Approach

The linear cascade aims to approximate the two-dimensional flow and mode
shape for a section cut of a low-speed compressor rotor in the tip region.
However, the implementation of a linear cascade means some of the flow
features differ from those that would typically be seen in a low-speed com-
pressor. The primary differences are the viscous circumferential boundaries
(top and bottom walls of the measurement section), the linear hub and tip
geometry, and the viscous walls on the hub and tip. The viscous circum-
ferential boundaries not only mean there is zero circumferential periodicity
but also introduce a non-uniform blade loading to the blade row. The linear
hub and tip geometry are also not representative, as this geometry prevents
periodicity in the flow. Finally, the viscous walls on the hub and tip and
the implementation of a short blade span mean that the flow is no longer
representative of a section cut in the tip region, as a large span-wise bound-
ary layer is present. Aside from the changes to the cascade geometry, the
non-uniform blade loading questions the validity of the implementation of
the AIC method, as the blades are technically not tuned and therefore the
linear superposition of forcing does not hold true. To assess the validity of
the linear cascade and the implementation of the AIC method, four cascade
implementations are investigated.
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Case A

Case A implements the linear cascade, which is representative of the ex-
perimental setup. For the sake of completeness, the cascade implementation
is summarised here. For this case, there are viscous hard walls on the hub
and tip and viscous walls on the circumferential boundaries (top and bottom
walls of the measurement section). The blade row is formed of 11 blades,
and seven blades are used for determining the aerodamping using the AIC
method. It was shown in figure 6.11 that for this case, there is a non-uniform
blade loading across the blade row. Therefore, there are a few considerations
that must be made about the validity of the AIC method. Firstly, it is as-
sumed that the blades far away from the central vibrating blade have a small
amplitude of modal forcing and contribute very little to the aerodamping.
Secondly, it is assumed that the nearest neighbouring blades to the vibrat-
ing blade 0 have a similar steady aerodynamic loading and therefore can be
considered tuned.

Case B

Case B implements an annular cascade setup, which aims to be more
representative of a low-speed compressor cascade. For this case, the linear
hub and tip geometry are replaced with an annular geometry with a diam-
eter D = 1m which introduces flow three-dimensionality but maintains zero
radial velocity. The viscous circumferential boundaries are replaced with pe-
riodic boundaries, which eliminate the non-uniform blade loading present in
the linear cascade. Therefore, the rotor can now be considered fully tuned
rather than approximating a tuned system. Finally, the viscous hub and
tip boundary conditions are replaced with inviscid wall boundary conditions.
This removes the large span-wise boundary layer present in the linear cascade
and makes the flow more representative of a section cut of a compressor blade
in the tip region. In this case, an AIC method is implemented to determine
the aerodamping. To maintain similarity to the AIC method implemented
for the linear cascade, 11 blades are placed in the blade row, and seven blades
are used in determining the aerodamping.

Case C

Case C has an identical domain to that of Case B. The only difference
between the two is that the aerodamping for case C is calculated using a
work done method with phase-lagged boundary conditions. The reason for
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implementing this case is to determine whether the 11 blades in the blade
row and the 7 blades used in the calculation of the travelling wave mode
coefficients are sufficient to correctly predict the aerodamping.

Case D

Case D implements the program code LINSUB developed by Whitehead
[72]. The original implementation calculates forces and moments about the
leading edge, which for this case is adapted to forces and moments around
the twist axis as shown in [73]. This code implements an analytical method
to determine the unsteady lift and moment for a cascade of flat plates vi-
brating in pure plunge motion perpendicular to the chord and pure twist
motion about half chord. The implementation assumes that the flow is two-
dimensional and the flat plates are operating at zero incidence. In order to
have a better comparison of results, the aerodynamic response and mode
shape for the two-dimensional section are spread in the span-wise direction
to create a quasi-two-dimensional domain. The span of this domain is equal
to those of cases A, B, and C. This allows the aerodamping ratio to be of the
same magnitude as in the previously mentioned cases. This code is imple-
mented primarily to assess whether the blade geometry of the linear cascade,
such as the camber and thickness profile, has a considerable effect on flutter
stability compared to flat plates. Additionally, this code implements zero
flow incidence, which can be compared to the ¢ = 2° flow incidence of the
linear cascade.

For each of the cases stated above, some properties of the cascade are
fixed between implementations:

e Mode shape: All blades will vibrate in a combined plunge-twist mode
shape with equal vibration amplitude.

e Operating point: The inlet Mach number is fixed to M; = 0.087 and
the incidence is fixed to i = 2° (excluding case D which has i = 0°)

e Domain: The span, chord, stagger angle and blade profile (excluding
case D which are flat plates)

e Solver parameters: Similar mesh densities, same time step and turbu-
lence model.

Figure 6.19 shows the blade surface pressure coefficient profiles for the
linear cascade setup (case A) and the annular cascade setups (cases B and
C). It can be seen that the annular cascade implementation has a crossover of
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the pressure and suction sides at approximately x/c = 0.16 which indicates
that the annular cascade setup is operating at an incidence significantly below
the design point. The linear cascade setup does not have a crossover due to
the pressure gradient that exists in the linear cascade. This is particularly
interesting as cases A, B, and C are all operating at the same incidence,
but the pressure gradient in the linear cascade appears to act as a change in
incidence. The loading of the blades is reasonably similar towards the trailing
edge. Figure 6.20 shows the annular cascade (case B,C) mid-span pressure
coefficient contour. It can be seen that there is no longer a circumferential
pressure gradient on the blades, and each blade in the cascade has a uniform
loading and can be considered tuned.

0.2
—— Linear
0.1 1 Annular
0.0 :
S 0.1 -K
—0.2 -
—-0.3 1+
—0.4H . . . |
0.0 0.2 0.4 0.6 0.8 1.0

Figure 6.19: Comparison of mid-span blade surface pressure coefficient pro-
files for the linear cascade and annular cascade
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Figure 6.20: Annular cascade mid-span pressure coefficient contour

Figure 6.21 shows how the aerodamping varies as a function of the inter-
blade phase angle for cases A-D with &k = 0.4 and [/¢ = 1. There is generally
good agreement in the trends of aerodamping as a function of IBPA. There
is a good agreement in the amplitude of minimum aerodamping for cases A,
B, and D, but a slightly more unstable aerodamping for case C. There is
also a slight discrepancy in the IBPA, in which the minimum aerodamping
occurs. The minimum aerodamping occurs at approximately 53°, 32°, 48°,
and 37° for cases A,B, C, and D, respectively. Interestingly, in the region
where the aerodamping is negative, the agreement between cases B and C
is quite poor. These cases have an identical domain, but case B implements
an AIC method and case C implements a work done method with phase-
lagged boundary conditions to determine the aerodamping. It is concluded
that the inclusion of seven blades in calculating the aerodamping via an AIC
method may not be sufficient to correctly predict the aerodamping. The
aerodamping for case D, which implements an entirely analytical method,
has a good agreement with the aerodamping from cases determined by high-
fidelity CFD. This shows that the small incidence ¢ = 2°, blade camber
and thickness profile, and three-dimensionality of the flow do not have an
important role to play in determining the aecrodamping for this cascade.
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Figure 6.21: Aerodamping as a function of inter-blade phase angle for cases
A-D

The stability maps for each cascade implementation are now compared
for a range of reduced frequencies and normalised twist axis setbacks in
figure 6.22. For this case, the inter-blade phase angle is fixed to o,, = 40°.
It can be seen that the contours of aerodamping are very similar in each
case. The additional benefit of case D is that the implementation is purely
analytical and can run a large number of reduced frequencies and twist axis
setbacks very quickly. This is the reason that the aerodamping contour is
significantly smoother than those for cases A, B, and C. In addition to there
being a good agreement for the contours of aerodamping, the location of
the stability limit is very similar for all cases. This shows that the change
in the steady aerodynamic loading between cases A and B and C does not
have a large effect on flutter stability. It also shows that the aerodamping of
the linear cascade can be well approximated by simple analytical methods,
such as that shown in case D. Finally, it shows that the AIC method is an
effective method for predicting the aerodamping, despite the fact that the
linear cascade is technically not tuned due to the non-uniform loading across
the blade row.
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Figure 6.22: Flutter stability maps for cases A-D

6.4 Chapter Summary

CFD validation against experimental data highlights good agreement in steady
pressure, unsteady pressure, and aerodamping across various mode shapes.
Flutter analysis reveals low nodal diameter forward travelling wave modes
as most unstable, with increased reduced frequency generally aiding flutter
prevention. Travelling wave mode coefficient analysis indicates decreased re-
duced frequencies affect unsteady disturbances’ propagation and aerodamp-
ing. Larger plunge-twist ratios are generally beneficial for flutter prevention.
A stability map shows optimisation potential by sacrificing blade stiffness
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for higher plunge-twist ratios. Concerns arise regarding the linear cascade’s
representativeness, but validation across multiple cascade implementations
affirms the effectiveness of the aerodynamic influence coefficient method for
predicting aerodamping. Analytical methods like LINSUB prove effective for
predicting flutter, offering a faster alternative to high-fidelity CFD.
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7 Flutter Model for Cascade Flows

The unsteady response and associated aerodamping of a combined plunge-
twist mode shape have been shown to be driven by the reduced frequency
k, normalised twist axis setback [/c, and inter-blade phase angle ,,. The
results of the previous chapter culminated in the creation of a flutter stability
map. This map showed how blade manufacturers should design blades to
decrease the likelihood of flutter and also showed where the flutter stability
limit occurs. Engine manufacturers are particularly interested in the location
of the flutter stability limit, as this is the boundary that must be moved in
order to create flutter stable engine designs. It was also shown that the
shape of the flutter stability limit for a subsonic linear cascade followed some
rectangular hyperbola of k£ and [/c for the most unstable inter-blade phase
angles, although there was no physical explanation for this observation. A
key element in the prevention of flutter is not only to examine trends but
also to provide a physical explanation of the phenomena to prevent flutter in
future designs. To explain such trends, engine designers often look to flutter
models, which simplify the highly complex interaction of the mode shape and
unsteady aerodynamics to aid in developing useful conclusions. Therefore,
the aims of this chapter are as follows:

1. Define a flutter model based on simplified physical modelling of the un-
steady aerodynamic response and its interaction with the mode shape

2. Validate the model assumptions for the subsonic linear cascade

3. Apply the model to explain the shape and location of the flutter sta-
bility limit for the subsonic linear cascade in terms of k, [/c and oy,

4. Define a general flutter stability parameter which can be used to advise
future designs

7.1 Model Definition

Before the model is defined, the combined 1F mode shape is summarised.
A 1F mode shape can be approximated by a combined plunge-twist mode
shape with pure plunge vibration perpendicular to the chord and pure twist
vibration about half chord blade centre. Under the assumption that the
components are in phase and the blades are rigid bodies, the vibration of
the combined mode can be considered a SDOF rotation about a twist axis
located a distance [ downstream of the leading edge. To simplify the terms
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Figure 7.1: Schematic of twist vibration induced incidence parameters

of the model, the twist axis setback [ has been replaced by the half-chord
twist axis setback z, where z = [ — ¢/2.

To begin the development of the flutter model, it was hypothesised that
the aerodynamic response is driven by the vibration induced flow incidence
on the blades. As was just mentioned, the 1F mode shape can be considered
a superposition of plunge and twist components. Therefore, both the plunge
and twist components of the mode will generate their own vibration induced
incidence onto the blades. Let ap(t) and ar(t) be the incidence induced by
plunge and twist vibration, respectively. A schematic of the blade vibration
and the key parameters for the twist vibration motion are shown in figure 7.1.
For twist vibration, a clockwise twisting displacement causes an increase in
the relative incidence. Therefore, the incidence change due to twist vibration
ar can be defined by the twist angle of the SDOF rotation as a function of
time, as shown by equation 7.1.

A

ar(t) =0p(t) = gsin (wt) (7.1)

It was shown by Cumpsty [74] that the plunge vibration induced incidence
can be determined in velocity space. A schematic of the blade vibration
and the key parameters for the plunge mode are shown in figure 7.2. In
this figure, the blade has zero displacement and a maximum upward plunge
velocity. The plunge velocity causes a decrease in the relative incidence;
therefore, the plunge vibration induced incidence ap(t) is out of phase with
the plunge velocity. The plunge incidence can therefore be defined as the
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Figure 7.2: Schematic of plunge vibration induced incidence parameters

angle created between the inlet flow velocity V., and the relative plunge
velocity Hrel, where H rel = —H. Tt is assumed that the flow incidence is
small, and therefore Vi, and H are perpendicular vectors. Additionally, the
assumption of a small incidence means that the rotor is guaranteed to be
operating on a positive slope of the lift-incidence curve. This is critical as it
means an increase in incidence causes an increase in the unsteady lift, which
is not true when the slope of the incidence curve is negative near stall [35].
Let the plunge displacement and velocity perpendicular to the blade chord
be given by equations 7.2 and 7.3, respectively. Finally, the plunge incidence
can be defined by equation 7.4.

H(t) = Hsin (wt) (7.2)
H(t) = wH cos (wt) (7.3)
ap(t) = _‘Zit> = % cos (wt — ) (7.4)

Now that the incidence change due to the vibration is defined, the vari-
ables that characterise the aerodynamic response must be defined. It was
shown in chapter 5 that the work done per vibration cycle — and subse-
quently the aerodamping ratio — can be split into four components called
forcing-vibration pairs. These terms are the aerodamping due to plunge and
twist vibrations, which induce an unsteady lift and moment. The same pro-
cedure for splitting the aerodamping into these components will be followed
here. Therefore, the aerodynamic response is defined as the unsteady lift act-
ing at the centre of pressure and the unsteady moment about the half-chord
blade centre.
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The unsteady lifts and moments due to plunge and twist vibration will
first be examined in the quasi-steady limit for a single blade. Quasi-steady
analysis examines the vibration and response as £ — 0. For this implementa-
tion, this means that the instantaneous response is equal to the steady-state
solution at that incidence. This is equivalent to there being no phase lag
between the vibration and the unsteady response. Firstly, the amplitude of
the quasi-steady lifts and moments must be defined. It is assumed that the
amplitude of unsteady lift and unsteady moment generated due to plunge
and twist vibration will be proportional in amplitude to the vibration in-
duced incidences &p and &, respectively. For example, if the amplitude
of the plunge vibration induced incidence ap increases by a factor of two,
then the amplitude of unsteady lift due to plunge also increases by a factor
of two. Each of the forcing-vibration pairs will therefore have a constant of
proportionality K to model this linearity, which can be thought of as the
gradient of the lift-incidence curve.

Secondly, the phase of the quasi-steady lifts and moments are defined.
Since the aerodynamic response is being examined quasi-steadily, there is zero
phase lag between the unsteady lift and unsteady moment and the plunge
and twist incidence which generated it. Therefore, the quasi-steady lifts

and moments due to plunge and twist vibration can be defined by equations
(7.5)—(7.8).

kH
L9(t) = Kprap(t) = Kpp=—— cos (wt — 7) (7.5)
LY(t) = = H
7 (t) = Krpar(t) = KT,L; sin wt (7.6)
kH
ME5(t) = Kppop(t) = Kpy=— cos (wt = 7) (7.7)
M5 (t) = = "
T (t) = KT,MQ’T(t) = KT,M; sin wt (78)

Throughout this chapter, it is assumed that Kp; = K and Kpy =
K, so the amplitudes of quasi-steady lift and moment are independent of
the vibration motion that generated them. In other words, the lift generated
by plunge or twist vibration is equal, provided the plunge or twist vibration
generates the same incidence. Figure 7.3 shows an example of the quasi-
steady lifts and moments for a single blade vibrating in a combined mode
shape over one vibration cycle.
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Figure 7.3: Quasi-steady lift and moment due to combined plunge and twist
vibration for a single vibration cycle

The downside of the quasi-steady approximation is that the frequency
cannot be approximated as zero for unsteady analysis. In reality, there will
always be a phase lag between the vibration of the blade and the aerody-
namic response. Therefore, to continue the analysis, a phase lag ¢, which
is currently unknown and dependent on reduced frequency, is added to the
quasi-steady aerodynamic response from equations (7.5)—(7.8) to give the
unsteady lifts and moments shown in equations (7.9)—(7.12). It is important
to note here that this phase lag is the delay in the response behind the quasi-
steady state response. Therefore, as the reduced frequency tends to zero, the
phase lag also tends to zero and recovers the quasi-steady response.

kH
Lp(t) = KP’LT cos (wt — T+ ¢p) (7.9)
H .
Lr(t) = KT’L; sin (wt + ¢r.1.) (7.10)
kH
Mp(t) :KP’MT cos (wt — T+ dpar) (7.11)
H .
MT(t) = KT,M? Sin (wt + ¢T,M) (712)

To begin the aerodamping analysis, the modal forces f must be calculated
from the unsteady lifts and moments by dotting the forces with the mode
shape vector.
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~ 2

kH

feo(t) = KP,LT cos (wt — 7 + ép) (7.13)
H,Q
nyL(t) = KT,L7 sin (wt + ¢T,L) (7.14)
D)
kH
fp’M(t) = KP,M? COS (wt—ﬂ'—i—gbp,M) (715)
]_/_;I_Z
fT7M(t) = KT,M? sin (wt + ¢T7M) (716)

Finally, the work done per vibration cycle for each component is calcu-
lated using equation 7.17, where ¢(t) is the modal velocity and feomp (%) is the
modal force of the forcing-vibration component. The work done per vibration
cycle for each component is shown in equations (7.18)—(7.21).

Wcomp = / fcomp(t) . Q(t)dt (717)
T
N
kH
Wpr = KP’LTQ cos (wt — m+ ¢p,) cos (wt)dt (7.18)
T
[/\{2
Wrp = KT,L7(?]/ sin (wt + ¢7.1) cos (wt)dt (7.19)
T
L 2
kH .
Wpn = KP,M;Q cos (wt — m + ¢par) cos (wt)dt (7.20)
T
ﬁ[2
Wi = Krar g / in (Wt + drar) cos (wt)dt (7.21)
T

The unknowns in the work done equations are the constants of proportion-
ality K and the phase lag of the unsteady response ¢. Therefore, equations
(7.18)-(7.21) currently cannot be solved analytically and must be determined
by CFD. Despite this requirement, the time integrals on the right hand side
can be greatly simplified by looking at how the integrals vary with respect
to the phase lag ¢. Assign the work done per vibration cycle time inte-
grals for each forcing-vibration pair to the variable D as shown in equations
(7.22)—(7.25).
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Dpp = / cos (wt — m + ¢p ) cos (wt)dt (7.22)
T

Dy = / sin (wt + ¢7.1) cos (wt)dt (7.23)
T
Dpy = / cos (wt — m + ¢par) cos (wt)dt (7.24)
T
Dy = / sin (wt 4 ¢r.ar) cos (wt)dt (7.25)
T

Figure 7.4 shows how D varies for each forcing-vibration pair as a function
of their corresponding phase lags ¢. It can be seen that Dp; and Dp s vary
as a negative cosine function of the phase lag, and Dr; and Dy vary as a
sine function of the phase lag. Therefore, the time integrals can be simplified
as shown by equations (7.26)—(7.29).

Dpp = —% cos (¢p.1) (7.26)
DT,L = % sin (¢T,L) (727)
DP,M = —% COS (gbp’M) (728)
Dy = % sin (¢r,n) (7.29)
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Finally, to complete the model, let the modal velocity amplitude be de-
fined by equation 7.30 and substitute equations (7.26)—(7.29) into equations
(7.18)—(7.21) and simplify to obtain the work done per vibration cycle terms
for each forcing-vibration pair.

q=2rf
A~ 2
kH
WPL— —7TKPL COS(QSRL)
~ 2

H .
WT,L = 7TKT,L7 Sin (¢T,L)

)
kH

WP,M = _WKP,M? COoSs (¢P,M)
)

WT,M = WKT,M? sin (¢T,M)

(7.30)

(7.31)

(7.32)

(7.33)

(7.34)

The work done per cycle terms shown in equations (7.31)—(7.34) will re-

produce the exact work done for each forcing-vibration pair.

This result

shows that the work done due to plunge vibration is always stable, as the
work done is negative, and the work done due to twist vibration is always
unstable. These terms can be summed to give the total work done per cycle
and determine the aerodamping ratio.
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W = WP,L + WT7L + WP,M + WT,M (7.35)

w
(=—— (7.36)
27 q?

7.2 Validation and Simplification of the Model for a
Subsonic Linear Cascade

To begin the validation, the values of K are found and compared to the
assumptions made in the model. K can be found by dividing the amplitude
of the unsteady lift and moment determined by CFD by the amplitude of
the incidence that generated it, either ap for plunge or ar for twist. It was
assumed in the definition of the flutter model that Kp; = Kp 1 and Kpy =
K . This states that the amplitude of unsteady lift and moment are equal
for plunge or twist vibration, provided they generate the same incidence. It
is also assumed that the amplitude of the aerodynamic response is driven
by the change in incidence; consequently, the values of K are assumed to
be constant with respect to reduced frequency and twist axis setback. The
procedure for determining K is as follows:

1. Values of reduced frequency k and twist axis setback [/c are chosen
and the combined mode shape is built analytically.

2. The mode shape is then split into its pure plunge and pure twist com-
ponents.

3. Two URANS simulation are run at the chosen operating point for the
plunge and twist mode shape components.

4. Kpr, Kr, Kpy and Ky are found by dividing the amplitude of
unsteady lift and moment by the twist vibration induced incidence
which generated it.

5. This process is repeated for all k£ and [/c in the range 0.2 < k < 0.7
and 0.5 < [/c < 3.

Figure 7.5 shows how the constants of proportionality K varies as a func-
tion of reduced frequency k with {/c = 1.5. It can be seen from the figure
that the assumption that Kp s = Kr s is valid, but there is a slight discrep-
ancy in the assumption that Kp; = Kpr, as Kp > Kpp. Similarly, the
assumption that the constants of proportionality do not change with reduced
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frequency is valid for Kp s and Krp s, but there is a slight negative gradient
of Kpy, and Kp as the reduced frequency increases. Although the gradients
themselves are small, the assumption is considered valid for this test case.
Figure 7.6 shows how the constants of proportionality K vary as a function
of twist axis setback [/c with k& = 0.4. Again, similar to the variations in
the reduced frequency case, the assumption that Kpj = Krp s is valid but
Krp, > Kpy. As the twist axis setback is increased, K does not vary, which
validates the model assumptions. The conclusion to be drawn from these two
figures is that the constants of proportionality K are approximately constant
with respect to reduced frequency and twist axis setback. This shows that
the amplitude of the aerodynamic response is in fact driven by the change in
incidence due to the vibration of the blades. Additionally, it has been shown
that Kpr ~ Kr and Kpy ~ Krpp, which states that the amplitude of
unsteady lift and moment are equal for plunge and twist vibration, provided
they generate the same incidence.
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Figure 7.5: Constants of proportionality K as a function of reduced frequency
k with [/c = 1.5
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Figure 7.6: Constants of proportionality K as a function of twist axis setback
[/c with k = 0.4

Now that K is known, the unknowns in the work done per cycle equations
(7.31)—(7.34) are the phases of the unsteady lift and moment due to plunge
and twist vibration. So far, the work done has been calculated for a single
vibrating blade. For vibrating blades in a cascade, the phase of unsteady
pressure will change depending on the inter-blade phase angle. Therefore,
from this point onwards, the inter-blade phase angle is fixed to o, = 40°, and
all model coefficients and conclusions drawn from this point onwards assume
this inter-blade phase angle.

Figure 7.7 shows how the phase of unsteady lift due to plunge ¢p, phase
of unsteady lift due to twist ¢r 1, phase of unsteady moment due to plunge
®p., and phase of unsteady moment due to twist ¢ s vary as a function of
k and [/c. It should be noted that the phase of unsteady lift and unsteady
moment due to plunge have been neglected at I/c = 0.5, as the amplitude
of unsteady lift and moment is zero for the pure twist mode shape. It can
be seen from the figure that the phase of unsteady lift and moment is highly
dependent on k and is a very weak function of {/c. Consider the case of
a twist motion induced unsteady moment. For this case, the blade will
always vibrate in pure twist mode, but as [/c increases, the amplitude of the
blade vibration decreases. Since flutter is an inherently linear phenomenon,
it is assumed that the vibration amplitude is proportional to the forcing.
This results in the amplitude of the unsteady moment decreasing as l/c is
increased. However, the phase of the unsteady moment remains the same, as
the mode shape is identical but with a smaller amplitude. This result is not
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unique to twist motion induced unsteady moments, as each of the forcing-
vibration pairs has a phase that is approximately constant with respect to
[/c. The phase of unsteady lift due to plunge ¢p; and phase of unsteady
moment due to plunge ¢p s vary more greatly as a function of /¢ compared
to the twist components. Since these are the only two cases that use the
unsteady pressures due to plunge, it is suspected that there is some local
unsteady behaviour that is producing this phase change as a function of
[/c. This could be something physical, such as large vibration amplitudes
inducing some non-linearity into the flow, or something non-physical, such
as plunge motion induced unsteady pressure amplitudes not being captured
correctly at low [/c¢ due to interference of numerical noise due to the small
vibration amplitude. Either way, for the sake of model simplification, it is
assumed that the phases of unsteady lift and moment can be determined
solely as a function of reduced frequency.

It can also be seen from figure 7.7 that for o,, = 40°, the phase lags be-
hind the quasi-steady response are fairly small for all £ and [/c in the region
of interest. Therefore, in order to simplify the model for the subsonic linear
cascade, it is assumed that a small angle approximation can be implemented
for the sine and cosine terms of the phase lag in equations (7.31)—(7.34). The
small angle approximation assumes that cos¢ = 1 and sin¢ = ¢. This is a
simplified approach based on the frequency range of interest. This method
could definitely be generalised, as in the work of Vega and Corral [75], who
showed that the influence coefficient phase can be determined as an approx-
imately linear function of reduced frequency. This could be used to create a
linear mapping and generalise the model in terms of the inter-blade phase an-
gle. However, for this simple case, a small angle approximation is reasonable
in the frequency range of interest. Under the assumption that the phase is
solely a function of reduced frequency and that a small angle approximation
can be implemented, the work done per cycle equations can be transformed
into those shown in equations (7.37)—(7.40).

~ 2
kH
WP,L = _WKP’LT (737)
~ 2
H
Wrp = WKT,L7¢T,L(k) (7.38)
~ 2
kH
WP,M = —WKP,M (739)
zC
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~ 2

H
WT,M = WKT,Myng,M(k’) (740)

This simplification removes the phase lags due to plunge vibration in-
duced unsteady lift ¢p; and unsteady moment ¢p s from the calculation of
the work done. In addition, this shows that the aerodamping for any [/c can
be determined as long as the phase lags for the twist induced unsteady lift
and moment are known for the reduced frequency of the combined mode.

Finally, the simplifications made to the work done per cycle terms are
validated by creating a stability map using the modified work terms and
comparing the results to the purely CFD implementation of the subsonic
linear cascade from the previous chapter. For the flutter model, the required
inputs are the phase lags for the twist vibration induced unsteady lift as a
function of reduced frequency ¢r (k) and the unsteady moment as a func-
tion of reduced frequency ¢r (k). These phase lags are determined by CFD.
The selection of an [/c for determining the phase lags is arbitrary, so in this
case, [/c = 1 was chosen. Figure 7.8 shows the stability map determined by
the simplified work done per cycle terms shown in equations (7.37)—(7.40).
It can be seen that there is a good agreement of amplitude of the minimum
and maximum aerodamping for the simple model compared to the CFD-only
approach. In addition, the shape of the contours is also very well predicted.
The most important conclusion for this section is that the unsteady aerody-
namics and the associated aerodamping are driven by the incidence change
due to plunge and twist vibration and the phase lag of the twist vibration
induced lift and moment.
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Figure 7.8: Flutter stability map produced using simple model

7.3 Shape and Location of the Flutter Stability Limit

It was shown in chapter 6 that the flutter stability limit followed some offset
rectangular hyperbola of k and [/c, but there was no physical explanation
for this trend. Therefore, the flutter model is now used to explain the shape
and location of the flutter stability limit, where W = 0. By setting the sum
of the work done per cycle terms shown in equations (7.37)—(7.40) to zero,
the common constants can be removed.

Wpr +Wrrp+Wpa +Wra =0 (7.41)

k22 kz
—KP,L7 + Krpz¢rn(k) — KP,M? + Krmorm(k) =0 (7.42)

As was previously stated, Kpj, = Kr and Kpy = Kp v, as the ampli-

tude of unsteady lift and moment are independent of the vibration motion
which generates it, provided they induce the same incidence. Therefore

Ky =Kpr = Krp (7.43)

Kg = KP,M = KT,M (744)
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5= e (7.45)
2
—k% + z¢r (k) + 5k_cz — 0 (k) =0 (7.46)
2
k% + 2z (%k - ¢T,L(k)) —0¢rm(k) =0 (7.47)

Equation 7.47 shows that the flutter limit can be described by a simple
quadratic equation of z. There does exist a factorable solution, but only
when ¢r.1(k) = ¢rm (k). However, it was shown in figure 7.7 that the phase
lags are not identical for all reduced frequencies. Therefore, equation 7.47 is
solved for z using the quadratic formula.

(7.48)

z =

(¢ro(k) —2) + \/(%k — Gro(k))’ + korah)
2(k/e)

N (¢T,L<k> - %) n %\/ (ﬁ - qu,L(k:))Q i 2ROl 7 4o

%:AW (7.50)

The solution shown in equation 7.50 gives a huge insight into the shape
and location of the flutter stability limit. Firstly, this shows that the gen-
eral shape of the flutter stability limit can be described by a non-standard
rectangular hyperbola of the form 2y = A. Where the x coordinate is the
normalised half-chord twist axis setback z /¢, the y coordinate is the reduced
frequency k, and A is the right hand side of the quadratic equation A(k).
Given that A(k) is a function of k, the flutter limit will vary from a standard
rectangular hyperbola where A is constant. Therefore, the location of the
flutter limit is determined by the amplitude of A(k) and the shape is deter-
mined by how strong the gradient A(k) is with respect to k. If the gradient
of A(k) with respect to k is zero, then a standard hyperbola is recovered, and
the flutter limit will occur when kz/c is constant. Additionally, this result
shows that there is a maximum of two crossings of W = 0 for a given reduced
frequency, as the solution of the quadratic equation has only two solutions.
However, the quadratic equation may only have one solution if the second
solution results in a negative frequency.
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Figure 7.9 shows how A(k) varies as a function of k for the linear cas-
cade. The unknowns ¢r 1 (k), ¢ra(k), 6 are determined by CFD with an
inter-blade phase angle o, = 40°. It can be seen that for this particular set of
inputs, the amplitude of A(k) is large compared to the gradient with respect
to k. Therefore, the flutter stability limit will occur at an approximately
constant value of kz/c, which can be well approximated by a standard hy-
perbola. The model predicts instability when kz/c is in the range (0.247 -
0.291).

0.29 -

0.28 -
~ 0271
= 0.26

0.25 1

Figure 7.9: A(k) as a function of reduced frequency

7.4 General Flutter Stability Parameter

It was shown in the previous section that the flutter stability limit can be
approximated by the rectangular hyperbola of the form kz/c = A(k). This
result showed that generally, the flutter stability limit can be defined by the
term kz/c, which is perturbed as a function of reduced frequency by A(k).
Therefore, a stability parameter is defined based on this conclusion. Let the
stability parameter £ be defined by equation 7.51.

kz

The definition of the flutter model was based on the assumption that the
unsteady aerodynamic response is driven by the change in incidence on the
blades due to both plunge and twist vibration. It was found that the terms
of equation 7.51 can be rewritten in terms of the ratio of the plunge vibration
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induced incidence &p and twist vibration induced incidence &p as shown in
equation 7.52.

ap _wH/U _ k2 (7.52)
Qg H/z c

Consequently, the stability parameter ¢ is named the ‘plunge-twist inci-
dence ratio’. Figure 7.10 shows the stability map for the linear cascade with
lines of constant & plotted across the map. It can be seen that the flutter sta-
bility limit occurs at an approximately constant value of £ = 0.27. This sta-
bility parameter merges the effect of plunge-twist ratio and reduced frequency
into a single parameter and shows that modes with a large plunge-twist in-
cidence ratio are stable, and modes with a small plunge-twist incidence ratio
are unstable.
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Figure 7.10: Flutter stability map including the stability parameter ‘plunge-
twist incidence ratio’

The conclusion that the flutter stability limit can be defined by a hy-
perbola of a plunge-twist ratio and reduced frequency has been determined
before. Halliwell [29] defined a stability parameter, which will be named £y
as shown in equation 7.53

CGT

§n = 7 (7.53)
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This stability parameter combines the twist-plunge displacement ampli-
tude ratio cfr / H and the reduced frequency k into a single parameter. It
was shown in figure 7.1 that the amplitude of the plunge vibration H can
be rewritten in terms of the twist angle amplitude and half-chord twist axis
setback. Therefore, Halliwell’s stability parameter can be expressed as

CéT CéT Cc
=—=— = — 7.54
HEH ke k2 (7:54)
. B 1 B QT
g = £ ar (7.55)

Equation 7.55 shows that the stability parameter posed by Halliwell is in
fact the reciprocal of £ and consequently can be defined as the ‘twist-plunge
incidence ratio’.

7.5 Chapter Summary

A flutter model was developed based on the assumption that plunge and
twist vibration induced incidence is responsible for the change in aerody-
namic loading that causes flutter. It was shown that the amplitude of un-
steady lift and unsteady moment is proportional to the vibration induced
incidence, meaning that the unsteady response is in fact driven by the change
in incidence. Additional assumptions based on the phase of unsteady pres-
sure were made based on the results for the linear cascade. It was shown
that the flutter stability limit can be defined by a non-standard rectangular
hyperbola of reduced frequency and normalised twist axis setback. The hy-
perbola is defined as non-standard as it is still a weak function of reduced
frequency. Further analysis showed that this hyperbola can be defined as
the ‘plunge-twist incidence ratio’, which is the ratio of the amplitude of the
plunge induced incidence and the twist induced incidence. In conclusion, it
was stated that engine designers should aim to design blades with a large
plunge-twist incidence ratio to ensure that flutter does not occur.
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8 Effect of Steady-State Aerodynamic Load-
ing on Flutter Stability

It was shown in the previous chapter that the flutter stability limit can be
defined by the plunge-twist incidence ratio. For a weakly loaded subsonic
linear cascade, the flutter stability limit occurred at an approximately con-
stant incidence ratio & = 0.27. However, internal reports have shown that
for a transonic fan, instability occurs when ¢ = 1. There are many differ-
ences between the implementation of a subsonic linear cascade and a typical
transonic fan, which will result in differences in the stability limit. Primar-
ily, three-dimensional flow and mode shapes, increased loading, shock waves,
and acoustic effects. In this chapter, the effects of steady loading are inves-
tigated. In order to bridge the gap between the two implementations, the
effect of steady loading is investigated on a non-rotating, highly loaded two-
dimensional compressor cascade. This maintains the two-dimensional flow
features of the linear cascade, which allows easier comparison, while also in-
troducing the two-dimensional flow features of transonic fans. In this chapter,
the Mach number and incidence onto the blades are varied, and the effect on
the aerodamping is investigated. The results from the two-dimensional cas-
cade implementation can then be compared to results for three-dimensional
rotating compressors from the literature to identify similarities and differ-
ences in the results.

8.1 Test Case

The geometry used throughout this chapter is the compressor cascade, ‘stan-
dard configuration 10’. Standard configuration 10 is a purely two-dimensional
compressor cascade, as proposed by Fransson and Verdon [76]. The pro-
file is constructed by superimposing the thickness distribution of a modified
NACA-0006 airfoil on a circular-arc camber line with a radius of camber
r = 0.2525m. The blade chord is ¢ = 0.1m, the pitch-chord ratio is S/c = 1,
and the stagger angle is 7 = 45°. The blade profile and periodic boundaries
for a single passage are shown in figure 8.1. It can be seen that the sharp
trailing edge variant of the blades has been plotted and will continue to be
used throughout this chapter.
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Figure 8.1: Two-dimensional blade geometry and periodic boundaries

This geometry was chosen because the cascade was designed to operate
at both a subsonic and transonic operating point. The subsonic case has a
design inlet Mach number of M; = 0.7 and an incidence of ¢ = 10°, whereas
the transonic case has a design inlet Mach number of M; = 0.8 and an in-
cidence of ¢ = 13°. The benefit of this, when looking at the effect of Mach
number and incidence on flutter stability, is the knowledge that the blades
have been designed to operate at more than one operating point. Whereas,
the choice of a different geometry with only a single specific operating point
would lead to obtaining results with unrealistic blade loading and a poorer
comparison of results. This test case maintains most of the flow character-
istics associated with the steady-state loading of a typical three-dimensional
transonic compressor, such as shocks and separated regions on the suction
side, but with a two-dimensional non-rotating geometry. The two primary
differences are the lack of radial flow and mode shapes and radial acoustic
modes.

8.2 Computational Implementation
Domain
The cascade is simulated as a quasi-two-dimensional annular cascade ge-

ometry with a large radius of 100 m and a small span of 25 mm. This radius
was selected as it completely negates all three dimensionality of the flow.
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Figure 8.2: Extent of computational domain

The use of a quasi-two-dimensional domain is due to the implementation
constraints of the flow solver. The choice of blade span is somewhat arbi-
trary, as inviscid boundary conditions are implemented on the hub and tip.
The inlet and outlet boundaries are placed 14 chords upstream of the lead-
ing edge and downstream of the trailing edge, respectively. One-dimensional
non-reflecting boundary conditions are implemented at the inlet and outlet
boundaries, and the boundary condition for the blade is a viscous wall. The
extent of the computational domain can be seen in figure 8.2. In this chapter,
a work done method with phase-lagged boundary conditions is implemented
to determine the aerodamping ratio. The vibration motion of the blades is
resolved in time with 360 time steps per vibration cycle. The total inlet
pressure and temperature are fixed at py = 101.3 kPa and Ty = 300 K, as
in line with the default analysis for standard configuration 10. An iterative
procedure is used to ensure the correct specified inlet Mach number. The
procedure is as follows:

1. Define a target inlet Mach number (M;).

2. Prescribe the total pressure (pg.n), total temperature (7p;,) and flow
angle for the the inlet boundary condition.

3. Guess an outlet static pressure (pout)-

4. Run steady CFD and calculate the inlet Mach number for the corre-
sponding pressure ratio.

5. If the calculated inlet Mach number is less than the target, decrease
the outlet static pressure. If higher than the target, increase the static
pressure.

6. Repeat from step 4 until the target Mach number is reached to within
0.001%.
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Mesh

The mesh is semi-unstructured, with a large number of hexahedral ele-
ments in the boundary layer, prismatic elements in the near-field, and hor-
izontally aligned hexahedral elements in the inlet and outlet ducts. The
mesh is coarsened significantly towards the inlet and outlet boundaries to
implement what is known as a ‘sponge layer’ to limit reflection of axially
propagating acoustic waves, which are known to affect flutter stability [20].
For the sponge layer, a large axial distance is implemented for the first cell
away from the inlet and outlet, with a length determined by the maximum
wavelength of an expected propagating acoustic wave. While the upstream
and downstream ducts have a significantly coarsened mesh, the prismatic
near-field elements have a high density in the blade-to-blade passage to cap-
ture circumferentially propagating pressure waves. The domain is discretized
radially by five mesh layers. Figure 8.3 shows the mesh convergence study
for the transonic test case. For this study, six meshes were tested with an
approximately constant increase in the number of nodes. For all meshes
shown, the y+ is fixed to approximately 20. It was shown in [55] that use
of this y+ value with a modified Spalart-Allmaras turbulence model gives
the best agreement to experimental data near stall. In this study, the steady
lift coefficient is chosen as the criteria for determining a mesh-independent
solution. It can be seen that when the total number of nodes is greater than
192 x 103, the steady lift coefficient converges to a constant value. Therefore,
this mesh is selected, as the solution is mesh-independent and has a much
shorter computation time than the larger meshes. The final mesh has a total
of 192 x 10% nodes with an average of y+ = 19.86.
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Figure 8.3: Mesh convergence study
Mode Shape

The mode shape used throughout this chapter is a quasi-two-dimensional
combined plunge-twist mode shape which approximates a 1F mode. The
following assumptions are made when defining the combined mode:

1. The 1F mode shape can be considered a superposition of plunge vibra-
tion perpendicular to the chord and twist vibration about half chord.

2. The vibration components are in phase, where plunge motion starts
the vibration cycle with an upwards motion and the twist motion with
a clockwise rotation, which acts to open the blade passage.

3. There is zero span-wise component in the mode shape.

4. The blades are rigid bodies.

Under these assumptions, the mode shape is equivalent to a single degree
of freedom rotation about a twist axis located a chord-wise distance | down-
stream of the leading edge. A schematic of the implementation of the mode
and the key parameters is shown in figure 8.4. Where T.A is the twist axis
location, [ is the twist axis setback, H is the plunge amplitude, Ay is the
blade leading edge amplitude, and f7 is the twist angle amplitude.

To allow post-processing into the aerodamping components shown in
chapter 5, the pure plunge and pure twist components of the 1F mode shape

107



X TA
.-
-

.

.

—— Blade
—— Plunge
—— Plunge + Twist

Figure 8.4: Schematic showing rigid body rotation about the twist axis (T.A)

must be implemented separately. To begin, the mode shape parameters of
normalised twist axis setback [/c, reduced frequency k, and leading edge am-
plitude Ay g are selected. For all mode shapes in this chapter, the leading
edge amplitude is set to 3%¢c. This amplitude was selected to be small enough
not to introduce non-linearities in the flow but large enough to distinguish
physical pressure perturbations from numerical noise. The twist angle am-
plitude 07 and the plunge amplitude H can be found directly from the input
parameters as

O = arctan (#) (8.1)

H = (I —¢/2)tan (A7) (8.2)

Now that the displacement amplitudes of the plunge and twist motions
are known, the modes can be implemented analytically for each node on the
blade surface. Figure 8.5 shows a schematic of the implementation of the
pure plunge mode with the relevant parameters. Where v is blade stagger
and k = m/2 — 7. For the plunge component of the mode, each mesh node,
i, must vibrate perpendicular to the chord with amplitude H. Equation 8.3
shows the definition of the plunge mode shape for a single mesh node. This,
in turn, is repeated for all mesh nodes on the blade surface.
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H cos (k)
®p; = Hsin (k) (8.3)
0

For the pure twist mode, a linearised rotation of axes method is applied
to each mesh node on the blade surface, as shown in chapter 6. In this
implementation, the origin of the rotation is set to half chord blade centre,
which is assumed to be located at (0,0) on the z,y plane. Equation 8.4
shows the definition of the twist mode shape for a single mesh node i. This,
in turn, is repeated for all mesh nodes on the blade surface.

9Tyi
Pr; =4 —Orx; (8.4)

)

0

Figure 8.5: Schematic of pure plunge mode shape implementation

8.3 Validation

Due to the two-dimensional nature of the standard configuration 10 cascade,
there is no experimental data for validation. Therefore, to validate the cur-
rent work, the steady and unsteady flow results are compared against results
from other aeroelastic flow solvers and implementations. Another downside
is that the majority of validation cases in the literature for standard con-
figuration 10 predominantly utilise inviscid flow solvers. Since this is not of
interest in the present work, the validation of these cases has been neglected.
One of the few papers to produce viscous aeroelastic results for this geom-
etry was given by Repar et al. [77]. Therefore, this paper will be used to
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validate the steady and unsteady CFD. Figure 8.6 shows the validation of
the blade surface isentropic Mach number, given by equation 8.5, as a func-
tion of the normalised chord for the subsonic test case with M; = 0.7 and
1 = 10°. There is a very good agreement between the CFD of the current
work and the work of Repar. This shows that geometry and boundary con-
ditions are implemented correctly and that the final mesh selected from the
mesh convergence study converged to a comparable solution.

Misen = ((%) T 1) : % (8.5)

M; = 0.7, i = 10

0.0 0.2 0.4 0.6 0.8 1.0

Cafel]

Figure 8.6: Isentropic Mach number validation of CFD against Repar [77]

Now the unsteady flow, vibration, and resulting aerodamping are vali-
dated. To allow a correct comparison of results, a different normalisation
for the aerodamping ratio is defined, which matches that used in the litera-
ture. For this validation case, the aerodamping ratio is given by equation 8.6,
where C, is the unsteady pressure coefficient, v is the local blade velocity
vector, and 6 is the twist angle amplitude.

‘= [S(C))v-ndA
9T62

Figure 8.7 shows the aerodamping as a function of the inter-blade phase
angle for the subsonic test case with & = 0.5 and I/c = 0.5. The aero-

(8.6)
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damping from the current work is validated against the aerodamping cal-
culated using both a 1D-NRBC and a 2D-NRBC from Repar. There is a
reasonable agreement between the present CFD and the 2D-NRBC imple-
mentation. The magnitude of the aerodamping is well predicted in the range
—180° < 0, < 70° and critically captures the spike in aerodamping in the
region of o, = 58.5° and ¢, = —25°. These two conditions correspond to an
upstream and downstream circumferential acoustic resonant condition where
no energy is lost to radiation in the axial direction [78]. The inter-blade phase
angles for these resonant conditions can be estimated as shown by Whitehead
[72] in equation 8.7.

(Mgi\/7> Mk S/C (8.7)

This equation gives two inter-blade phase angles one positive o;" and one
negative o, , where the acoustic wave is cut on in the range o, < 0, < ;"
The resonant condition at o, = 58.5° corresponds to the upstream resonant
condition and o, = —25° to the downstream resonant condition. Interest-
ingly, the work of Repar does not seem to capture the negative inter-blade
phase angle cut on condition, which is suspected to be due to poor resolu-
tion of the inter-blade phase angle. This explains why there is only a small
spike in the current work, as the resonant condition is very sharp and occurs
over a very small inter-blade phase angle range. There is a discrepancy for
large inter-blade phase angles o, > 70°, which shows under-predicted aero-
damping for the current CFD with a maximum under-prediction of 18.58%
at g, = 90°. Although the aerodamping is under-predicted, the shapes of
the aerodamping curves in this region are still comparable. On the other
hand, there is poor agreement between the present CFD and the 1D-NRBC
implementation from the literature. The magnitude of the aerodamping and
the shape of the aerodamping curve are different across all inter-blade phase
angles. The location of the minimum aerodamping, both in terms of the
magnitude and the inter-blade phase angle at which it occurs, and the spike
associated with the acoustic resonance is poorly predicted. In the present
work, a 1D-NRBC is implemented at the inlet and outlet boundaries, but
the mesh has been extended and coarsened upstream and downstream of the
rotor to create a sponge layer that minimises reflections from axially prop-
agating perturbations. This shows that the extension and coarsening of the
mesh is an effective method for minimising reflections, which can modify the
aerodamping. So much so that the results for the current implementation
are comparable to implementing a 2D-NRBC.
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Figure 8.7: Aerodamping as a function of inter-blade phase angle validation
of CFD against Repar [77]

8.4 Transonic Test Case Analysis

The majority of the work in this chapter focuses on the transonic test, which
operates with a design inlet Mach number M; = 0.8 and incidence ¢ = 13°. In
this section, the steady flow and interaction of unsteady flow and mode shape
are investigated. This analysis informs the background understanding of the
test case, which will be used when drawing conclusions from the variation of
the inlet Mach number and incidence cases.

Figure 8.8 shows the steady state Mach number contour (left) and the
blade surface isentropic Mach number as a function of normalised chord
(right) for the transonic test case. It can be seen from the isentropic Mach
number that there is a strong shock wave on the suction side at approximately
x/c = 0.25. The iso-line of the shock, where M = 1, is highlighted in black
on the Mach number contour. This shows that the cascade is unstarted, as
the shock is expelled out of the blade passage. It can also be seen from the
Mach number contour that the trailing edge has a region of separated flow
due to trailing edge diffusion.
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Figure 8.8: Steady state Mach number contour (left) and blade surface isen-
tropic Mach number (right) for the transonic test case

Figure 8.9 shows a flutter stability map of work done per vibration cycle
as a function of k and [/c for the transonic test case with M; = 0.8 and
1 = 13°. For this particular inlet Mach number and incidence, the upstream
acoustic wave has a cut on reduced frequency k.,, = 0.11 and the down-
stream acoustic wave has a cut on reduced frequency k.,; = 0.28. The lines
of cut-on reduced frequency are labelled in figure 8.9. In general, low re-
duced frequencies and twist axis setbacks correspond to negative work done,
whereas high reduced frequencies and twist axis setbacks correspond to pos-
itive work done as expected from the literature. It can be seen from the
figure that the reduced frequency with the largest range of unstable [/c oc-
curs at approximately k = 0.3, which corresponds to a reduced frequency just
slightly above the downstream cut-on reduced frequency. Additionally, just
above k = 0.3 at [/c = 1 is where the maximum destabilising work done per
cycle occurs. Above and below this reduced frequency, the range of unstable
[/c decreases. This is a particularly surprising solution, as it is expected from
the literature that the least stable operating point should be one where the
upstream acoustic wave is cut on, and the downstream acoustic wave is cut

off [0].
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Figure 8.9: Stability map for the transonic test case

To investigate this trend in reduced frequency, the blade unsteady pres-
sure coefficient amplitude a), unsteady pressure coefficient phase b) and lo-
cal work done per cycle ¢) are plotted for many reduced frequencies with
[/c = 2.5 as shown in figure 8.10. Here, the leading edge is at x/c = 0, the
pressure side is from —1 < z/c < 0 and the suction side is from 0 < z/c < 1.

It can be seen from figure 8.10 a) that the amplitudes of unsteady pres-
sure on the pressure side remain very similar for all reduced frequencies. On
the suction side, the largest amplitudes of unsteady pressure occur in the
region of the shock at x/c = 0.25. The location of maximum unsteady pres-
sure occurs at the shock front, where movement of the shock wave results
in large changes in unsteady pressure. It can be seen that increasing the
reduced frequency increases the unsteady pressure amplitude on the shock
front. However, the location of maximum unsteady pressure along the chord
does not seem to change much as a function of reduced frequency, as the
Mach number and incidence are fixed, which sets the structure of the shock.
This also explains the similar unsteady pressure amplitudes near the leading
edge, as the constant incidence means the location of the steady-state stag-
nation point does not change. Any changes to the local unsteady stagnation
point are expected to be fairly similar as a function of reduced frequency.
Increasing the reduced frequency increases the unsteady pressure amplitude
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both before and after the shock. The unsteady pressure amplitude towards
the trailing edge of the suction side 0.8 < [/c < 1 remains similar for all
reduced frequencies.

It was shown in chapter 5 that the phase of unsteady pressure is key in
determining whether positive or negative work is done on the blade. The
red shaded regions in figure 8.10 b) show the phase of unsteady pressures
that result in destabilising work done on the blade, where the darker shade
indicates greater instability. For the pressure side, the unstable phases of
unsteady pressure are 0° < ¢ < 90° and 270° < ¢ < 450° and for the suction
side, 90° < ¢ < 270°. This shaded region accounts for the mode shape and
blade normals for this specific case. On the pressure side, the phase is most
unstable when k£ = 0.2, which is unstable for the entirety of the pressure side.
Whereas the phase is stable for the entire pressure side when £ = 0.6. On
the suction side, the phase of unsteady pressure in the supersonic pre-shock
region 0 < x/c < 0.25 is stable for all reduced frequencies. In the region after
the shock, the phase of unsteady pressure has moved into an unstable region
for all reduced frequencies. This shows that the phase change associated with
the shock wave is destabilising. Towards the trailing edge, there is a local
region of stability that is associated with the trailing edge diffusion-driven
separation. This is similar for all reduced frequencies, as the incidence is
fixed, which sets the trailing edge flow.

It can be seen that there are some different trends in the phase of unsteady
pressure on the suction side as the reduced frequency varies. Firstly, in the
supersonic pre-shock region 0 < z/c < 0.25, increasing the reduced frequency
shifts the phase to a more stable value closer to ¢ = 0°. However, generally,
the phases of unsteady pressures are comparable. In the region of the shock
front, the phase change associated with the shock is very sharp for £ = 0.2
and k£ = 0.3 but becomes much less sharp as the reduced frequency increases.
Downstream of the shock front, all reduced frequencies have an unstable
phase, but the most unstable reduced frequency is k& = 0.4, as the phase
of unsteady pressure is closest to ¢ = 180°. It can be seen that near the
trailing edge, the stabilising change in phase associated with the separation
occurs much closer upstream for low reduced frequencies. When k = 0.2, the
downstream acoustic wave is cut off, and the downstream circumferential
travelling wave propagates up through the passage and interacts with the
shock. This explains the difference observed in the phase in the region 0.25 <
x/c < 0.35 just downstream of the shock front for £ = 0.2. In this region,
for k = 0.2, the gradient of the phase is negative, which indicates that there
is a perturbation in pressure travelling upstream towards the shock front.
This results in the very sharp change in phase observed for k = 0.2. As the
downstream acoustic wave cuts on, the perturbations in pressure no longer
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propagate up the passage, which results in a much smoother variation in
phase near the shock for £ = 0.6. To better understand the changes in
phase occurring on the suction side, the instantaneous unsteady pressure p’
is plotted at different points in the cycle for £ = 0.2 and k£ = 0.3 in figure
8.11. This shows that the phase of unsteady pressure is very similar in the
region near the leading and trailing edges on the suction side, and the largest
change in phase is associated with the shock. It can be seen that for £ = 0.3,
there is a delay in the shock behind that of k£ = 0.2.

The amplitude and phase can now be related back to the total work
done per cycle in figure 8.10 ¢). It can be seen that on the pressure side,
the amplitude of the work done per cycle is significantly smaller than on
the suction side for a given reduced frequency. This is due to the small
amplitude of unsteady pressure on the pressure side compared to the suction
side. This shows that the trends in the total work done per cycle as a function
of reduced frequency are dominated by the work done on the suction side.
On the suction side, in the region of the shock, there is a large spike in
work done per cycle for all reduced frequencies. This spike is associated
with the large unsteady pressure in this region due to the movement of the
shock. It can be seen for k = 0.2, that this spike is stabilising as the phase of
unsteady pressure is in a stable region. For £ = 0.3, the downstream acoustic
wave has just cut on, which results in a phase change of the shock, which
moves the phase into an unstable region; therefore, the spike in work done
per cycle becomes destabilising. This is also true for £ = 0.4. When k =
0.6, the interaction of the pressure wave and the shock is weaker, resulting
in a stabilising spike in work done. It was shown in figure 8.10 that the
least stable reduced frequencies are those just above the downstream cut on
reduced frequency. It is concluded that, when the downstream acoustic wave
cuts on, the downstream circumferential travelling wave no longer propagates
as effectively up the passage and has a weaker interaction with the shock.
This causes a phase change of the shock, which creates a large amount of
destabilising work done per cycle for these reduced frequencies.
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Figure 8.10: Effect of reduced frequency on the a) amplitude of unsteady
pressure coefficient, b) phase of unsteady pressure coefficient, and c) local
work done per cycle for the transonic test case
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Figure 8.11: Blade surface instantaneous unsteady pressure for £ = 0.2 and
k=03

It can be seen in figure 8.9 that for k = 0.5, there is a stabilising of the
blade as I/c moves towards a pure twist mode shape. A similar trend was
observed in chapter 6 which showed a minimum aerodamping occurred at an
[/c slightly above pure twist. To examine this trend further, the aecrodamping
components defined in chapter 5 are plotted as a function of I /¢ for £ = 0.5 in
figure 8.12. It can be seen that the aerodamping components correctly sum
to reproduce the aerodamping for the combined 1F mode shape, validating
the method. The aerodamping due to plunge motion induced unsteady lift
(PL) is positive and stabilising for all examined [/c. The aerodamping is
zero at [/c = 0.5 as the plunge vibration and induced forcing is zero. As
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[/c is increased, the aerodamping quickly tends towards a constant positive
value, which remains practically unchanged in the range of 2 < [/¢ < 4.
It is assumed that as [/c — oo, the PL aerodamping tends towards some
constant positive value. The PL term is a matching aerodamping compo-
nent, meaning it only requires the unsteady pressures and mode shape from
a single simulation. Therefore, examining the PL aerodamping with increas-
ing I/c is equivalent to examining the aerodamping for a plunge mode shape
with increasing vibration amplitude. The conclusion that the PL aerodamp-
ing always has a constant positive value is therefore equivalent to saying a
blade vibrating in a pure plunge mode shape will always be damped by its
own vibration. The aerodamping due to twist motion induced unsteady lift
(TL) dominates the observed trends for the total aerodamping. Firstly, the
TL term has the largest magnitude of all components and is the only compo-
nent that has negative aerodamping for this reduced frequency and operating
point. Therefore, for any point where the aerodamping is negative and flut-
ter occurs, the TL aerodamping term is responsible. While the aecrodamping
is zero when [/c = 0.5, the aerodamping quickly drops to a large negative
value, which hits a maximum negative value at [/c = 0.8, where the twist
axis is just inboard of the blade trailing edge. In the range 0.8 < /¢ < 4 the
aerodamping slowly increases, but still remains negative over the computed
range. As l/c — oo it is known that the TL aerodamping will converge
to zero as the induced unsteady pressure due to twist tends to zero. The
aerodamping due to plunge motion induced unsteady moment (PM) is small
and stable for all [/c. The peak value of the PM term occurs at approxi-
mately the same [/c as the peak value of the TL term, which is interesting as
these are the only cross-term aerodamping components. The PM aerodamp-
ing tends to zero as [/¢c — oo as the induced moment tends to zero. The
aerodamping due to twist motion induced unsteady moment (TM) is very
small when [/c > 2 due to the small twist amplitude and unsteady moment
for these plunge dominated modes. The TM aerodamping is the only non-
zero aerodamping component when [/c = 0.5. In conclusion, this result has
shown that it is the TM aerodamping term responsible for the stabilising of
the blade at low /¢, but it is the TL aerodamping term that is responsible
for the large destabilising response in the range of 0.6 < /¢ < 1.8.

119



M; =08, i =13 [deg], k = 0.5

TL

1F

e Sum

|
e
(e
o
o
~

T

I

—0.0006 X 7

1 1
05 10 15 20 25 3.0 35 4.0

lel]

Figure 8.12: Aerodamping components as a function of [/c for k = 0.5

8.5 Effect of Varying Incidence

For investigating the effect of varying incidence, the inlet Mach number is
fixed to the transonic case where M; = 0.8, as this is the most representative
case for flow in a typical aero engine compressor. Additionally, the inter-blade
phase angle is fixed to o, = 20°, as this is generally the most unstable across
the input parameter space. Figure 8.13 shows a constant Mach number
characteristic for M; = 0.8. To build this characteristic, the inlet Mach
number and total pressure are fixed at the inlet, and the incidence is varied
to move up and down the characteristic. Low incidences correspond to a rotor
that is operating near choke, and high incidences correspond to a near stall
condition. For the varying incidence cases, four main operating points are
selected, as highlighted in figure 8.13. The maximum static-static isentropic
efficiency n is also shown where

~y—1

n= (p2/p1)T —1 (8 8)

(T2/Th) — 1 '
The limits are operating point 1, which is just below peak isentropic
efficiency with an incidence of ¢+ = 7°, and final point 4, just below stall with
an incidence of ¢ = 14.75°. It can be seen that point 4 is the only point that
is located on a positive slope of characteristic, while point 3 is operating at

a similar pressure ratio but with a higher mass flow.
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Figure 8.13: Selected operating points along the compressor characteristic
for M; = 0.8

Figure 8.14 shows the blade surface isentropic Mach number as a function
of the normalised chord for different flow incidences. For an inlet Mach
number of M; = 0.8, the flow across the blade is transonic, and there is a
shock wave on the suction side. As the incidence on the blade increases, the
shock wave increases in strength and moves closer to the leading edge. This
is a similar trend to that observed when a transonic compressor is throttled
at constant rotational speed [79]. Towards the trailing edge, 0.8 < z/c < 1
at large incidences, the trailing edge flow separates, which causes an increase
in the isentropic Mach number. This is a results of decreased static pressure
in the separated region. For ¢ = 7°, there is a crossover of the suction and
pressure surfaces at the leading edge. This results in a drop in efficiency,
which places this incidence on the choke side of the design point.
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Figure 8.14: Blade surface isentropic Mach number

Figure 8.15 and figure 8.16 show the mid-span Mach number contour for
the rotor operating near choke and near stall, respectively. Here, ‘near choke’
has an incidence ¢ = 7° and ‘near stall’ has an incidence ¢ = 14.75°, which
is the highest incidence CFD solution before the rotor can no longer satisfy
the prescribed pressure ratio. The iso-line of M = 1 is highlighted in black
in the region of the shock. For the near choke incidence, there is very little
separation of the flow at the trailing edge. However, the zoomed-in region
near the leading edge shows that there is a separation beginning to form on
the pressure side due to the below design incidence. It has been shown in
the literature that the flow on the leading edge fully separates for M; = 0.75
and i = 5° for this geometry [30]. Near stall, the flow is very different.
There are two regions on the suction side that separate for different reasons.
Firstly, there is a shock-induced flow separation, which can be seen from the
zoomed-in figure, and a large trailing edge diffusion-driven separation. The
flow remains detached along the entirety of the suction side. For the near
stall case, the shock has moved significantly closer to the leading edge, and
the sonic region has grown and covers a much larger area of the passage. In
both cases, the cascade is considered unstarted as the shock is not contained
within the passage.

122



Near Choke
1=17°

Mach Number

1
0.925

Figure 8.15: Mid-span Mach number contour near choke

Near Stall
7= 14.75°

Mach Number
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Figure 8.17 shows how the aerodamping components vary as a function of
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the incidence on the rotor for k = 0.3 and /¢ = 2. Firstly, it can be seen that
increasing the incidence on the rotor causes total aecrodamping to decrease.
For this particular k and [/c, the cascade begins to flutter when the incidence
is increased beyond ¢ = 12.3°. The gradient of aerodamping with respect to
incidence is low at the design point but begins to drop off significantly faster
towards stall, which highlights the high sensitivity of the aerodamping to the
operating point near stall. It can be seen that the slope of the aerodamping
is smooth; there are no drastic changes in the aerodamping as the incidence
is increased up to and beyond the point of zero slope of characteristic. Even
when there are large-scale separations on the suction side near stall, the
aerodamping decreases smoothly. This is in agreement with the literature
for transonic fans [6]. Figure 8.17 also shows how the components of the
aerodamping change with incidence. It can be seen that as the incidence
increases, all of the aerodamping components decrease, indicating that the
change in steady loading is destabilising for all interactions of vibration and
forcing. The work done due to plunge vibration induced unsteady lift and
moment (PL and PM) contribute positively to flutter stability for the entire
incidence range. The work done due to twist vibration induced unsteady
moment (TM) switches from positive to negative damping at approximately
1 = 12.2° but remains small for all incidences. Finally, the work done due to
twist vibration induced unsteady lift (TL). This term is the most important
for a few reasons. Firstly, the TL term dominates the trends seen in total
aerodamping. TL varies very little up to ¢« = 10° and drops sharply past this
point, while all other components decrease almost linearly with incidence.
Secondly, close to the stall boundary, where stall flutter is likely to occur,
the PL, TM, and PM terms cancel, and the total aerodamping is almost
completely determined by the TL component.
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Figure 8.17: Aerodamping components as a function of incidence

Figure 8.18 shows the cut-on reduced frequencies upstream and down-
stream of the rotor as a function of incidence. It can be seen from the figure
that the cut-on conditions do not vary much as the incidence on the ro-
tor is varied. It was shown in chapter 5 that the cut-on frequency can be

determined by
m 9 2
Weut = aMy— + ay/ k2, (1 — M,?) (8.9)
r

For this particular case, the radial-circumferential wavenumber k.4, nodal
diameter m (inter-blade phase angle), speed of sound a and Mach number
magnitude M are constant. The only changes made to the cut-on frequency
with respect to incidence are due to changes in the upstream and downstream
axial and tangential Mach numbers M, and My. Where the upstream Mach
numbers vary due to the change in inlet flow angle and the downstream
Mach numbers vary due to the flow turning imparted by the rotor. It is
therefore concluded that the change in the upstream and downstream axial
and circumferential Mach numbers in the incidence range of interest is not
considerable enough to induce large changes in the cut-on reduced frequency.
It was shown in figure 8.17 that the aerodamping decreases as incidence in-
creases for a fixed reduced frequency and plunge-twist ratio. It can therefore
be concluded that the decrease in aerodamping with increased incidence is
unlikely to be associated with a change in the upstream and downstream
acoustic wave properties.
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Figure 8.18: Upstream and downstream cut on reduced frequency as a func-
tion of incidence

Figure 8.19 shows a) the amplitude of unsteady pressure coefficient, b)
phase of unsteady pressure coefficient and c¢) resulting aerodamping ratio as
a function of normalised chord for different incidences for a single mid-span
radial layer. This figure gives an incite into how the local unsteady pressure
and mode shape interact to produce the resultant integrated aerodamping in
figure 8.17.

It can be seen in figure 8.19 a) that there are large amplitudes of unsteady
pressure on the suction side, particularly in the region of the shock. The
peak location of maximum unsteady pressure occurs directly on the shock
wave front, where the movement of the shock itself induces large changes
in the unsteady pressure. It was shown in figure 8.14 that increasing the
incidence results in a stronger steady state shock closer to the leading edge.
This is reflected in the amplitude of unsteady pressure, which shows larger
amplitudes as incidence increases, as well as the location of the maximum
unsteady pressure moving closer to the leading edge. There are also large
unsteady pressure amplitudes on the leading edge of the pressure side for low
incidences, which decrease in amplitude as the incidence is increased. This
is due to the low incidence being close enough to choke that there is a region
of the blade on the pressure side that is close to separating. This can be
seen from figure 8.14, which shows a crossover of the suction side pressure
side towards the leading edge, indicating that the stagnation point is on the
suction side of the blade. As the blade vibrates, there is a local separation
on the pressure side, which induces a large unsteady pressure amplitude. As
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the incidence increases, the stagnation point moves from the suction side to
the pressure side, and the unsteady pressure amplitude near the leading edge
on the pressure side decreases. The unsteady pressures on the rest of the
pressure side remain largely unchanged. It can also be seen that towards
the trailing edge of the suction side 0.8 < x/c < 1, there is an increase
in the amplitude of unsteady pressure with incidence, which corresponds to
large-scale separations on the suction side in this region.

Figure 8.19 b) shows the phase of the unsteady pressure coefficient. The
highlighted regions show the phase of unsteady pressure that results in desta-
bilising work being done on the blade, where a darker shade indicates greater
instability. It can be seen that on the suction side, the supersonic pre-shock
region has a phase of unsteady pressure, which is in the stable region. The
shock then causes a large change in the phase of unsteady pressure, which ter-
minates in a phase inside the unstable region. Therefore, the phase change
associated with the shock is destabilising. On the suction side, the phase
of unsteady pressure does not change much with incidence in the range
0 < x/c < 0.6. However, in the trailing edge region of the suction side
0.6 < z/c < 1 there is a large phase change associated with the trailing
edge separation, which moves the phase angle out of the unstable region.
Larger incidences give rise to larger trailing edge flow separations, which
cause the phase to shift from unstable to stable much further up the chord.
The phase of unsteady pressure on the pressure side has a very similar trend
with normalised chord for all incidences. However, there appears to be an ap-
proximately linear offset in phase as the incidence is increased, which moves
the pressure side phase into an unstable region. It is hypothesised that this
change in phase is associated with a decrease in axial flow velocity in the
passage as incidence increases, which affects the speed of propagation of per-
turbations in the passage and produces a phase lag.

Figure 8.19 ¢) shows the resulting local aerodamping. This shows that the
supersonic pre-shock region is stabilising and that the aecrodamping after the
shock front is negative and destabilising. This confirms the work of Rendu
et al. [11] and Vahdati et al. [15]. Before the shock front, the aerodamping
remains fairly constant for all incidences. The behaviour directly on the shock
produces a large spike in unstable aerodamping, which is more unstable and
occurs closer to the leading edge for large incidences. This can be directly
related to the higher unsteady pressure amplitude and the closer proximity
of the shock to the leading edge for high incidences. In the region after the
shock, the aerodamping is again very similar for all incidences.
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Figure 8.19: Effect of incidence on the a) amplitude of unsteady pressure co-
efficient, b) phase of unsteady pressure coefficient, and ¢) total aerodamping

These results show that the separated region on the suction side near the
trailing edge produces a large stabilising aerodamping, which is a surprising
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finding as flow separation is typically associated with being detrimental to
flutter stability. The aerodamping on the leading edge of the pressure side
is highly stable for low incidences, which can be accounted for by the large
unsteady pressure amplitude and stable phase in this region. However, as the
incidence increases, the pressure side becomes unstable for nearly the entire
side due to the linear offset observed in the phase of unsteady pressure.

Figure 8.20 shows the contribution to the total aerodamping for the suc-
tion side (SS) and the pressure side (PS) as a function of incidence for k = 0.3
and [/c = 2. This shows that the total aerodamping as a function of inci-
dence is dominated by the changes in aerodamping on the pressure side. It
was shown in figure 8.19 that the pressure side aerodamping is driven by two
factors: near choke leading edge separation at low incidences and an approx-
imately linear change in phase as incidence is increased due to a change in
axial flow velocity in the passage. It can be seen that the variation in aero-
damping as a function of incidence for the suction side is small. By referring
back to the local aerodamping for a single mid-span radial layer in figure
8.19¢), it can be seen that the aerodamping in the region of the shock front
becomes more unstable as incidence is increased. However, the separated
region near the trailing edge on the suction side becomes more stable as the
incidence increases. These stabilising and destabilising changes to the aero-
damping with incidence mostly cancel, which results in very small changes
to the aerodamping on the suction side as a function of incidence.
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Figure 8.20: Suction side (SS) and pressure side (PS) contributions to the
total aerodamping as a function of incidence — k = 0.3, I /¢ = 2
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For each flow incidence, a full stability map is defined as a function of
reduced frequency k and twist axis setback [/c. The reduced frequency range
is defined as 0.1 < k£ < 1 and the normalised twist axis setback range as 0.5 <
[/c < 4. The values selected between these limits were chosen in constant 5%
increments. The aerodamping for each incidence and mode shape is found,
and the flutter stability limit is determined by locating the iso-line where
¢ = 0. Figure 8.21 shows the regions on the stability map where flutter occurs
for different incidences as a function of k& and I/c. The lines of upstream and
downstream cut on reduced frequency keytup and keut down are also shown. It
is assumed that the cut-on frequencies are approximately constant for each
incidence, which is a reasonable assumption given the results shown in figure
8.18. The black lines mark the critical flutter reduced frequency, where ( = 0.
It can be seen that for the ¢ = 10° case, flutter occurs in a very small region,
which is largely outside the typical k and [/c expected for a compressor blade
mode shape. Therefore, the risk of flutter occurring at this incidence is very
low. Whereas for ¢+ = 14.75°, the unstable region has grown significantly,
and flutter is much more likely to occur due to the likelihood of a typical
compressor mode shape lying in an unstable region. It can be seen that for
1 = 12° and ¢+ = 13°, reduced frequencies with the largest number of unstable
[/c occur when the downstream acoustic wave is just cut on. It was shown
in the transonic test case analysis that this is due to the destabilising phase
change of the shock as the flow in the passage changes when the downstream
acoustic wave cuts on.
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Figure 8.22 shows the flutter stability limit for three different cases. Case
A is for standard configuration 10 with M; = 0.8 and 7 = 10°; case B is
for the subsonic linear cascade from chapter 6; and case C is for standard
configuration 10 with M; = 0.8 and ¢ = 13°. The lift coefficients for these
cases are (0.2409, 0.1132 and 0.2627 for cases A, B, and C respectively. It can
be seen that case A is considerably more stable than case B despite the fact
that case B has a significantly higher steady aerodynamic loading, nearly a
factor of 2 change in the lift coefficient. In addition, it can be seen that case
C is considerably more unstable than case B for the linear cascade, despite
case C only having a 3° change in incidence compared to case A and only an
approximately 9% change in steady lift coefficient. This shows that increas-
ing the steady aerodynamic loading does not necessarily make the blades
more unstable. But rather, the increase in steady aerodynamic loading when
a rotor is operating near the working line is stabilising, and it is only when
the flow changes near the stall line, due to a high incidence, that the higher
steady loading is destabilising. These flow changes are the increase in shock
strength, movement of the shock towards the leading edge, flow separation,
phase of the shock, and changes in the propagation of pressure perturbations
due to decreased axial flow velocity in the passage. In conclusion, it is not an
increase in steady loading that is destabilising, but rather specific flow fea-
tures near stall that are destabilising. Also shown in this figure are the closest
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approximations of the plunge-twist incidence ratio. It can be seen for case B
for the linear cascade that the flutter stability limit can be well approximated
by a constant plunge-twist incidence ratio. However, for cases A and C, the
agreement between the plunge-twist incidence ratio and the flutter stability
limit is poor. This suggests that the definition of the plunge-twist incidence
ratio is effective for simple, subsonic cases only, and the addition of complex
flow features such as shock waves and separations breaks the assumptions
made in the definition of the model.
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Figure 8.22: Comparison of the flutter stability limit between the subsonic
linear cascade and standard configuration 10

8.6 Effect of Varying Inlet Mach Number

For investigations on the effect of varying inlet Mach numbers, the flow in-
cidence is kept constant. It was shown in the previous section that flutter
only occurs when the blade incidence is sufficiently high. Therefore, for the
Mach number variations, the flow incidence is fixed to ¢ = 14°. Additionally,
the inter-blade phase angle is fixed to o, = 20°, as this is generally the most
unstable across the input parameter space.

Figure 8.23 shows the blade surface isentropic Mach number as a function
of the normalised chord for different inlet Mach numbers. As to be expected,
there is a clear change in the shock structure as the inlet Mach number is
varied. For M; = 0.8 and M; = 0.75, the isentropic Mach number increases
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from the leading edge towards the shock front, which terminates with a strong
shock wave. Whereas for M; = 0.7 the isentropic Mach number decreases
from the leading edge to the shock front and is terminated by a much weaker
shock. Below this inlet Mach number, the flow is entirely subsonic over the
blades. The loading towards the trailing edge, 0.8 < z/c < 1 increases as
Mach number increases but maintains a very similar shape, which suggests
that the flow near the trailing edge is largely set by the fixed incidence.
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Figure 8.23: Blade surface isentropic Mach number for different inlet Mach
numbers at fixed incidence

Figure 8.24 shows the total aerodamping as a function of the inlet Mach
number for k& = 0.5 and [/¢ = 0.9. This reduced frequency and plunge-
twist ratio were selected as they are the most unstable mode shapes for each
Mach number. It can be seen from the figure that, generally, increasing
the Mach number makes the rotor more unstable. The most unstable case
is M; = 0.8, which indicates that the presence of a strong shock wave on
the suction side is heavily destabilising. However, there is not a monotonic
trend in aerodamping with Mach number, as there is a local stabilisation for
M; =0.7.
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Figure 8.24: Effect of Mach number on aerodamping — k = 0.5, /¢ = 0.9

Figure 8.25 shows a) the amplitude of unsteady pressure coefficient, b)
phase of unsteady pressure coefficient and c) resulting aerodamping ratio as
a function of z/c for different inlet Mach numbers for a single mid-span radial
layer. Again, k = 0.5 and [/c = 0.9, as these are the most unstable modes.

It can be seen in figure 8.25 a) that the amplitude of unsteady pressure
on the pressure side is approximately constant as the inlet Mach number
increases. For the suction side, there are large changes as the Mach number
is increased. Firstly, it can be seen that the peak in amplitude of unsteady
pressure associated with movement of the shock moves significantly closer to
the leading edge as the Mach number is decreased. This can be related to
the steady aerodynamics of the shock, which moves closer to the leading edge
as the Mach number is increased. For M; = 0.6, there is no shock on the
suction side but rather a large amplitude of unsteady pressure directly on the
leading edge. After the shock front, the amplitudes of unsteady pressure for
M; = 0.6 and M; = 0.7 are very similar for the majority of the suction side
from 0.15 < z/c < 1. It isn’t until M; = 0.8 that there is a large change in the
unsteady pressure amplitude on the suction side. Firstly, it can be seen that
this inlet Mach number is the only case with a large region of supersonic flow
prior to the shock. In the region after the shock, the amplitude of unsteady
pressure is much larger than for M; = 0.6 and M; = 0.7.

Figure 8.25 b) shows the phase of the unsteady pressure coefficient. This
shows that for the pressure side, there is very little phase change as the inlet
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Mach number is increased. Surprisingly, the trends in the phase of unsteady
pressure are also quite similar on the suction side. For all inlet Mach numbers,
the leading edge phase is stable, which then quickly switches to an unstable
phase just downstream of the leading edge. For the transonic cases M; = 0.7
and M; = 0.8, there is a sharp change in phase associated with the shock.
There is a similar phase change on the suction side in the region of z/¢ = 0.2
for M; = 0.6, despite the fact that there is no shock present on the suction
side. In the region of 0.3 < x/c¢ < 0.7, the phase flattens out with an unstable
phase. The least stable phase in this region is for M; = 0.8, as this is very
close to ¢ = 180°. There is a similar stabilising change in phase for each
Mach number towards the trailing edge. This phase change is associated
with the trailing edge diffusion-driven separation, which is fairly similar for
each Mach number as the incidence on the blade is constant.

Finally, the unsteady pressures can be related to the local aerodamping,
as shown in figure 8.25 ¢). Firstly, this shows that the aerodamping on
the pressure side is approximately constant as a function of the inlet Mach
number. This is directly related to the similar unsteady pressure amplitude
and phase as the Mach number is varied. Therefore, it can be concluded
that the majority of the changes in the total aerodamping with varying inlet
Mach numbers are due to the interaction of flow and mode shape on the
suction side. On the suction side for M; = 0.6, the leading edge is stable,
which switches to unstable at approximately z/c = 0.175. The amplitude of
the aerodamping is very low compared to M; = 0.7 and M; = 0.8 as there
is no shock wave present on the suction side. For M; = 0.7, there is a large
stabilising spike in aerodamping due to the shock wave unsteady pressure
amplitude spike having a stable phase of unsteady pressure. In the post-shock
region, the aerodamping is very similar to M; = 0.6, as there is little change
in the amplitude and phase of unsteady pressure between the two cases in
this region. This shows that the stabilisation of the M; = 0.7 case in figure
8.24 is due to the stabilising effect of the shock. For M; = 0.8, the supersonic
pre-shock region is stabilising, and the shock wave shifts the aerodamping
to a negative value in the region after the shock. For this case, the shock
wave itself is unstable, which creates a large spike in negative aerodamping
at approximately x/c = 0.25. The post-shock region for M; = 0.8 has large
destabilising aerodamping compared to the two other cases. This is due to
the increased unsteady pressure amplitude in the post-shock region.
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Figure 8.26 shows an aerodamping contour as a function of reduced fre-
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quency and inlet Mach number. Also plotted on this figure are the upstream
and downstream cut-on reduced frequencies. Here, the cut-on reduced fre-
quencies for each inlet Mach number were calculated using the respective free
stream flow velocity. It was shown in figure 8.18 that the variation of the
axial and circumferential Mach numbers did not have a significant effect on
the upstream and downstream cut-on reduced frequencies. Whereas in this
case, it can be seen that there is a much larger variation. For example, when
M; = 0.8, the upstream acoustic wave cuts on at approximately k& = 0.1,
whereas when M; = 0.5, the upstream acoustic wave cuts on at approxi-
mately & = 0.4. This shows that it is the magnitude of the Mach number
rather than the distribution of the axial and circumferential components with
constant magnitude that induces the largest changes in the cut-on frequency.

It was shown in figure 8.9 for the baseline transonic test case that the least
stable mode shapes are those with a reduced frequency just higher than the
downstream cut-on reduced frequency. Further analysis showed that there is
a phase change associated with the shock, which occurs when the downstream
acoustic wave cuts on which destabilises the blade. It can be seen from the
current figure that this conclusion is true for all inlet Mach numbers, as there
is a very close agreement between the cut on of the downstream acoustic
wave and a sharp drop in the work done per cycle as the reduced frequency
is increased. It can also be seen that there is a band of stability in the region
where the upstream acoustic wave is cut on and the downstream acoustic
wave is cut off. In the literature, this condition is associated with unstable
work being done on the blade, but the opposite trend is observed in the
current work. It is hypothesised that this change in trend is related to the
phase of unsteady pressure on the suction side. It was shown in the analysis
of the transonic test case that the total aerodamping is driven by the local
aerodamping on the suction side as a function of reduced frequency. For a
transonic compressor, it is highly unlikely that the downstream pre-cut on
and downstream post-cut on phases of unsteady pressure are comparable to
this two-dimensional case. For example, it was shown by Rendu [11] that
two-dimensional analysis of a three-dimensional rotating compressor is not
possible. This work stated that there is a radial flow migration that occurs
on the suction side due to low axial velocity after the shock and large adverse
pressure gradients due to the fan operating near stall. This causes the flow
to be centrifuged radially, which is not possible in this case. The radial
flow migration will induce a phase change downstream of the shock, which
propagates significantly slower due to the small radial velocity compared to
the axial or circumferential velocity. When the downstream acoustic wave
is cut off, the downstream travelling pressure wave propagates up into the
passage and interacts with this radial migration of the flow just before the
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shock front. This interaction between the radial flow migration and the
perturbation of pressure in the passage is suspected to be the root cause of the
differing results. Not only this, but it was also shown by Huang [38] that the
effect of the downstream wave cutting on and its effect on aerodamping can
even be different for three-dimensional rotating compressors with different
geometries and operating points. Therefore, it can be concluded that the cut
on of the upstream and downstream acoustic waves significantly changes the
state of the flow in the blade passage, which has a strong effect on the total
aerodamping, and this is highly case-specific.
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Figure 8.26: Work done per cycle contour as a function of inlet Mach number
and reduced frequency

8.7 Chapter Summary

The chapter begins with the validation of the steady and unsteady CFD re-
sults against computational implementation for standard configuration 10,
showcasing good agreement with Repar’s computational studies. Implemen-
tation of a sponge layer effectively acts as a 2D non-reflecting boundary
condition, ensuring accurate prediction of far-field flow. Investigation of a
transonic baseline case reveals unstable plunge-twist ratios occur when down-
stream acoustic waves are just cut on. A further increase in reduced frequency

138



destabilises due to energy loss to axial propagation. Aerodamping decreases
with increased blade incidence, primarily influenced by twist-induced un-
steady lift, especially near stall. Pressure side aerodamping exhibits sta-
bilising effects at low incidences but becomes destabilising with increased
incidence due to a velocity drop in the passage. A stability map depicts
critical flutter reduced frequency concerning incidence and plunge-twist ra-
tio, highlighting instability near downstream cut-on frequencies. Comparison
with a subsonic linear cascade shows destabilisation due to specific flow fea-
tures near stall rather than just a general increase in steady aerodynamic
loading. Increasing inlet Mach numbers generally destabilise the rotor; this
is predominantly driven by changes in suction side steady shock structures.
A stability map shows that there is a strong correlation between downstream
acoustic wave cut-on and flutter instability for a range of Mach numbers.
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9 Conclusions

Objective 1

Determine the effect of plunge-twist ratio, reduced frequency and nodal di-
ameter on flutter stability of a two-dimensional cascade using experimentally
validated CFD

CFD was validated against experimental data and showed good agree-
ment in terms of steady pressure, amplitude and phase of unsteady pressure
and total aerodamping for a range of different mode shapes.

Flutter analysis showed that the most unstable inter-blade phase angles
for a range of reduced frequencies and twist axis setbacks were low nodal
diameter forward travelling wave modes. It was shown that, generally, in-
creasing the reduced frequency is beneficial for flutter prevention. Analysis
of the travelling wave mode coefficients showed that at low reduced frequen-
cies, unsteady disturbances propagate more effectively to the blades that are
further away from the vibrating blade 0 as compared to higher frequencies,
which in turn decreases aerodamping. For high reduced frequencies, it was
shown that the aerodamping tends to zero as the blades become too stiff
to be affected by the flow. It was shown that generally larger plunge-twist
ratios are beneficial for preventing flutter. For some reduced frequencies, the
mode stabilises as [/¢ — 0.5 for a pure twist mode shape, indicating that it
is the cross coupling of plunge and twist vibration that induces the largest
instability at slightly larger [/c.

A stability map was developed that showed that for this cascade, some
of the blade stiffness could be sacrificed to reduce the modal frequency in
favour of a higher plunge-twist ratio to move the aerodamping to its most
stable location. The stability map showed that the flutter limit follows an
offset rectangular hyperbola of reduced frequency and twist axis setback for
the most unstable inter-blade phase angle o, = 40°.

It was noted that the implementation of the linear cascade creates some
flow features that are not representative of those in a typical low-speed com-
pressor section. This brought into question how well the linear cascade ap-
proximates the flow in a low-speed compressor and the validity of the AIC
method to determine the aerodamping. To validate the implementation, four
different cascades were investigated. The results showed that, despite differ-
ent implementations, the results were very similar. The conclusion is that
steady aerodynamic loading is not as critical as expected, and despite the
fact that the linear cascade is not tuned, the aerodynamic influence coefficient
method is still effective for predicting aerodamping. The primary reason for
this is that the blades closest to the vibrating blade 0 have a similar loading,
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and the influence of blades near the walls contributes very little to the total
aerodamping. It was shown that the aerodamping for 1F flutter of the linear
cascade can be effectively predicted using a purely analytical implementation
of the program code LINSUB [72]. This method had the additional benefit
that the code is freely available and faster than the high-fidelity CFD used
in the simulation of the linear cascade.

The primary goal of this objective was to validate the effect of reduced
frequency, plunge-twist ratio, and nodal diameter using experimental CFD.
The reasoning behind this goal is that, frequently, investigations of these
parameters are purely computational methods in the literature. The results
presented agree with those from the literature and critically validate the
observed trends using experimental data.

Objective 2

Develop a flutter model to physically explain the location of the stability limit
based on the results from the parametric study of the modal variables

A flutter model was developed based on the assumption that plunge and
twist vibration induced incidence is responsible for the change in aerodynamic
loading that causes flutter. The aerodynamic response was defined as the
unsteady lift and unsteady moment from which the work done per cycle
components can be found, which sum to produce the total work done per
cycle and subsequently the aerodamping. It was shown that in this case,
the amplitude of the unsteady lift and unsteady moment is proportional to
the vibration induced incidence, meaning that the unsteady response is in
fact driven by the change in incidence. However, this still left the phase to
be determined. Further simplifications were made to the model based on
results from the subsonic linear cascade. In the final section, an expression
was derived for the flutter stability limit, which could be determined from
known input parameters and the phase of unsteady lift and moment due to
twist vibration. It was shown that the flutter stability limit can be defined by
a non-standard rectangular hyperbola of reduced frequency and normalised
twist axis setback. The hyperbola is defined as non-standard as it is still
a weak function of reduced frequency. Further analysis showed that this
hyperbola can be defined as the ‘plunge-twist incidence ratio’, which is the
ratio of the amplitude of the plunge induced incidence and the twist induced
incidence. In conclusion, it was stated that engine designers should aim to
design blades with a large plunge-twist incidence ratio to ensure that flutter
does not occur.
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Objective 3

Determine how the inlet Mach number and flow incidence affect flutter sta-
bility of a highly loaded two-dimensional compressor cascade

Firstly, the steady and unsteady results were validated against the com-
putational implementation of Repar, as experimental data for the compressor
cascade standard configuration 10 is not available. The results showed very
good agreement with the steady-state flow. Implementation of a sponge layer
in the inlet and outlet ducts effectively modified the one-dimensional non-
reflecting boundary conditions into a two-dimensional non-reflecting bound-
ary condition. There is a good agreement with the work of Repar for the
spikes in aerodamping associated with circumferentially propagating acous-
tic waves, which indicates that the flow in the far field is being correctly
predicted.

The transonic baseline test case for standard configuration 10 was inves-
tigated. This revealed that reduced frequencies with the largest number of
unstable plunge-twist ratios occurred when the downstream acoustic wave
was just cut on. The change in the downstream acoustic wave from cut off
to cut on as reduced frequency is increased caused a destabilising change in
the phase of the shock. As the reduced frequency is increased further, ad-
ditional energy is lost to the axial propagation of the downstream acoustic
wave, which then results in high reduced frequencies becoming flutter stable.
It was shown that the stabilising of the mode as the plunge-twist ratio is
reduced down towards pure twist is due to the stabilising effect of the twist
vibration induced unsteady moment. Additionally, it was demonstrated that
the large destabilising effect at low plunge-twist ratios is caused by the twist
vibration induced unsteady lift.

A decrease in aerodamping was observed when the incidence on the blade
increased. The trends observed in the aerodamping were predominantly in-
fluenced by the aerodamping due to twist vibration-induced unsteady lift,
accounting for almost all of the unstable contribution to the aerodamping at
large incidences near stall. It was also shown that a change in the acoustic
wave properties is unlikely to be driving the instability seen at large inci-
dences. The pressure side local aecrodamping was identified as driving the
trends observed in the total aerodamping as the incidence increased. There
was a large stabilising effect near the leading on the pressure side for low
incidences due to a local stabilising flow separation due to the near choke
operating point. As the incidence increases, there is a destabilising offset in
phase on the pressure side due to the drop in axial velocity in the passage.
The suction side aerodamping has much smaller changes as the destabilising
effect of increased shock strength cancels with the stabilising trailing edge
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separation. A stability map was created that showed the critical flutter re-
duced frequency as a function of incidence and plunge-twist ratio for many
different incidences. This map revealed that for multiple incidences, the least
stable reduced frequencies are those just above the downstream cut on re-
duced frequency. The flutter stability limit for the standard configuration 10
cascade was compared to that of the subsonic linear cascade. It was shown
that it is not an increase in steady loading that is destabilising, but rather
specific flow features near stall that are destabilising. It was also highlighted
that a constant plunge-twist incidence ratio is no longer an effective defini-
tion of the flutter stability limit. This is due to complex flow features such as
shocks and separations, which break the assumptions made in the definition
of the model.

The inlet Mach number was varied at constant incidence and showed that,
in general, increasing the inlet Mach number destabilises the rotor. It was
shown that the decrease in aerodamping is driven by the change in aerodamp-
ing on the suction side, which in turn is related back to the amplitude change
in unsteady pressure due to the steady shock structure. A stability map of
the inlet Mach number and reduced frequency was defined. It was shown
that the cut on of the downstream acoustic wave is destabilising for all inlet
Mach numbers. Additionally, it was shown that reduced frequencies where
the upstream acoustic wave is cut on and the downstream acoustic wave is
cut off is stabilising for most inlet Mach numbers. This is quite contrary to
the literature for transonic fans, but it was shown that it may be possible
to relate this back to radial flow migration on the suction side, which is not
possible for the two-dimensional case.
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10 Future Work

e It was shown in chapter 8 that the most unstable mode shapes are
those with a reduced frequency, which is slightly above the downstream
acoustic wave cut on reduced frequency. This is the opposite trend
observed in transonic fans, which typically show instability when the
upstream acoustic wave is cut on and the downstream acoustic wave
is cut off. Further work should be conducted on both the standard
configuration 10 geometry and a transonic fan to better understand
the difference in these observed trends. Additionally, there is work
in the literature that suggests that the acoustic wave properties and
flutter are highly geometry-specific and should be examined.

e It was shown in chapter 7 that the stability limit can be defined by
an approximately constant plunge-twist incidence ratio. Further work
should be conducted to see if the plunge-twist incidence ratio can effec-
tively be used as a flutter stability criteria for a transonic compressor.
Primarily, it should be found if the unsteady lift and moment are still
driven by the vibration induced flow incidence, or if flow features such
as shock waves and radial flow migration mean that generated response
is no longer a function of vibration induced incidence only.

e Further work should be conducted to investigate the effect of changing
the gradients of the phase of unsteady lift due to twist and the phase
of unsteady moment due to twist with respect to reduced frequency
to find out the effect of this on the location and shape of the flutter
stability limit.

e The flutter model should be expanded, and a relationship for the phase
lag with respect to the inter-blade phase angle should be found to
generalise the model for all inter-blade phase angles.

e All of the mode shapes in this thesis are assumed to be rigid bodies. In
actuality, the mode shape of a typical aero engine compressor blade will
have some flexion of the blades themselves. The term preferred by the
author for this is ‘combined mode contamination’. It is suspected that
flexion of the blades, which act to increase the amount of twist in the
mode shape, will be destabilising. Further work should be conducted
to investigate the effect of contamination in combined mode shapes on
flutter stability.
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Appendices

I Proof of Work Done Analysis

i+ 2Cwi +wlr =0 (.1)
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where T' = 27 /wy is the period of the damped motion. It should also be

known that wy = w,/1 — (?
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